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ABSTRACT 


The  primary  objective  of  this  program  was  to  select  and  design  a  shaft- 
driven  lifting  rotor  system  for  a  heavy  lift  helicopter.  The  selection 
included  a  complete  parametric  analysis  of  the  aircraft,  based  on  three 
defined  missions:  lifting  a  20-ton  payload  20  nautical  miles,  lifting  a 
12-ton  payload  100  nautical  miles,  and  ferrying.  Several  aircraft  con¬ 
figurations  were  studied,  and  a  single  rotor  crane  arrangement  was 
selected.  Included  in  the  study  were  selection  of  engines  and  parametric 
sizing  of  all  major  aircraft  component  systems. 

The  aircraft  defined  in  this  study  has  a  takeoff  gross  weight  for  the  20- 
ton  mission  of  approximately  79,  000  pounds,  and  uses  a  single  lifting 
rotor  91. 6  feet  in  diameter.  Ferry  range  exceeds  2400  nautical  miles. 

While  differing  in  detail  from  any  existing  hardware,  the  rotor  system 
design  follows  directly  from  present  practice.  Methods  of  analysis  and 
allowable  stresses  used  in  this  study  are  the  same  as  those  used  in  exist¬ 
ing  models.  Analyses  of  aircraft  stability  and  control  characteristics 
and  rotor  system  stability  for  the  selected  configuration  have  been  per¬ 
formed,  and  the  methods  and  results  reported. he  rein.  For  all  of  the 
properties  studied,  both  the  aircraft  and  the  rotor  system  have  been 
phown  to  meet  or  exceed  the  requirements  of  applicable  specifications 
and/or  accepted  practice. 


FOREWORD 


This  report  covers  the  parametric  analysis  and  preliminary  design  and 
structural  analysis  of  a  shaft-driven  lifting  rotor  system  for  a  heavy  lift 
helicopter.  Sikorsky  Aircraft,  a  Division  of  United  Aircraft  Corporation, 
performed  this  study  under  contract  for  the  Department  of  the  Army. 
Principal  investigators  were  D.  S.  Jenney  and  J.  R.  Olson  in  performance; 
D.  E.  Cooper  and  R.  A.  Monteleone  in  handling  qualities;  W.  F.  Paul. 

R.  G.  Carlson,  and  B.  R.  Traphan  in  dynamics;  W.  F.  Schlenk  and 
M.  L.  Marquis  in  weights;  J.  A.  Longobardi  and  N.  J.  Francis  in  rotor 
blade  design;  and  L.  Vacca  and  G.  A.  Smith  in  rotor  head  design.  The 
engineering  team  was  headed  by  W.  J.  Dutton,  Supervisor  of  the  Experi¬ 
mental  Blade  Group.  The  study  was  administered  for  the  U.  S.  Army 
Aviation  Materiel  Laboratories,  Fort  Eustis,  Virginia,  by  Mr.  J.  Yeates, 
Group  Leader,  Aeromechanics  Group,  and  Mr.  W.  E.  Nettles,  Project 
Engineer. 
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SUMMARY 


DFSIGN  REQUIREMENTS 

Based  on  service  experience  with  many  models  of  Army  helicopters,  in¬ 
cluding  the  CH-54A,  initial  design  requirements  were  established  to  pro¬ 
vide  a  practical  helicopter,  utilizing  proven  design  features  to  facilitate 
application  to  many  military  logistics  operations. 

To  load  and  unload  large  cargoes  quickly  and  easily,  leading  to  rapid  turn¬ 
around  and  high  productivity,  and  to  allow  the  greatest  variety  of  load 
geometry,  external  cargo  carrying  was  deemed  necessary.  To  permit 
loading  in  advance  of  takeoff  and  autorotative  landings  with  a  load,  a 
clear  load  space  13  feet  high  under  the  fuselage  was  required.  A  wide¬ 
spread  landing  gear  was  required  to  straddle  large  loads,  and  to  maintain 
stability  on  uneven  terrain.  The  pilots  compartment  was  required  to  pro¬ 
vide  an  aft-facing  pilot's  station,  from  which  the  aircraft  can  be  flown  and 
the  winch  system  operated  for  accurate  load  placement. 


TABLE  I 

MISSION  REQUIREMENTS 


Transport 

Heavy  Lift 

Payload  (outbound  only) 

12  tons 

20  tons 

Radius 

100  naut  mi 

20  naut  mi 

V  cruise 

12-ton  payload,  110  kn 

20-ton  payload,  95  kn 

V  cruise 

No  payload,  130  kn 

No  payload,  130  kn 

Hovering  time 

3-min  takeoff 

2- min  mid -point 

5-min  takeoff 

10  min  @  destination 
(with  payload) 

Reserve  fuel 

10%  of  initial  fuel 

10%  of  initial  fuel 

Hover  capability 

6,000  ft,  95°F(OGE) 

SL,  59°  F  (OGE) 

Cruise  altitude 

SLS  atmosphere 

SLS  atmosphere 

Fuel  allowance  for  start, 

warm-up,  and  takeoff 

MIL-C-5011A 

MIL-C-5011A 

Ferry 

Ferry  range 

Reserve  fuel 

1500  naut  mi  (no  p>ayload-STOL  takeoff) 

10%  of  initial  fuel 

Fuel  allowance  for  start, 

warm-up, and  takeoff 

MIL-C-5011A 

Minimum  design  load 

factor 

2. OS 
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All  major  components  were  .equired  to  be  designed  for  replacement  or 
repair  "on  condition",  with  design  characteristics  to  permit  at  least  1200 
hours  between  overhauls  and  3600  hours’ retirement.  This  necessitates 
self- ins  peeling  devices,  such  as  chip  detection  systems  for  transmission 
system  components  and  automatic  blade  structural  inspection  devices. 
Maintenance  requirements  were  to  be  minimized,  leading  to  the  selection 
of  automatic  oil  lubrication  of  rotor  system  components.  And  above  all 
other  requirements,  stability  and  handling  qualities  were  to  be  as  good  as, 
or  better  than, existing  aircraft,  allowing  absolutely  no  compromise  which  * 

would  sacrifice  control  characteristics  for  size. 

The  design  missions  were  rigidly  adhered  to.  Initial  investigations  showed 
that  the  maximum  cost  effectiveness  could  be  obtained  by  designing  exact-  i 
ly  to  the  missions,  and  that  an  oversize  aircraft  would  be  as  unsatisfac¬ 
tory  a  design  solution  as  an  undersize  aircraft.  A  description  of  the 
design  missions  is  shown  in  Table  I. 

AIRCRAFT  CONFIGURATION 


The  principal  parameters  of  the  selected  configuration  are  grouped  in  the 
following  tables.  Dimensions,  basic  design  performance  parameters,  and 
general  arrangement  data  are  tabulated  as  characteristics  in  Table  II.  A 
breakdown  of  the  weight  empty  and  the  three  mission  gross  weights  is 
given  in  Table  III.  The  propulsion  and  performance  characteristics  are 
summarized  in  Table  IV.  The  general  arrangement  of  the  aircraft  is 
shown  in  Figure  39. 
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TABLE  II 

HLH  PARAMETERS  -  CHARACTERISTICS 


Rotor  diameter,  ft 

91.6 

Blade  chord,  ft 

2.58 

No.  of  blades  per  rotor 

6 

Blade  aspect  ratio  (R/C) 

17.7 

Rotor  solidity  (bC/trR) 

.  108 

Blade  airfoil  section 

NACA  0012 

Blade  twist  (negative), deg 

8 

Flapping  hinge  offset,  percent  radius 

8 

Rotor  tip  speed  (ft R), ft/sec 

700 

Max  mean  blade  lift  coefficient,  approx 

.7 

C-p /<r  (6000  ft,  95°  F,  12-ton  mission) 

.  no 

Disk  kr  ding,  20-ton  mission,  lb/ft^ 

12.4 

Fuselage  length,  ft 

103.6 

Fuselage  width,  ft 

7.0 

Fuselage  depth  (average), ft 

5.6 

Overlap,  percent  diameter 

- 

Configuration 

Crane 

Max  load  length,  ft 

no  aft 
limit 

Max  load  width,  ft 

22.5 

Max  load  height,  ft  (on-ground  loading) 

12.9 

Drag,  ft2:  No  external  load 

83.8 

Ferry 

93.8 

Outbound,  transport  mission 

133.8 

Outbound,  heavy  lift  mission 

133.8 

Payload  external 

50.0 

Vertical  drag  (with  ext  load), percent  thrust 

3.81 

Vertical  drag  (without  ext  load),percent  thrust 

3.56 

Internal  fuel  tankage,  gal 

970 

Tail  rotor  diameter,  ft 

22.67 

Max  tail  rotor  Cx/<r 

.  15 
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TABLE  III 

HLH  PARAMETERS  -  WEIGHT 


EMPTY  WEIGHT  (lb) 

Rotor  group 

7,115 

Tail  group 

1,330 

Body  group 

5, 190 

Alighting  gear  group 

3,275 

Flight  controls  group 

2,  360 

Propulsion  group 

9,  675 

Horizontal  stabilizer 

213 

Fuel  system 

408 

Fixed  equipment 

3,555 

Total  weight  empty 

33, 121 

GROSS  WEIGHT  (lb) 

20-ton  mission: 

Empty  weight 

33, 121 

Crew  (3) 

600 

Fuel 

3,  250 

Oil  and  trapped  fluids 

100 

Cargo 

40, 000 

Winch 

2,000 

Total 

79, 071 

12-ton  mission: 

Empty  weight 

33, 121 

Crew  (3) 

600 

Fuel 

6,  300 

Oil  and  trapped  fluids 

100 

Cargo 

24,  000 

Winch 

2,000 

Total 

66, 121 

1500-naut-mi-ferry: 

Empty  weight 

33, 121 

Crew  (3) 

600 

Fuel 

36, 202 

Oil  and  trapped  fluids 

100 

Aux  tankage 

2,300 

Total 

72,  323 
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TABLE  IV 

I  i LI  I  PARAMETERS  -  PERFORMANCE,  PROPULSION 


PERFORMANCE 

Velocit)  (SLS,  with  ext  load)  kn: 

Cruise,  20-ton  payload 

95 

Cruise,  12-ton  payload 

128 

Max,  20-ton  payload 

105 

Max,  12-ton  payload 

138 

Average,  ferry  mission 

100 

Max,  ferry  mission 

126 

Max  ferry  range,  naut  mi 

2, 080 

Takeoff  weight,  load  factor  2.  0  g,  lb 

98, 400 

Arbitrary  altitude  limit,  ft 

10,000 

PROPULSION 

Engine  type 

T64/S4A 

Nor  of  engines 

4 

Available  power  (SLS), HP 

13, 740 

Available  mil  power  (6000  ft,  95°F),HP 

10,  600 

Transmission  3600  hour  rating,  HP 

11,980 

Prive  system  mechanical  efficiency,  percent 

96  3 

PERFORMANCE 

The  12- and  20-ton  missions  have  been  used  to  size  the  helicopter.  Hover¬ 
ing  capability  out  of  ground  effect  at  6000-foot-altitude,  95-degree  Fahren¬ 
heit  day  conditions  is  that  required  to  perform  the  12-ton,  100-nautica1- 
mile  radius  mission.  Hovering  capability  out  of  ground  effect  under  sea 
level  standard  day  conditions  is  that  required  to  perform  the  20-ton,  20- 
nautical-mile  radius  mission. 

Actual  combinations  of  payload  and  mission  radius  that  can  be  flown  by 
the  aircraft  depend  largely  on  the  conditions  under  which  the  aircraft 
must  be  hovered.  Various  combinations  are  shown  in  Figure  1,  from 
which  it  will  be  noted  that  limiting  the  mission  hovering  requirement  to 
hovering  in  ground  effect  at  sea  level  standard  day  conditions  allows  a 
payload  of  nearly  26  tons  to  be  carried.  The  envelopes  show  the  effect  of 
load  geometry,  in  terms  of  parasite  drag  area. 

Cruise  speeds  at  sea  level  standard  day  conditions  are  95  knots  for  the 
20-ton  mission  and  134  knots  for  the  12-ton  mission.  Cruising  flight  can 
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be  maintained  with  2  engines  inoperative,  without  exceeding  normal 
rated  power  of  the  remaining  2  engines.  For  4-engine  operation  at  20-ton 
mission  gross  weight,  the  best  rate  of  climb  is  approximately  2350  feet 
per  minute.  Climb  rates  at  lower  gross  weights  are  correspondingly 
higher. 

The  ferry  requirement  does  not  dictate  any  of  the  design  features  of  the 
aircraft,  since  the  vehicle  configured  for  the  12- and  20- ton  missions  is 
capable  of  a  ferry  range  exceeding  the  stipulated  requirement  of  1500 
nautical  miles,  while  retaining  vertical  takeoff  capability.  By  using  2- 
engine  cruise  for  the  latter  part  of  the  flight  and  using  a  streamlined  ferry 
tank,  a  range  in  excess  of  2400  nautical  miles  is  obtained. 

BLADE  DESIGN 

The  blade  is  essentially  all  metal,  consisting  chiefly  of  an  aluminum  alloy 
spar,  a  titanium  alloy  root  end  attachment  fitting,  and  trailing  edge  fail  ¬ 
ings  made  from  aluminum  alloy  sheet.  The  spar,  a  "D"  shaped  extrusion 
machined  on  its  outer  contour,  forms  the  blade  leading  edge,  and  contains 
non -structural  counterweights  in  its  "nose"  portion.  The  root  end  fitting 
is  bolted  to  the  spar,  to  transfer  blade  loads  to  the  rotor  head.  The  trail¬ 
ing  edge  fairings  form  a  discontinuous,  and  therefore  non-structural, 
trailing  edge.  To  fair  the  tip  to  a  clear  aerodynamic  shape,  a  sheet  metal 
tip  cap,  extending  over  the  full  chord,  is  attached  at  the  blade’s  outboard 
end. 

To  provide  constant  monitoring  of  the  blade’s  structural  integrity,  the 
spar  is  sealed  and  pressurized.  A  pressure  loss  indicator  located  at  the 
inboard  end  provides  for  an  easy,  reliable  structural  inspection  before 
each  flight. 

The  rotor  blade  has  been  analyzed  for  both  cruise  and  maneuver  conditions. 
All  components  have  positive  margins  of  safety,  and  calculated  fatigue 
lives  far  exceed  the  required  3600  hours.  Because  of  its  excellent  struc¬ 
tural  characteristics,  the  continual  automatic  monitoring  of  its  integrity, 
and  the  extensive  service  background  with  blades  of  similar  construction, 
the  blade  can  be  used  indefinitely.  Overhaul  is  not  required  at  any  stated 
interval.  Repair  or  retirement  should  be  only  as  required  by  the  blade's 
actual  condition. 

ROTOR  HEAD  DESIGN 

The  rotor  head  retains  the  rotor  blades  to  the  main  rotor  shaft,  wruie 
permitting  the  blades  to  move  freely  and  align  themselves  with  the  resul¬ 
tant  of  the  dynamic  and  aerodynamic  forces  imposed  upon  them.  Each 
blade  is  attached  to  a  cylindrical  sleeve  which  surrounds  the  feathering 
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hinge  bearings.  Motion  about  this  hinge  is  controlled  by  the  rotor  control 
mechanism,  which  transmits  control  inputs  from  the  non-rotating  system, 
through  a  swashplate,  to  the  rotor  head. 

The  inner  member  of  the  feathering  hinge  is  retained  through  a  system  of 
two  perpendicular  hinges,  roughly  analogous  to  a  universal  joint,  to  the 
rotor  hub.  All  of  the  blade  hinges  are  equipped  with  oil -lubricated,  rolling 
element  bearings.  The  flapping  hinges  are  offset  from  the  rotor  center-  , 
line  by  a  radial  distance  of  36  inches,  providing  attitude  control  of  the  air¬ 
craft  with  a  variety  of  center- of-gravity  positions.  The  hub  consists  of  6 
conical  members,  bolted  to  the  shaft. 

f 

The  major  components  which  react  blade  loads  are  machined  from  titanium 
alloy  forgings,  while  the  swashplate  assembly  and  other  major  rotor 
control  system  components  are  of  forged  aluminum  alloy.  Like  the  blade, 
the  rotor  head  has  been  analyzed  structurally  for  both  maneuver  and 
cruise  conditions,  with  positive  margins  of  safety  throughout. 

AIRCRAFT  STABILITY  AND  CONTROL 


The  stability  and  control  characteristics  of  the  HLH  were  analytically 
investigated.  Wind  tunnel  data  for  the  similarly  configured  CH-54A  ',rere 
used  extensively  in  the  estimation  of  HLH  fuselage  aerodynamics.  The 
geometric  solution  for  the  HLH  rotor  system  underwent  further  aero¬ 
dynamic  analyses  in  conjunction  with  the  assumed  fuselage.  Trim  solu¬ 
tions  were  obtained  and  used  to  determine  optimum  tail  and  shaft  incidence. 
Stability  derivatives  were  calculated  for  the  final  configuration  and  used 
for  the  dynamic  stability  investigation.  Root  locus  techniques  were  used 
to  show  the  dynamic  characteristics  of  the  basic  airframe  in  six  degrees 
of  freedom, and  representative  solutions  with  Automatic  Flight  Control 
rystem  (AFCS)  added  were  also  obtained.  The  requirements  of  MIL-H- 
8501 -A  (Reference  4)  were  discussed  paragraph  by  paragraph.  For 
Visual  Flight  Rules  (VFR),  the  basic  airframe  meets  all  important  sta¬ 
bility  requirements  without  AFCS.  The  addition  of  AFCS  yielded  a  solu¬ 
tion  for  all  the  VFR  requirements  anc,  although  not  discussed  in  detail, 
would  also  satisfy  the  Instrument  Flight  Rules  (IFR)  section  of  the  speci¬ 
fication.  Point-by-point  comparison  of  the  HLH  to  the  production  CH-54A 
shows  the  similarities  and  differences  expected  for  the  HLH.  The  inves¬ 
tigation  of  size  effects  showed  that  handling  qualities  of  the  HLH  a^e  equal 
or  in  some  cases  better  than  those  of  the  CH-54A.  In  particular,  such 
relative  improvements  as  the  80-square-foot  horizontal  tail  yielded  con¬ 
siderably  less  nose-down  attitude  at  high  forward  speeds.  The  3-foot 
rotor  offset,  coupled  with  a  2- degree  sLift  incidence,  allows  CG  variation 
of  +  2  feet  in  any  direction.  The  lateral  shaft  incidence  allows  level  roll 
altitudes  with  a  minimum  cf  sideslip  throughout  the  speed  rrnge.  The  aft- 
facing  pilot  of  the  CH-54A  is  again  considered  for  the  HLH. 
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WEIGHT  BREAKDOW N 


A  summary  weight  breakdown  in  accordance  with  MIL-STD-451,Part  l,is 
shown  on  the  following  pages. 
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MIL-STD-451 ,  Part  I 
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DATE _ 
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PARAMETRIC  ANALYSIS 


CONCLUSIONS 

The  rotor  system  parametric  analysis  for  the  12- to  20- ton  Army  crane 
helicopter  has  yielded  the  following  results  and  conclusions: 

1.  The  following  table  lists  the  important  characteristics  of  the  single 
and  tandem  rotor  configurations  derived  in  this  analysis. 


TABLE  V 

CHA RACTERISTICS  OF  SINGLE  AND  TANDEM  ROTORS 


Single  Rotor 

Tandem  Rotor 

GW,  12-ton  mission,  lb 

65,  800 

67,300 

GW,  20-ton  mission,  lb 

78, 750 

80. 050 

Weight  empty,  lb 

32,800 

33, 880 

Rotor  diameter,  ft 

91.6 

70.6 

Number  of  blades  per  rotor 

6 

3 

Rotor  solidity 

.  108 

.  102 

Blade  aspect  ratio 

17.7 

9.4 

Disk  loading,  20-ton  mission  GW,  ib/ft* 

12.4 

12.0 

C j/<r,  6000-ft,  95°F,  12-ton  mission  GW 

.  no 

.  110 

Transmission  limit  power,  HP 

11,980 

11,860 

Both  configurations  are  powered  by  four  T64/S4A  engines  rated  at 
2,  650  HPfor  6000  feet, .95  degrees  Fahrenheit, with  transmissions  rated 
at  that  power  necessary  for  sea  level  standard  day  OGE  hover  at  the 
20-ton  mission  weight.  The  weights  for  the  two  solutions  are  similar, 
the  single  rotor  configuration  being  slightly  less.  Off-design  perfor¬ 
mance  and  stability  and  control  characteristics  of  the  two  configura¬ 
tions  are  similar.  The  single  rotor  design  has  superior  vibration 
characteristics  and  has  a  very  low  risk  of  catastrophic  component 
failure. 

2.  The  6000-foot,  95-degree  Fahrenheit  hover  requirement  for  the  12-ton, 
100-nautical-mile  radius  mission  is  the  critical  design  condition  for 
establishment  of  engine  power  and  rotor  diameter.  Rotor  blade  area 
is  that  required  to  avoid  blade  stall  at  the  required  95-knot  outbound 
cruise  speed  with  the  20 -ton -payload  mission. 

3.  Optimum  installed  power  consists  of  four  T64/S4A  engines  rated  at 
2, 650  HP  each  at  6000  feet,  95  degrees  Fahrenheit.  Higher  installed 
power  would  yield  slightly  lower  gross  weights  at  the  expense  of 


increased  disk  loading  and  fuel  consumption.  Flat  rating  of  installed 
power  by  limiting  the  transmission  to  the  power  required  for  sea 
level  standard  hover  at  the  20-ton  mission  weight  reduces  gross 
weight  by  about  3400  pounds  and  the  rotor  diameter  by  8  feet 
compared  to  that  required  if  the  transmission  were  configured  to 
absorb  full  SLS  power  available. 


The  following  trends  were  established  for  the  rotor  system  variables 
investigated  in  the  parametric  study: 

Rotor  diameter  should  be  the  minimum  required  to  meet  the 
critical  6000-foot,  95-degree  Fahrenheit  hover  requirement. 

Greater  number  of  blades  improves  aerodynamic  efficiency 
and  yields  a  slight  rotor  system  weight  advantage;  however, 
avoidance  of  high  blade  aspect  ratios  (>20),  which  increase 
the  rotor-fuselage  clearance  required  to  allow  for  static  blade 
droop,  limits  the  practical  number  of  blades  for  the  single 
rotor  configuration  to  six. 

Blade  area  resulting  in  a  maximum  Op/g-  of  .  115  is  allowable; 
however,  the  95-knot  20-ton  mission  cruise  requirement  dictates 
a  greater  total  blade  area  to  prevent  retreating  blade  stall.  The 
result  is  a  maximum  allowable  Cj/<r  of  .  110  for  both  the  single 
and  tandem  rotor  configurations  at  6000  feet,  95  degrees  Fahren¬ 
heit,  12 -ton  gross  weight.  Increased  blade  area  would  raise 
stall- limited  cruise  speed,  but  at  a  cost  of  about  340  pounds 
gross  weight  per  knot  and  a  diameter  increase  of  .  8  foot  per  knot. 

A  tip  speed  of  700  feet  per  second  provides  the  best  compromise 
between  good  rotor  hovering  performance,  characteristics  of  low 
tip  speed  and  low  blade  stresses  in  cruise,  characteristic  of 
high  tip  speed. 

A  blade  twist  of  -8  degrees  yields  suitably  high  rotor  aerodynamic 
efficiency  without  excessive  blade  vibratory  stresses  in  cruise. 

A  0012  blade  section  provides  good  low-speed  performance  and 
is  sufficiently  thin  to  prevent  excessive  blade  stresses  due  to 
compressibility  at  the  cruise  speeds  required.  This  selection 
is  in  contrast  to  current  practice  for  higher-speed  helicopters 
which  must  utilize  thickness  ratios  as  low  as  10  percent  to 
alleviate  compressibility  problems. 


... 

If 

1 1 

For  the  5-foot  CC  range  used  in  the  parametric  study,  an  8-per¬ 
cent  radius  flapping  hinge  offset  for  the  single  rotor  configuration 
provides  necessary  pitch  trim  control.  For  smaller  design  CG 
ranges,  smaller  offsets  can  be  used.  Lateral  CG  travel  and 
control  power  are  accommodated  in  the  tandem  with  1.5-percent 
radius  offset. 

5.  In  the  tandem  rotor  configuration,  the  rotors  are  overlapped  33  per¬ 
cent  of  diameter,  as  is  currently  being  done  in  production  tandem 
machines.  More  overlap  would  result  in  interference  between  the 
blades  of  the  front  rotor  and  the  rear  rotor  pylon,  while  less  overlap 
wouid  lengthen  the  fuselage  and  increase  empty  weight.  The  number 
of  blades  is  then  limited  to  three  per  rotor  to  prevent  blade  inter¬ 
ference  due  to  in-plane  hunting  motion,  in- plane  deflections,  and 
changes  of  rotor  phasing  resulting  from  interconnecting  shaft  windup. 

The  limit  on  number  of  blades,  in  tum,  requires  the  use  of  low 
aspect  ratios  to  obtain  satisfactory  rotor  solidity.  These  blade 
aspect  ratios  are  less  than  those  used  in  current  practice  and  intro¬ 
duce  weight  and  aerodynamic  uncertainties  which  reduce  the  con¬ 
fidence  level  in  hardware  achievability  of  the  parametrically  derived 
solution.  If  a  minimum  allowable  blade  aspect  ratio  were  established 
(12,  for  instance)  for  which  blade  weight  and  cruise  performance 
could  be  established  to  a  high  degree  of  confidence,  the  parametric 
optimization  would  result  in  a  larger  diameter,  somewhat  heavier 
tandem  configuration. 

6.  The  parametric  solutions  for  both  the  single  and  tandem  rotor  con¬ 
figurations  are  highly  sensitive  to  the  body  group  weight.  As  a  result, 
care  must  be  exercised  to  provide  satisfactory  fuselage  dynamic 
characteristics  and  stiffness -length  distribution.  The  2. 5g  flight 
load  factor  requirement  has  little  impact  on  body  group  weight. 

7.  The  1,  500-nautical-mile  ferry  range  requirement  imposes  no  restric¬ 
tion  on  the  helicopter  design  for  the  selected  engines.  Approximately 
2,100- and  1,900-nautical-mile  range,  for  the  single  and  tandem  ver¬ 
sions  respectively,  is  available  at  a  2g  load  factor  takeoff  gross 
weight,  and  2, 300  nautical  miles  is  attainable  with  minor  modifications 
to  reduce  drag  and  empty  weight  and  by  judicious  engine  shutdown. 

8.  For  the  large  single  rotor  helicopters  required  for  the  Army  heavy 
lift  missions,  further  weight  savings  over  those  shown  herein  are 
believed  to  be  possible  in  the  areas  of  the  tail  rotor  and  body  groups. 

Multi-tail  rotor  configurations  ("V"  tail,  for  instance)  may  be  lighter 
than  a  single  large  tail  rotor  and  may  also  offer  other  advantages 
such  as  improved  longitudinal  stability  and  pitch  control.  Possible 
use  of  a  "soft"  fuselage  to  avoid  the  structural  weight  needed  to 
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provide  stiffness  to  assure  higher  than  1/rev  fuselage  natural  fre¬ 
quency  response  also  merits  further  investigation  for  the  large  crane- 
type  fuselages  required. 

DESIGN  CRITERIA 

In  order  to  evaluate  properly  the  effects  of  rot6r  parametric  variation,  the 
basic  heavy  lift  operational  features  of  the  helicopter  must  be  held  constant. 
Thus  the  basic  mission  capability,  load  handling  features,  and  cargo 
geometry  envelope  are  standardized. 

Mission  requirements  are  defined  by  the  Army  as  follows: 


TABLE  VI 

MISSION  REQUIREMENTS 


12 -Ton  Payload 

20 -Ton  Payload 

Ferry 

OGE  hover  at  takeoff 

6,000  ft,  95°  F 

SLS 

Not  required 

Mission  radius 

ICO  naut  mi 

20  naut  mi 

-- 

Range 

__ 

-- 

1500  naut  mi 

Cruise  speed  outbound 

110  kn 

95  kn 

Optimum 

Cruise  speed  inbound 

130  kn 

130  kn 

-- 

(no  payload) 

Cruise  altitude 

SLS 

SLS 

Optimum 

Hover  time  at  takeoff 

3  min 

5  min 

None 

Hover  time  at  midpoint 

2  min 

10  min 

None 

All  missions  require  10-percent  fuel  reserve,  5 -percent  SFC  increase, 
and  2  minutes  at  normal  rated  power  for  warm-up  and  takeoff  (MIL-C- 
501 1A). _ | _ _ _ 


To  facilitate  rapid  cargo  loading  and  unloading,  improve  operational  flex¬ 
ibility,  and  maximize  payload  for  a  given  gross  weight,  the  external  load¬ 
ing,  crane-type  fuselage  is  used.  Ground  straddling  of  the  load  is  then 
possible,  and  rearward -facing  pilot  visibility  during  cargo  handling  is  a 
feature.  Anticipated  use  of  special-purpose  detachable  pods  provides 
internal  loading  capability  without  sacrificing  the  weight  necessary  to 
carry  around  \  permanently  large  fuselage.  Bulky  external  loads  can  be 
snugged  up  to  >e  crane  airframe,  imposing  no  penalty  on  STOL  capability, 
reducing  the  parasite  drag  of  the  load,  and  permitting  full  ground-effect 
utilization  in  hover.  In  addition,  safe  and  rapid  landings  can  be  made  with 
bulky  loads  attached  in  the  event  of  any  malfunction. 


A  fuselage  clearance  of  13  feet  provid 


for  on* or nn 

lv  O  1  C/i  V/l  1  e-x  vvt  -  ■  ■  ■ 


d  loading  and  unload- 


-  - - o  1  O 

ing  of  the  Army  inventory  of  heavy  vehicles  and  weapons.  The  fuselage 
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and  landing  gear  are  designed  to  allow  a  load  measur  ing  40  feet  long  by  15 
feet  wide  (representative  of  Army  flatting  bridge  equipment)  to  be  snugged 
up  to  the  fuselage.  Landing  gear  and  tail  groups  are  configured  to  allow 
"drive  under"  loading.  Sti  rctural  provisions  are  provided  for  both  single 
and  four  point  load  suspension.  A  longitudinal  CG  travel  of  +  2.  5  feet  for 
up  to  the  full  20- ton  design  payload  is  provided,  based  on  a  survey  of  that 
needed  to  handle  the  Army's  inventory  of  heavy  equipment. 

For  the  tandem  rotor  configuration,  three -bladed  rotors  overlapped  33 
percent  of  diameter  are  assumed,  consistent  with  current  practice.  More 
overlap  results  in  interference  between  the  blades  of  the  front  rotor  and 
the  rear  rotor  pylon,  while  less  overlap  increases  fuselage  length  and 
empty  weight.  The  number  of  blades  is  limited  to  three  per  rotor  to 
prevent  blade  mechanical  interference  due  to  in-planc  hunting  modem,  in¬ 
plane  blade  deflection,  and  changes  in  rotor  phasing  due  to  interconnecting 
shaft  windup. 

Fuselage  vibration  will  be  minimized  by  assuring  that  the  first  vertical 
bending  mode  natural  frequency  of  the  single  rotor  fuselage  both  with  and 
without  an  external  load  attached  exceeds  110  percent  of  1/rev.  The  first 
mode  of  the  tandem  fuselage  for  both  vertical  bending  and  torsion  will  be 
above  1/rev.  Hover  and  cruise  rotor  rpm’s  will  be  held  constant  to  reduce 
fuselage  vibrational  excitation. 

In  order  to  improve  operational  maintainability  and  aircraft  availability, 
it  is  assumed  that  no  removable  or  adjustable  aerodynamic  fairings  will 
be  used  except  for  special  cases  such  as  extended  ferry  range  where  the 
drag  cleanup  potential  outweighs  the  need  for  mechanical  simplicity. 


Figure  2  Single  and  Tandem  Roioi  Configurations 


Engine  installation  will  be  arranged  to  take  advantage  of  engine /transmis¬ 
sion  studies  already  completed.  The  sketches  of  Figure  2  illustrate  the 
general  arrangement  of  the  two  configurations. 

BASIC  DESIGN  INFORMATION 

This  section  deals  with  the  design  information  necessary  to  convert  iso¬ 
lated  rotor  system  performance  into  overall  helicopter  capability.  Includ¬ 
ed  are  parasite  and  vertical  drag,  drive  system  efficiency  and  accessory  * 
power,  mutual  rotor  aerodynamic  interference  and  asymmetrical  loading 
(tandem),  tail  rot  or  /horizontal  tail  sizing,  and  flapping  hinge  offset  deter¬ 
mination. 

* 

Parasite  Drag 

The  basic  heavy  lift  missions,  by  virtue  of  their  relatively  shoit  range 
and  low  speed  requirements,  do  not  demand  a  high  level  of  aerodynamic 
cleanliness.  However,  ferry  range  capability  is  a  consideration,  and 
thus  drag  has  been  minimized  as  much  as  possible  without  sacrificing 
weight  or  operation  1  flexibility.  The  crane-type  fuselage  with  an  external 
load  offei  s  substantial  drag  savings  over  the  cabin-type  with  an  external 
load,  since  the  load  can  be  snugged  up  behind  the  cockpit,  presenting  far 
less  frontal  area. 


TABLE  VII 
COMPONENT  DRAG 


Drag, 

f,ft2 

Item 

Single  Rotor 

Tandem  Rotor 

Fuselage  (including  cockpit) 

19.9 

23.  1 

Rotor  pylons 

3.7 

5.4 

Engine  nacelles 

6.0 

4.  1 

Main  rotor  head  (s) 

19.5 

21.9 

Tail  rotor  head 

3.9 

- 

Main  landing  gear 

14.  1 

14.  1 

Nose  landing  gear 

5.3 

5.3 

Horizontal  tail  (Cj  =  .  5) 

1.2 

- 

Antennae,  lights,  etc 

2.5 

2.5 

Momentum  cooling  losses  (130  kn) 

3.7 

3.7 

Miscellaneous  leakage  (59h) 

4.0 

4.0 

Total 

Typical  external  load 

83.8 

50.0 

84.  1 

50.0 

Total  with  external  load 

133.8 

134. 1 

20 


Component  drag  was  estimated  using  published,  semiempirica!  data  (Ref¬ 
erence  24)  and  Sikorsky  Aircraft  test  data  where  applicable.  Preliminary 
three-view  sketches  of  both  the  single  and  tandem  rotor  configurations 
were  used  to  establish  component  geometry.  Table  VII  summarizes  ti;e 
component  drag  breakdown  for  each  configuration. 

Although  the  component  breakdown  differs,  the  total  drags  of  the  single 
and  tandem  configurations  are  the  same:  f  =  134  square  feet  and  84  square 
feet  with  and  without  load,  respectively.  The  tandem  has  higher  fuselage 
drag  and  pylon  drag  (support  of  two  rotors  rather  than  one),  while  the 
single  rotor  configuration  has  slightly  higher  engine  nacelle  drag  (grouped 
together  rather  than  in  separated  pairs)  and  combined  rotor  head  drag. 

The  single  rotor  helicopter  also  has  a  horizontal  tail  which  is  lacking  in 
the  tandem. 

Rotor  head  drag  represents  about  25  percent  of  the  total  airframe  drag, 
and  is  based  on  analysis  of  the  detailed  design  configured  for  the  12*to  20- 
ton  crane  of  the  1962  study  (Reference  28).  Sikorsky  Aircraft  has  con¬ 
ducted  wind  tunnel  tests  of  various  rotor  head  configurations,  including 
full-scale  investigation  of  the  SH-3A  head.  These  testr  have  resulted  in 
the  establishment  of  a  rotor  head  drag  coefficient,  based  on  a  projected 
frontal  area. of  1.35  for  non-automatic  blade  folding  rotor  heads.  This 
coefficient,  applied  to  the  1962  crane  design,  produces  a  rotor  head  drag 
of  23.  1  square  feet.  It  has  also  been  established  that  rotor  head  size, 
and  resulting  drag,  is  a  characteristic  function  of  total  blade  area.  Non- 
dimensionalizing  on  this  basis  (blade  area),  the  1962  rotor  head  drag 
coefficient  is  .  0275.  This  coefficient  is  applied  to  determine  the  drag 
values  quoted  in  Ta':ie  VII. 

Identical  drag  penalties  are  assumed  for  both  the  single  and  tandem  heli¬ 
copters  to  account  for  landing  gear,  antennae,  lights,  and  miscellaneous 
leakage.  Momentum  drag  due  to  cooling  airflow  requirements  is  estimated 
at  a  representative  130  knots  by  scaling  up  known  cooling  requirements  of 
existing  helicopters  by  installed  power.  The  drag  of  the  external  load  is 
based  on  wind  tunnel  tests  conducted  by  Sikorsky  Aircraft  on  the  S-60  and 
S-64  ICH-54A)  crane  helicopters  with  various  types  of  external  loads. 

These  loads  included  simulated  heavy  trucks  and  trailers  and  produced  a 
nominal  drag  increment  of  f  =  50  square  feet. 

Vertical  Drag 


Because  of  the  relatively  large  hovering  time  inherent  in  crane-type  opera¬ 
tion,  where  loads  often  musTbe  transferred  over  rough  terrain,  hovering 
performance  is  particularly  important.  Asa  result,  the  payload -lifting 
decrement  due  to  the  drag  of  the  airframe  and  load  in  the  slipstream  of 
the  rotors  must  be  accounted  for.  Through  correlation  of  analytical 
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methods  with  model  testing,  Sikorsky  Aircraft  has  developed  a  technique 
for  predicting  vertical  drag.  This  technique  has  been  used  in  this  study. 
See  Figure  3.  It  involves  a  strip  analysis  of  the  rotor  slipstream  impinge¬ 
ment  on  the  airframe  and  takes  cognizance  of  slipstream  contraction  and 
the  partial  ground  effect  benefit  produced  by  the  airframe  on  the  rotor. 

Local  slipstream  velocities  and  drag  coefficients  are  determined  for  each 
airframe  area  impinged  upon  by  a  given  slipstream  element,  and  drag  is 
calculated  and  totalled.  Since  the  fuselage  exerts  a  partial  ground  effect 
on  the  rotor,  one-third  of  the  vertical  drag  is  "recovered"  in  useful 
thrust.  The  net  thrust  loss  is  thus  two- thirds  of  the  airframe  vertical 
drag. 


Figure  3  Slipstream  Impingement  on  Airframe 

The  net  vertical  drag  calculated  for  the  single  and  tandem  rotor  configura¬ 
tions  is  shown  in  Table  VIII  with  a  40-foot-x-  12-foot  load  assumed  as 
typical. 


TABLE  VIII 

NET  VERTICAL  DRAG,  PERCENT  ROTOR  THRUST 


Single  Rotor 

Tandem  Rotor 

Without  external  load 

With  40  ft  x  12  ft  external  load 

3.56 

3.  81 

3.57 

4.89 

The  vertical  drag  in  the  unloaded  configuration  is  nearly  identical  for  the 
single  and  tandem  rotor  configurations.  However,  the  external  load  for 
the  tandem  is  positioned  beneath  the  high  slipstream  velocity,  overlapping 
rotor  portions  of  the  disk  area,  and  thus  imposes  a  greater  penalty  than 
for  the  single  rotor  helicopter.  These  values  will  not  change  significantly 
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as  rotor  disk  loading  varies.  This  is  because  the  reduction  in  slipstream 
dynamic  pressure  resulting  from  a  decreased  disk  loading  if.  compensated 
for  by  the  larger  airframe  necessary  to  support  the  rotor(s). 

Drive  System  Efficiency  and  Accessory  Power 

The  mechanical  efficiency  of  me  overall  drive  systems  of  both  the  single 
and  tandem  rotor  configurations  is  assumed  to  be  96.  3  pe-cent,  based  on 
total  engine  power.  The  single  rotor  val  ie  is  derived  in  the  detailed 
analysis  of  the  12- to  20-ton  crane  transmission  system  described  in 
Reference  (8).  The  tandem  system  is  assumed  to  be  the  same,  since  the 
number  of  rpm  reduction  stages  between  engines  and  lifting  rotors  is  the 
same  as  for  the  single  rotor,  and  the  tandem's  cross -shafting  between 
rotors  absorbs  a  relatively  small  transmission  loss  (most  losses  are 
associated  with  speed  changing)  which  is  equivalent  to  the  tail  rotor  drive 
for  the  single  rotor  configuration.  This  is  in  disagreement  with  ether 
published  studies  which  show  somewhat  higher  losses  for  the  tandem. 

Accessory  power  is  assumed  to  be  100  HP  for  both  configurations,  consis¬ 
tent  with  that  used  in  Reference  (8). 

Tandem  Rotor  Aerodynamic  Interference  and  Asymmetric  Loading 


Aerodynamic  interference  between  rotors  of  the  overlapped  tandem  con¬ 
figuration  increases  the  induced  power  required  to  produce  a  given  total 
thrust  over  that  for  two  isolated  rotors  of  the  same  geometry.  In  the 
hovering  regime,  numerous  tests,  including  those  conducted  by  NASA  and 
Sikorsky  Aircraft,  have  resulted  in  an  induced  power  correction  factor  as 
a  function  of  rotor  overlap  which  agrees  reasonably  well  with  theoretically 
derived  trends.  This  is  illustrated  in  Figure  4.  The  test  data,  repre¬ 
senting  rotors  made  up  of  blades  with  sections  and  twists  consistent  with 
standard  practice  (ie,  not  "ideal"  twist,  taper),  fall  between  the  theoreti¬ 
cal  curves  for  uniform  and  parabolic  spanwise  blade  loading  derived  in 
NaSA  TN  D-43,  as  would  be  expected.  The  correction  factor  for  the  33 
percent  overlap  assumed  in  this  study  is  1. 12  (consistent  with  test  points) 
or  a  12-percent  increase  in  induced  power  over  what  woul  be  required  of 
two  isolated  rotors  producing  the  same  total  thrust. 

In  forward  flight,  the  interference  effect  on  induced  power  is  considerably 
greater  than  in  hover,  since  the  air  inflow  is  nearly  horizontal,  reducing 
the  effective  aspect  ratio  of  the  lifting  system  by  about  one-half,  compared 
to  two  isolated  rotors.  The  presence  of  tip  losses  reduces  the  diameter 
of  the  stream  tube  of  inflowing  air;  and  thus  the  effective  aspect  ratio 
is  even  less,  so  induced  power  correction  factors  of  over  2.0  are  pos¬ 
sible,  as  pointed  out  in  Reference  (51).  Since  vertical  displacement  of 


Induced  Power  Correction  Factor,  Pi  overlapped/?!  isolated 
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Figure  4  Hovering  Induced  Power  Correction  Due  to  Overlap 


the  front  and  rear  rotors  reduces  the  interference  somewhat,  a  value  of 
2,0  is  used  for  this  study  for  forward  speeds  above  60  knots. 

The  requirement  for  +  2.  5-foot  longitudinal  CG  travel  (refer  to  design 
criteria  section)  means  that  each  rotor  of  the  tandem  configuration  must 
be  capable  of  lifting  greater  than  half  of  the  total  weight.  Thus,  both 
rotor  diameter  (established  by  hover  requirement)  and  blade  area  (estab¬ 
lished  by  cruise  stall)  must  be  greater  than  if  each  rotor  had  to  support 
only  half  of  the  gross  weight.  This  asymmetric  loading  results  in  the 
following  empirical  relationship: 

T  (heavily  loaded  rotor)  =  GW  (1.667R^+  5.0)  (1) 

This  equation  is  used  to  establish  the  critical  rotor  lift  loading  for  both 
hover  and  forward  flight.  Propulsive  force  distribution  in  cruise  is 
assumed  to  be  evenly  split  between  the  twc  rotors. 

Tail  Rotor  and  Horizontal  Tail  -  Single  Rotor  Configuration 


The  tail  rotor  for  the  single  rotor  configuration  is  sized  to  provide  both 
main  rotor  torque  counteraction  and  a  thrust  margin  for  maneuvering 
capability.  Diameter  is  established  statistically  by  assuming  that  the  tail 
rotor  disk  loading  is  the  same  as  that  on  current  helicopters.  Since  tail 
rotor  moment  arm  is  essentially  proportional  to  main  rotor  radius,  this 
relationship  reduces  to  ^ 

f  Tail  rotor  diameter)  =  (2) 

1  '  **kMR 


Figure  5  shows  (Tail  rotor  diameter)2  plotted  versus  installed  shaft  power/ 
main  rotor  tip  speed  ratio  for  various  current  helicopters  and  shows  resul¬ 
tant  boundary  established.  The  expression  for  minimum  tail  rotor  diam¬ 
eter  then  becomes 


Tail  rotor  diameter 


5.5 


HP 

\jftRMR 


(3) 


Of  interest  is  the  MIL  Mi-6  point  on  Figure  5;  it  is  the  closest  of  existing 
helicopters  to  the  12-  to  20-ton  crane  size,  and  appears  somewhat  inade¬ 
quate  on  the  basis  of  this  criterion. 

Tail  rotor  blade  area  is  also  established  on  the  basis  of  existing  helicopter 
designs.  Current  tail  rotors  have  demonstrated  adequacy  at  blade  loadings 
of  C  t/o-  =  •  15  for  severe  maneuvers  represented  by  a  .  4  rad /sec2  yaw¬ 
ing  acceleration  in  a  30-knot  right  sidewind  at  the  critical  density  altitude 
ceiling.  For  the  12- to  20-ton  crane,  this  Cj/^-  is  applied  at  6,000 
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feet,  95-degrees  Fahrenheit  with  yawing  moment  of  inertia  estimated  by  the 
relationship 

■  (s)‘-“ .«« ■ «!  ™ 

and  a  fuselage  aerodynamic  yawing  moment,  based  on  CH-54A  test  data,  of 
7800  (■$ 

with  gross  weight  and  main  rotor  radius  is  shown  in  Figure  6  for  an 
assumed  tail  rotor  tip  speed  of  700  feet  per  second.  Thus  Figures  5  and  6 
define  tail  rotor  geometry  as  a  function  of  installed  power,  gross  weight, 
and  main  rotor  radius. 

The  steady-state  hover  power  required  by  the  tail  rotor  has  been  found  to 
represent  consistently  8  percent  of  total  engine  power.  The  constancy  of 
this  percentage  with  aircraft  size  is  assured  by  the  method  described 
above  for  determination  of  diameter. 

Horizontal  tail  area,  like  tail  rotor  size,  is  established  by  trends  gener¬ 
ated  by  existing  helicopters.  Figure  7  shows  the  product  of  tail  area  and 
main  rotor  radius,  representative  of  the  trim  pitching  moment  capability, 
versus  design  gross  weight.  Conservative  fairing  of  the  data  points  yieJ  Is 
the  expression 

Tail  area  =  (.  048  DGW  -  160^RMR  (5) 

which  is  used  to  size  the  12- to  20-ton  crane  tail  for  the  single  rotor  con¬ 
figuration.  The  tandem  rotor  helicopter  offers  a  shorter  tail  moment  arm, 
and  thus  a  tail  sized  by  this  same  criterion  would  be  large  and  would  im¬ 
pose  serious  parasite  and  vertical  drag  penalties.  Artificial  stabilization 
is  therefore  assumed  to  provide  adequate  longitudinal  stability  in  the  tan¬ 
dem  configuration. 

Flapping  Hinge  Offset 

Flapping  hinge  offset  for  the  single  rotor  configuration  is  established  by 
the  +  2.  5-foot  longitudinal  CG  criterion.  The  amount  of  offset  required 
depends  on  the  mass  and  geometry  of  the  blades,  and,  therefore,  cannot 
be  defined  precisely  until  the  rotor  system  geometry  is  established.  While 
the  use  of  offsets  considerably  larger  than  those  required  for  control  re¬ 
sponse  offers  the  advantage  of  greater  CG  travel  for  helicopters  weighing 
over  200,  000  pounds,  studies  have  indicated  that  for  gross  weights  of 
interest  in  this  study,  a  25-percent  offset  would  result  in  a  rotor  system 
weight  increase  of  approximately  12  percent  over  a  conventional  system. 
Disadvantages  associated  with  large  offsets  include  greater  gust  sensiti¬ 
vity  (particularly  important  for  crane-type  operation)  and  reduced  rotor 
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foot-pounds.  The  re  suiting  variation  of  tail  rotor  blade  area 
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Tail  Roto*.  Diameter 


Installed  Power  (HP) 


Main  Rotor  Tip  Speed  (URmr  ft/sec) 


KLH  Point 


MIL  Mi-6 
(ftR  =  700) 


CH-54A-.0/  ■ 

I  ®5^CH-53A 

^Z. L^^—. Original  CH-54A  iMarginal) 
Super  Frelon 


UH-19.HH-52A 


8 

Installed  HP /Main  Rotor  Tip  Speed  (ft/sec) 

Figure  5  Tail  Rotor  Sizing  Data  (Diameter) 
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6000  ft  .  95 °F 


.4  rad  /sec  z  nose-left  yaw 
30  to  right  side  wind 


(4)  T64/S4A's  @  2650  HP  each 


itSSB 


Main  Rotor  Diameter  (ft  ) 

Figure  6  Tail  Rotor  Sizing  Data  (Blade  Area) 


Design  Gross  Weight  x  10_J  (lb  ) 

Figure  7  Horizontal  Tail  Sizing,  Single  Rotor 
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aerodynamic  efficiency  due  to  less  lifting  blade  area  and  greater  in¬ 
board  cuff  drag.  For  these  reasons,  8  percent  offset  was  assumed  for  the 
parametric  study  of  the  single  rotor  configuration.  Since  required  offset 
depends  not  only  on  simple  CG  trim,  but  also  on  related  factors  such  as 
hover  and  flare  attitudes  and  resulting  visibility  and  clearance,  the  ap¬ 
proach  used  was  to  base  the  offset  on  hover  attitude  and  blade  flapping  con¬ 
siderations.  It  has  been  found  that  a  hover  nose-up  attitude  of  6  degrees 
represents  an  average  condition  for  an  aft  CG  and  does  not  produce  unrea¬ 
sonable  flare  attitudes  considering  both  visibility  and  tail  rotor -to- ground 
proximity.  The  forward  CG  condition  produces  the  same  flapping  stresses 
as  the  aft  CG.  Depending  on  the  longitudinal  shaft  tilt,  this  can  result  in 
nose-down  attitudes  varying  from  0  to  -6  degrees.  The  shaft  attitude 
initially  selected  for  the  single  rotor  crane  is  a  0  -degree  tilt  longitudinal¬ 
ly  and  a  3-degree  lateral  (left)  inclination  to  provide  an  optimum  hovering 
work  platform. 

The  8 -percent  offset  thus  produces  a  head  moment  constant  of  20, 100 
foot-pounds  per  degree,  and  results  in  less  than  ±6  degrees  of  attitude 
change  for  ±2.  5  feet  of  CG  travel.  A  smaller  CG  range  would  require  less 
offset. 

Flapping  hinge  offset  for  the  tandem  configuration  is  not  required  for  lon¬ 
gitudinal  CG  control,  since  differential  rotor  thrust  provides  this. 

However,  some  offset  is  necessary  for  adequate  lateral  CG  and  roll 
control.  For  this  study,  a  tandem  rotor  flapping  hinge  offset  of  1.5  percent, 
consistent  with  current  practice,  is  assumed. 

Summary 

Table  IX  summarizes  the  basic  design  data  derived  in  this  section  for  both 
the  single  and  tandem  rotor  configurations. 
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TABLE  IX 

SUMMARY  OF  BASIC  DESIGN  DATA 


Item 

Single  Rotor 

Tandem  Rotor 

Vertical  drag  with  external  load, 

%  thrust 

3.81 

4.89 

Vertical  drag  without  external  load, 

%  thrust 

3.56 

3.57 

Parasite  drag  with  external  load, 
f,  ft2 

134 

134 

Parasite  drag  without  external  load, 
f,  ft2 

84 

84 

Transmission  efficiency,  %  engine 
power 

96.3 

96.3 

Tail  rotor  power,  hover,  %  engine 
power 

8.  0  (hover) 

-- 

Tail  rotor  power,  cruise,  %  engine 
power 

4. 0  (cruise) 

-- 

Accessory  power,  HP 

100 

100 

Isolated  rotor  induced  power 
multiplication  factor,  hover 

-- 

1. 12  (hover) 

Isolated  rotor  induced  power 
multiplication  factor,  cruise 

-- 

2. 00  (cruise) 

Tail  rotor  diameter,  ft 

5.  5NHP/nRMR 

(Figure  5) 

— 

Tail  rotor  blade  area,  ft^ 

(Figure  4) 

-- 

Horizontal  tail  area,  ft2 

Heaviest  loaded  rotor  at  CG  extremes 

(.048  DGW-160)/Rmr  — 

(Figure  7) 

(L667M>xT  , 

3. 33R  total 

Flapping  hinge  offset 

.  08R 

.  015  R 

PARAMETRIC  WEIGHT  RELATIONSHIPS 


This  section  presents  the  weight  trends,  in  the  form  of  equations,  used  in 
the  parametric  study.  The  equations  and  their  correlation  with  existing 
helicopter  weights  are  shown  graphically  in  Figures  8  through  18. 

For  this  study,  the  evaluation  of  the  constants  in  the  general  equation, 

W  =  KPn,  is  achieved  for  each  weight  group  by  first  determining 
the  exponent,  n,  using  all  available  data.  The  coefficient,  K,  is  then 
found  using  data  from  helicopters  with  characteristics  similar  to  the  type 
under  consideration.  The  Sikorsky  S-64  (CH-54A)Flying  Cran^provides 
an  excellent  hardware  base  for  the  crane  concept  and  is  therefore  used 
extensively  in  determining  realistic  coefficients  to  the  equations.  The 
weight  equations  are  written  as  functions  of  helicopter  design  variables 
which  have  significant,  first-order  effects  on  weight.  Particular  attention 
is  given  to  the  rotor  parameters  which  constitute  the  base  for  this  study. 
Design  improvements  such  as  the  large  weight  savings  gained  by  use  of 
titanium  components  in  the  rotor  systems  of  the  S-65  (CH-53A)  and  S-61R 
(CH-3C)  have  been  incorporated  in  the  weight  trends.  Weight  reductions 
in  the  drive  system  (Reference  8)  have  also  been  used,  and  the  result  has 
been  significantly  lower  weight  solutions  than  those  shown  in  earlier  studies. 


Rotor  Group 
W 


rg  = 


where  W 
R 
C 
b 


rg 


K  (RC)L  292  (b)L  27  +  A 

Total  main  rotor  group  weight  -  lb 
Main  rotor  radius  -  ft 
Main  rotor  blade  chord  -  ft 

Number  of  blades  per  rotor 
For  the  single  rotor  configuration, 

K  =  1.47  with  titanium  components 

A  =  20  lb  for  fairings 

For  the  tandem  rotors  configuration, 

K  =  3.  29  with  titanium  components 


A  =  30  lb  for 


fairings 


(6) 


*®United  States  Official  Statutory  Symbol  for  Identification  of  Registered 
Trade  Mark 


Rotor  Radius  X  Main  Rotor  Chord 
re  8  Main  Rotor  Blade  Weight 


The  general  Sikorsky  trend  for  main  rotor  blade  weight,  as  shown  in 
Figure  8,  is  given  by 

Wb  =  1.092  (RC)1-36  (7) 

Since  the  coefficient  of  1.092  corresponds  to  blades  with  steel  cuffs,  it  is 
modified  to  reflect  titanium  cuffs  by  averaging  coefficients  obtained  from 
the  data  points  which  have  titanium  cuffs  (S-61R,  S-65,  and  the  Design 
Study,  in  Appendix).  The  resulting  expression,  applicable  to  both  single 
rotors  and  tandem  rotors, is 


wb  = 

1.0  (RC)1-36 

(8) 

The  rotor  group  weight  trend  is  given  by 

Wrg  = 

K  (Wb)°-  95  (b)1-27  (Figure  9) 

(9) 

K 

1.69  for  a  single  rotor 

K 

3. 78  for  tandem  rotors 

The  titanium  weight  savings  is  again  incorporated  into  the  expression  by 
modifying  the  coefficient  using  the  same  data  points.  The  expression  for 
a  single  rotor  configuration  becomes 

Wrg  =  1.47(Wb)0-95  (b)1-27  (10) 

Reducing  the  tandem  coefficient  to  a  comparable  basis  by  the  ratio 

K  _  JL47  , 

3.78  "  1.69 

the  tandem  rotor  group  weight  equation  becomes 

Wrg  =  3.  29  (Wb)°- 95  (b)1- 27  (11) 

In  order  to  reduce  the  number  of  equations  for  the  iterative  process, 
Equation (8)  is  substituted  into  Equations  (10)  and  (11),  resulting  in 
Equation  (6). 

Although  a  rotor  group  weight  equation  can  be  written  more  elaborately  in 
terms  of  more  or  different  variables,  experience  has  shown  that  the  sim¬ 
pler  relationship  shown  in  Equation  (6)  is  a  more  effective  weight  predic¬ 
tion  tool.  It  suffers  little  or  nothing  in  accuracy,  while  its  simplicity 
produces  a  decided  advantage  in  the  solution  of  iterative  problems.  The 
reason  for  its  effectiveness  lies  in  the  fact  that  other  variables  which 


Figure  9  Rotor  Group  Weight 
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affect  weight  have  either  exhibited  a  historical  dependence  on  the  chosen 
parameters  or  have  been  held  relatively  constant.  This  same  reason  also 
may  limit  the  application  of  Equation  (6),  as  discussed  below. 

One  variable  which  has  been  held  relatively  constant  in  the  past  is  the 
aspect  ratio  of  the  rotor  blades.  Equation  (6)  is  derived  from  data  with 
an  aspect  ratio  range  of  16-20.  Since  the  tandem  rotors  in  this  study 
have  aspect  ratios  well  below  16,  a  preliminary  investigation  of  centrifu¬ 
gal  force  is  made  to  achieve  a  qualitative  evaluation  of  the  effects  of  low 
aspect  ratio  blades  on  rotor  group  weight. 


A  measure  of  centrifugal  force  may  be  written  as 


Fc  = 

v, 

K  Wb  IL 

R 

where 

Fc  = 

Measure  of  centrifugal  force  -  lb 

wb  = 

Unit  blade  weight  -  lb 

Vt  = 

Tip  speed  -  ft/sec 

R 

Rotor  radius  -  ft 

K 

Dimensional  constant  -  sec^/ft 

By  assuming  constant  blade  area,  blade  weight  and  tip  speed,  the  equation 
may  be  rewritten  as 


Fc  °< 


1 

ArO.S 


(13) 


f 


\ 


! 

* 

I 


where  AR  =  Blade  aspect  ratio 

An  increase  in  aspect  ratio  from  16  to  20,  therefore,  decreases  the  centri¬ 
fugal  force  by  11  percent,  while  a  decrease  in  aspect  ratio  from  16  to  9 
increases  the  centrifugal  force  by  33.3  percent.  This  effect,  which  is 
oversimplified  by  the  assumption  of  constant  blade  weight,  is  illustrated 
graphically  in  Figure  10. 

To  relate  this  to  weight,  we  write 

wrg  oC  (F'c)"  <14> 


35  ! 

f 


or,  by  substitution, 


Variation  of  Centrifugal  Force  with  Aspect  Ratio 


(15 


W 


rg 


0. 5n 


Experience  indicates  that  l<n  <1.  5.  Taking  the  lower  value  results  in 
a  33. 3-percent  weight  increase  by  reducing  aspect  ratio  from  16  to  9 . 
Note  that  both  the  assumption  of  constant  blade  weight  and  the  assumed 
value  of  n  tend  to  minimize  the  effect  of  aspect  ratio. 


The  tandem  rotor  solution  in  this  study  has  an  aspect  ratio  of  9. 4.  For  a 
constant  tip  speed,  this  could  result  in  a  rotor  group  weight  30  percent 
higher  (2,  200  pounds)  than  that  predicted  by  Equation  (6).  A  penalty  of 
this  magnitude  requires  verification  based  on  detailed  analysis  and  cannot 
be  used  prematurely  in  a  quantitative  manner.  Equation  (6)  has  there¬ 
fore  been  used  without  modification  for  low  aspect  ratio  blades. 


Tail  Rotor 

Wtr  = 

where  Wtr  = 

^trb  = 
T 

A  - 


(°-236)%T8  +A  (16) 

T 

Tail  rotor  weight  -  lb 

Tail  rotor  blade  area  (bRC)  -  ft2 

A  first-order  measure  of  thrust  as  given  by 
HP 

(R)(rpm)  main  rotor  -  R  in  ft 

20  lb  for  central  oiling 


The  correlation  of  this  equation  with  existing  helicopter  tail  rotor  weights 
is  shown  in  Figure  11.  The  coefficient  of  0.  236  reflects  the  use  of  titanium 
components  in  the  hub  and  titanium  blade  cuffs. 


Although  this  equation  appears  to  imply  an  inverse  relationship  of  weight 
to  measure  of  thrust,  T,  such  is  not  the  case,  since  required  blade  area 
increases  with  thrust. 


Stabilizer 

ws  = 

1.40  Sa’15 

(17) 

where 

ws  = 

Stabilizer  weight  -  lb 

Stabilizer  area  -  ft^ 
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f 


Stabilizer  Weight,  Wg  (lb) 


I 


1  10  102 
Stabilizer  Area,  Sa  (ft  2) 

Figure  12  Stabilizer  Weight 
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This  equation  is  illustrated  graphically  in  Figure  12. 
Body  Group 


Wb 

= 

K  (DGW)0,  25  (R)1-84 

(18) 

where 

wb 

= 

Total  body  group  weight  -  lb 

DGW 

s 

Design  gross  weight  -  lb 

R 

= 

Main  rotor  radius  -  ft 

K 

= 

0.  272  for  a  single  rotor  crane  configuration 

K 

= 

0.  492  for  a  tandem  rotor  crane  configuration 

Equation 

(18)  is  derived  by  substituting 

Aw 

= 

K  R  2,088  from  Figure  14 

(19) 

K 

= 

0.  727,  single  rotor 

K 

- 

1.  230,  tandem  rotors 

into 

wb 

= 

K  (DGW)0-  25  (A\v)°*  88  from  Figure  13 

(20) 

K 

- 

0.  360,  single  rotor 

K 

= 

0.410,  tandem  rotors 

where 

Aw 

= 

Fuselage  wetted  area  -  ft2 

The  coefficient  of  0.  272  for  the  single  rotor  configuration  is  derived  by 
using  the  CH-54A  flying  crane  datum. 

K  =  (0. 360)(0.7  27)° 1  88  =  0.272  (Equation  18) 

The  tandem  crane  coefficient  in  Equation  (19)  is  obtained  by  applying  the 
same  ratio  to  the  existing  tandem  coefficient  that  is  obtained  by  comparing 
the  single  rotor  crane  coefficient  to  the  coefficient  for  a  single  rotor  cabin 
without  a  rear  loading  or  front  loading  feature.  The  comparison  is  made 
to  cabin  bodies  without  rear  or  front  loading  capabilities,  since  this  feature 
requires  a  local  fuselage  enlargement  in  a  single  rotor  cabin  and  results  in 
a  larger  wetted  area  for  a  given  radius  (evidenced  by  the  CH-37,CH-3C  and 
CH-53A  data  points  in  Figure  14)  while  for  a  tandem  configuration,  this  fea¬ 
ture  requires  little  or  no  enlargement  of  fuselage.  The  lower  single  rotor 
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coefficient  can,  therefore,  be  used  to  derive  a  tandem  crane  coefficient. 

For  Equation  (19)  then, 

K  =  =  1.230  (Figure  14) 

l 
\ 

The  difference  in  coefficients  shown  in  Equation  (20]^Figure  13,is  attribut¬ 
able  to  the  relatively  constant  tandem  body  depth  as  compared  to  the 
tapered  body  possible  in  a  single  rotor  configuration.  The  tandem  coef¬ 
ficient  in  Equation  (18)  then  becomes 

I 

K  =  (0. 410)  (1.23)°- 88  =  0.492 

i 

k 

Alighting  Gear 

Walg  =  0. 274  (DGW)0-  83  +  A  (21) 

where  ^alg  =  Alighting  gear  group  weight  -  lb 

DGW  =  Design  gross  weight  -  lb 
Single  rotor  A  =  100  lb  for  tail  skid  and  kneeling 

Tandem  rotors  A  =  60  lb  for  kneeling 

See  Figure  15  for  the  graph  of  this  equation. 

The  0.  274  coefficient  is  used  for  both  the  single  and  tandem  rotor  configu¬ 
rations.  The  vertical  centroid  of  the  tandem  configuration  is  generally 
higher  than  that  of  the  single  rotor  configuration  due  to  blade  clearance 
requirements  of  the  overlapping  rotors.  This  would  require  a  wider 
tread  for  the  main  landing  gear  on  the  tandem  configuration  to  meet  the 
same  overturn  requirements.  If  these  requirements  supersede  load 
clearance  criteria,  the  single  rotor  landing  gear  weight  will  be  slightly 
less  than  that  of  the  tandem. 

Flight  Controls 

Wfc  =  K  (DGW)0- 93  (Figure  16) 
where  Wfc  =  Weight  of  flight  controls  group  -  lb 

DGW  =  Design  gross  weight  -  lb 

K  =  0. 066  (Single  rotor  configuration) 
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/ 

(22) 


Body  Weight 


Fuselage  Wetted  Area,  (Including  Pylon),  (ft2 


Design  Gross  Weight,  DGW  (lb) 

'igure  15  Alighting  Gear  Weight 
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ff 


K  =  0. 092  (Tandem  rotor  configuration) 

Automatic  stabilization  equipment  is  included  in  Equation  (22). 

Engines 

i 

The  weight  of  the  engines  is  taken  from  engine  manufacturer's  specifica¬ 
tions.  Five  pounds  per  engine  is  added  for  residual  fluids  in  compliance 
with  MIL-W -25140  (ASG). 

Fuel  System 


Wfs  = 

0. 42  Fcap 

(23) 

» 

where 

Wfs  = 

Weight  of  fuel  system  -  lb 

Fcap= 

Fuel  capacity  -  gal 

This  is  consistent  with  a  fuel  system  similar  to  that  of  the  CH-54A Flying 
Crane. 

Drive  System 

The  drive  system  includes  gearboxes,  shafts,  lubricating  system,  rotor 
brake,  and  transmission  supports. 


where  Wds  =  Drive  system  weight  -  lb 

HP  =  Total  horsepower  required 

R  =  Main  rotor  radius  -  ft 

Vt  =  Main  rotor  tip  speed  -  ft/sec 

nr  =  Number  of  rotors 

K  =  33.  89  for  the  single  rotor  configuration 

K  =  78.  31  for  the  tandem  rotor  configuration 

This  equation  is  derived  by  substituting  rpm  =  ^0 Xl  into 

*  R  I 

! 

4  6 


Design  Study  -  Ref  8 


'WjfOjHk  n  ^ 


(qi)  9^W  s3qST3rt  ^uaujdinbH  paxi£ 


The  coefficient  for  the  single  rotor  equation  is  reduced  as  a  result  of  the 
weight  saving  documented  in  the  HLH  Transmission  Study  (Reference  8). 
The  statistical  coefficient  for  the  tandem  rotor  is  reduced  by  the  same 
percentage. 

Fixed  Equipment 

Wfe  =  3. 70  (DGW)°* 545  +  465  (26) 

Fixed  Equipment,  for  the  purpose  of  this  study,  includes: 

Instruments 
Hydraulics 
Electrical  Group 

Electronics  and  Navigational  Equipment 

F  urnishings 

Air  Conditioning 

Anti -Icing 

Auxiliary  Gear 

Although  the  weight  of  fixed  equipment  is  primarily  a  function  of  mission 
requirements,  there  is  a  significant  weight  factor  which  is  dependent  on 
aircraft  size.  Figure  18  illustrates  the  anticipated  weight  growth  from 
the  CH-54A  base  point. 

For  simplicity,  the  same  fixed  equipment  weight  equation  was  used  for 
both  the  single  and  tandem  rotor  configurations.  A  more  accurate  tandem 
prediction  would  result  from  the  addition  of  dual  transmission  instrument 
weights  and  an  allowance  for  the  longer  hydraulic  lines  necessitated  by  the 
remoteness  of  major  hydraulic  components  from  each  other.  These  chang¬ 
es  to  the  equation  would,  however,  require  a  detailed  design  study  fr"' 
accurate  results. 

Fixed  Weights 


This  group  consists  of  weights  which  are  held  constant  throughout  this 
study.  It  includes  the  components  of  Table  X. 


TABLE  X 

FIXED  WEIGHT  COMPONENTS 


Item 

Weight  -  lb 

Engine  Section 

770 

Air  Induction  System 

60 

Exhaust  System 

60 

Starting  System 

130 

Lubricating  System  (Engines) 

140 

Engine  Controls 

50 

Auxiliary  Power  Plant 

160 

Total  Fixed  Weights 

1,370  lb 

Balance 


The  selected  single  rotor  and  tandem  rotor  solutions  were  checked  for 
balance  characteristics,  and  both  meet  the  center-  if- gravity  travel 
requirements  of  +  2. 5  feet. 
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ROTOR  PERFORMANCE  METHODS 

Isolated  rotor  performance  is  determined  for  each  parametrically  assumed 
rotor  geometry  by  the  latest  available  analytical  methods.  These  are  the 
Goldstein -Lock  Method  for  hovering  and  the  Generalized  Rotor  Perfor¬ 
mance  Method  for  forward  flight.  Both  have  been  developed  and  refined  by 
Sikorsky  Aircraft  and  are  computerized  for  rapid  utilization.  Each  in¬ 
volves  a  strip  analysis  of  the  blade  using  two-dimensional  airfoil  data 
derived  by  full-scale  wind  tunnel  testing. The  elemental  blade  lift  and  in¬ 
plane  forces  are  integrated  spanwise  and  azimuthwise  to  determine  total 
thrust  and  power  for  an  assumed  hlade  pitch.  Local  compressibility  and 
stall  are  thus  fully  accounted  for,  and  different  airfoil  sections  are  easily 
evaluated. 

The  Goldstein-Lock  Method  for  determining  hovering  performance  is  a 
three-dimensional  analysis  which  accounts  for  the  effect  of  number  of 
blades  on  the  aerodynamic  losses  associated  with  the  development  of 
blade  tip  vortices.  Thus  "tip  loss”  is  automatically  accounted  for  and 
assumption  of  an  arbitrary  "tip  loss  factor, "  necessary  in  most  simpler 
methods,  is  not  required.  This  is  particularly  important  for  low  aspect 
ratio  blades  and  rotors  with  low  numbers  of  blades,  where  tip  losses  are 
significant.  Correlation  with  test-stand- measured  performance  of  rotors 
with  a  wide  range  of  geometries  has  demonstrated  the  accuracy  of  this 
method  and  has  yielded  the  necessary  correction  factors  for  leading  edge 
abrasion  strips  and  spanwise  flow  effects.  Figure  19  illustrates  the  good 
correlation  obtained  for  two  extremes  of  rotor  geometry- -a  five-bladed, 
62-foot-diameter  rotor  with  aspect  ratio  20.  4  blades  and  a  three-bladed, 

51 -foot-diameter  rotor  with  aspect  ratio  13  blades. 

The  Generalized  Rotor  Performance  Method  for  forward  flight  is  described 
in  Reference  18  and  is  the  method  used  to  generate  the  nondimensional  per¬ 
formance  charts  of  Reference  55.  This  analysis  solves  the  differential 
equation  of  blade  flapping  to  trim  the  rotor  and  then  integrates  the  ele¬ 
mental  blade  forces  to  determine  total  rotor  lift  and  power  .  Good  cor¬ 
relation  with  high  speed  (up  to  190  knots)  rotor  data  obtained  in  the  Ames 
wind  tunnel  tests  of  the  CH-34  main  rotor  has  been  demonstrated. 

This  method  also  provides  a  much  more  comprehensive  retreating  blade 
stall  criterion  than  is  possible  with  simpler  methods.  A  stall  parameter 
representing  the  maximum  spanwise-integrated  profile  drag  torque  at  the 
most  critical  retreating  blade  azimuth  is  calculated  for  each  trimmed 
condition.  More  conventional  criteria,  dealing  only  with  the  blade  tip  at 
270  degrees  azimuth, for  example,  are  inadequate  for  high  speeds  aqd 
blade  loadings.  By  application  of  the  bCQd/cr  criterion, the  blade  stall  and 
compressibility  effects  at  all  retreating  side  locations  are  fully  recognized. 
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A  cruise  blade  tip  loss  factor  of  .  97  is  assumed  throughout,  since  this  has 
proved  to  be  adequate  in  successful  correlations  of  flight  test  data  and  the 
Ames  wind  tunnel  results  discussed  above.  This  assumption  is  necessary 
until  an  accurate  method  for  evaluating  blade  tip  loss  in  forward  flight  is 
developed. 

ENGINE  SELECTION 

Selection  of  the  type  and  number  of  engines  for  the  12- to  20-ton  crane 
helicopter  is  fundamental  to  the  eventual  parametric  rotor  system  optimi¬ 
zation  and  must  therefore  be  established  early  in  the  study.  The  following 
engines  were  considered: 


TABLE  XI 


ENGINE  PERFORMANCE  DATA 


Engine 

6000  feet,  95°F 
Max  HP 

Dry  Weight 

SLS,  SFC 
at  1500  HP 

T64/S4A 

2650 

708 

.601 

T64/S5A 

3050 

765 

.639 

LTC4B-11A 

2640 

640 

.704 

JFTD12A-5 

3385 

930 

.935 

T-78  548-C2 

Performance  classified 

T-78  548-D2  (regenerative) 

Performance  classified 

For  each  engine,  various  6000-foot,  95-degree  Fahrenheit  powers  were 
assumed  (up  to  maximum  available)  and  a  rotor  system  was  derived 
iteratively  based  on  the  required  mission  capability.  Weight  and  perfor¬ 
mance  were  evaluated  on  the  basis  of  preliminary  data,  including  that  of 
the  1962  study  (Reference  27),  since  at  this  stage  in  the  study  fully  refined 
relationships  were  not  established,  and  rotor  system  refinement  such  as 
number  of  blades  and  solidity  could  not  be  defined  pending  completion  of 
the  rotor  parametric  study. 

The  results  of  the  engine  study  are  summarized  inFigures20  and  21, 
which  show  design  gross  weight  (20-ton  mission)  versus  installed  power. 
Also  shown  is  the  disk  loading  variation.  The  T-78  engine  curves  are  not 
shown  since  their  performance  is  classified,  but  conclusions  regarding 
their  use  are  included  herein. 

It  is  app  nt  that  gross  weight  continues  to  decrease  as  more  installed 
power  is  assumed  for  a  given  engine;  however,  associated  disk  loading 
also  increases  rapidly. 
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Design  Gross  Weight  (20-Ion  Mission)  ,  (lb  X  10“ 


NOTE:  These  curves  are  based  on  preliminary  empty  weight  equations  and 
rotor  performance  determination  and  do  not  illustrate  fully 
optimized  solutions  for  either  the  single  or  tandem  rotor 
configuration. 

Single  Rotor,  Altitude  =  6,000  ft,  Temperature  *  95°F 


Shaft  Horsepower  (HP  X  lO"^) 

Figure  20  Single  Rotor  Engine  Selection 


Tandem  Rotor,  Altitude  =  6,000  ft.  Temperature  =  95°F 
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On  the  basis  of  low  gross  weight  and  reasonable  disk  loading  (12  pounds 
per  square  foot),  four  T64/S4A's  rated  at  full  maximum  available  power 
were  selected  for  both  the  single  and  tandem  rotor  configurations.  The 
JFTD12A-5  is  unsatisfactory  as  a  result  of  high  fuel  consumption  and  dry 
-veight.  The  regenerative  T-78  (548-D2)  solution  at  the  same  disk  loading 
was  also  attractive,  but  resulted  in  a  slightly  higher  weight  empty,  which, 
combined  with  the  uncertainty  of  the  engine's  future  availability,  eliminated 
it  from  consideration.  The  nonregenera tive  version  of  the  T-78  (548-C2) 
is  not  as  good  a  solution  as  the  548-D2.  The  LTC4B-11A,  because  of  its 
higher  fuel  consumption,  is  not  competitive  with  the  T64/S4A,  particularly 
since  its  gross  weight  disadvantage  is  magnified  for  the  12-ton  mission. 

The  T64/S5A,  the  next  generation  version  of  the  T64/S4A,  is  a  less  desir¬ 
able  solution  because  of  higher  fuel  consumption  and  dry  weight. 

However,  if  rotor  and  drive  system  weight  reductions  had  not  been  achieved 
since  the  1962  study  (Reference  27),  the  higher  gross  weights  of  that  solu¬ 
tion,  and  corresponding  higher  Dower  requirement,  would  have  favored  the 
T64/S5A. 

The  T64/S4A  is  a  front-drive  rurboshaft  engine  rated  at  3695  military 
power  at  sea  level  standard  day.  It  will  be  available  in  its  production  ver¬ 
sion  in  mid- 1967.  Power  available  as  a  function  of  altitude  and  temperature 
is  shown  in  Figure  22, and  SFC  versus  power  is  shown  in  Figures  23 
through  25. 
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Figure  22  Estimated  Minimum  Performance  of  T64/S4A  Engine  Under  Static  Conditions 
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ROTOR  PARAMETRIC  METHODOLOGY 


The  rotor  parametric  study  includes  optimization  of  rotor  diameter,  solid¬ 
ity,  tip  speed,  number  of  blades,  blade  twist,  and  blade  airfoil  section  for 
both  single  and  tandem  rotor  configurations.  Four  T64/S4A  engines,  pro¬ 
ducing  a  total  of  10, 600  HP  at  6, 000  feet,95  degrees  Fahrenheit,  are  as¬ 
sumed  (see  engine  selection  section),  and  the  parasite  drag,  vertical  drag, 
rotor  interference  and  asymmetrical  loading,  tail  rotor  and  horizontal  tail 
sizes,  transmission  losses,  and  accessory  power  described  in  the  basic 
design  data  section  are  used. 

To  reduce  the  number  of  parametric  combinations  to  a  workable  level,  the 
twist,  tip  speed,  and  airfoil  section  variables  are  independently  optimized 
at  the  beginning  of  the  study,  based  on  the  rotor  sized  in  the  1962  study 
(Reference  27).  These  three  parameters  are  chosen  for  initial  selection 
because  their  effect  on  aerodynamic  performance  and  empty  weight  is 
small  compared  to  diameter  and  solidity.  Number  of  blades  is  a  variable 
only  for  the  single  rotor  configuration  and  is  retained  as  a  major  variable. 
After  the  rotor  systems  are  parametrically  optimized,  these  variables 
are  again  investigated  to  confirm  the  initial  selections. 

With  twist,  tip  speed,  and  airfoil  section  defined,  diameter,  solidity,  and 
number  of  blades  are  systematically  varied  to  produce  27  finite  rotor 
sys;  3  for  the  single  rotor  configure ti on  and  9  for  the  tandem  (limited  to 
three-nladed  rotors).  For  each  combination  the  hover  gross  weight  capa¬ 
bility,  empty  weight,  and  mission  fuel  are  calculated  to  yield  payload. 

Cross  plots  then  yield  the  12  to  20-ton  payload  solutions  which,  with 
boundary  conditions  superimposed,  result  in  the  optimum,  minimum  weight 
single  and  tandem  rotor  solutions.  Boundary  conditions  include  maximum 
blade  loading  ( C^p/cr )  allowable  to  prevent  blade  stall, and  static  blade 
droop  considerations.  The  final  configurations  arrived  at  by  this  procedure 
are  then  checked  to  determine  the  validity  of  the  initially  selected  twist, 
tip  speed,  and  airfoil  section  values. 

Figure  26  is  a  flow  chart  illustrating  the  parametric  technique.  The  fol¬ 
lowing  pages  discuss  in  greater  detail  the  procedure  followed. 

Initial  Twist,  Tip  Speed,  Airfoil  Section  Selection 

The  rotor  design  optimized  in  the  1962  study  (Reference  27)  was  used  as  a 
base  for  the  investigation  of  twist,  tip  speed,  and  airfoil  section  effects. 
Criteria  considered  included  hover,  cruise  power  required,  retreating 
blade  stall,  and  blade  stresses  in  cruise.  Flight  conditions  required  in 
three  design  missions  (12-ton,100-nautical-mile  radius;  20-ton,20*nautical- 
mile  radius;  and  ferry)  were  first  investigated  at  nominal  values  of  twist 
(-11  degrees), tip  speed  (675  feet  per  second),  and  airfoil  section  (0012)  to 
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Figure  26  Rotor  System  Parametrics,  Flow  Chart 


determine  the  critical  flight  condition  for  each  criterion.  These  critical 
conditions  are: 


Hover  power: 

Cruise  power: 

Cruise  stall: 
Cruise  stresses: 


6000  feet,  95°F,  OGE  hover  at  GW  = 

76, 000  pounds  (12 -ton  hover) 

SLS,  V  =  95  knots  at  GW  =  85, 000  pounds, 
f  =  200  square  feet  (20-ton  outbound) 

Same  as  cruise  power 

SLS,  V  =  130  knots  at  GW  =  48, 000  pounds, 

f  =  100  square  feet  (12,  20-ton  inbound) 


For  these  critical  flight  conditions,  twist,  tip  speed,  and  airfoil  section 
were  each  varied  independently,  holding  the  other  two  constant,  to  deter¬ 
mine  the  effect  on  power,  stall,  and  blade  stress.  The  Gold  stein -Lock 
and  Generalized  Rotor  Performance  methods  described  previously  were 
used  to  determine  hovering  and  cruise  performance,  respectively.  The 
Coupled  Blade  Flatwise-Edgewise  Torsional  Aeroelastic  Analysis  developed 
by  Sikorsky  Aircraft  (Reference  3)  was  used  to  calculate  blade  stresses  in 
cruise. 


Figures27  through  29  show  the  results  of  this  investigation.  Avoidance  of 
retreating  blade  stall  in  cruise  requires  a  tip  speed  of  over  665  feet  per 
second  for -11 -degree  twist  and  680  feet  per  second  for  -8 -degree  twist. 
Both  hover  and  cruise  power  are  minimized  at  a  tip  speed  of  680-700  feet 
per  second.  Blade  stress  decreases  with  increasing  tip  speed.  High 
blade  twist  is  desirable  to  minimize  power  and  is  also  beneficial  in  terms 
of  alleviating  cruise  blade  stall.  However,  blade  vibratory  stresses  in 
cruise  are  highly  sensitive  to  twist,  and  this  becomes  the  dominant  factor 
in  twist  selection. 

Four  airfoil  sections,  varying  i  t  chickness  from  10  percent  to  12  percent 
chord,  were  investigated  in  terms  of  their  influence  on  power  required 
and  retreating  blade  stall.  The  airfoil  lift  and  drag  characteristics  used 
are  the  result  of  extensive  two-dimensional  wind  tunnel  testing  by  Sikorsky 
Aircraft.  The  10,  11,  and  12  percent  thickness  ratio  airfoils  have  the 
same  leading  edge  radius  of  1.  6  percent  chord.  In  addition,  a  10.  7  per¬ 
cent  thickness  ratio,  1.0  percent  chord  leading  edge  radius  airfoil-- 
representing  essentially  that  used  on  the  CH-54A--was  included  to  show 
the  effect  of  a  sharper  leading  edge.  As  Figures  27  through  29  illustrate, 
power  required  and  blade  stall  are  both  improved  with  thicker  sections. 

The  sharper  leading  edge  reduces  power  required  still  more,  due  to 
reduced  advancing  blade  drag,  but  is  less  desirable  in  terms  of  retreating 
blade  stall.  Blade  vibratory  stresses  increase  with  increasing  thickness 
ratio.  The  selected  0012  section  represents,  for  the  12- to  20-ton  mission 
requirements,  the  best  compromise  between  low  power  (high  thickness 
ratios)  and  low  blade  stresses  (low  thickness  ratios).  It  is  noteworthy  that 


XL  R  =675  ft  /sec  .  NACA  0012  AIRFOIL 

Dia  =  95  ft  ,  b  =  6,  C  =  2.95  ft  (1962  Study  -  Reference  27) 
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Twist  (degree) 


Figure  27  Preliminary  Airfoil  Selection,  Twist  Effect 
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fli*  11°.  NACA  0012  AIRFOIL 

Dia  =  95  ft  ,  b  =  6,  C  =  2.95  ft  (1962  Study  -  Reference  27) 
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Figure  28  Preliminary  Airfoil  Selection,  Tip  Speed  Effect 
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HR  «  675  ft  /sec  ,  0i  =  -11° 

Dia  =  95  ft  ,  b  =  6,  C  -  2.95ft  (1962  Study  -  Reference  27) 
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Figure  29  Preliminary  Airfoil  Selection,  Airfoil  Effect 
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this  trade-off  is  different  for  helicopiers  designed  for  higher  speed  opera¬ 
tion,  which  require  a  thinner  optimum  airfoil,  such  as  the  CH-53A. 

Assuming  a  maximum  al’owable  total  blade  vibratory  stress  of  +  6,000 

pounds  per  square  inch,  a  retreating  blade  stall  criteria  of  b(^Qd  =  .  0035 

<r 

(see  Reference  55),  and  power  minimization  in  both  hover  and  cruise,  the 
following  are  selected: 

Tip  speed:  700  feet  per  second 

Blade  twist:  -8  degrees 

Airfoil  section:  0012 

Although  this  analysis  is  based  on  the  single  rotor  helicopter  optimized  in 
Reference  27,  the  same  general  conclusions  are  applicable  to  the  tandem 
configuration,  since  the  weights  and  drags  are  similar  and  the  flight  con¬ 
ditions  are  identical.  Twist,  tip  speed,  and  airfoil  section  effects  are 
rechecked  for  both  configurations  at  the  conclusion  of  the  parametric  study. 

Diameter,  Solidity,  Number  of  Blades  Investigations 

With  the  twist,  tip  speed,  and  airfoil  established,  a  systematic  variation 
of  rotor  diameter,  solidity,  and  number  of  blades  was  investigated  for 
the  single  and  tandem  rotor  configurations.  Preliminary  analysis  yielded 
the  range  of  diameters  necessary  to  encompass  a  gross  weight  (20-ton, 

6, 000-foot,  95-degree  Fahrenheit  hover)  range  of  from  60,  000  to  80,  000 
pounds,  within  which  the  final  configuration  was  expected  to  occur.  Values 

of  from  .075  to  .  115  were  assumed,  representing  irean  blade  lift 

C 

coefficients  of  approximately  .  50  to  .  75.  The  maximum  value,  _X=  .  115, 

<r 

was  picked  to  correspond  to  the  highest  blade  loading  demonstrated  success¬ 
fully  by  existing  helicopters.  Additional,  special  tests  conducted  by  Sikor¬ 
sky  Aircraft  with  a  three-bladed  S-61  proved  that  no  undesirable  flying 
characteristics  are  encountered  at  this  level  (Reference  31).  Six,  eight, 
and  ten  blades  were  assumed  for  the  single  rotor  configuration.  For  the 
tandem,  the  assumed  33-percent  overlap  eliminates  consideration  of  more 
than  three  blades  because  of  in-plane  mechanical  interference.  Parametric 
variables  that  were  considered  are  shown  in  Table  XII. 

For  each  combination,  the  Goldstein -Lock  Method  was  used  to  calculate 
6,000-foot,  95-degree  Fahrenheit  thrust  capability  as  a  function  of  power. 
This  thrust  capability  was  converted  to  gross  weight  at  the  power  available 
(10,600  HP  -  four-T64/S4A's)  by  using  the  vertical  drag,  rotor  interference, 
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TABLE  XII 

PARAMETRIC  VARIABLES 


Single  Rotor 

Tandem  Rotor 

Diameter 

80 

100 

120  feet 

60 

75  90  feet 

£t  (Representative 
a  of  solidity) 

.075 

.095 

.  115 

.075 

.095  .115 

Number  of  blades 

6 

8 

10 

3 

Total  no.  of  parametric 
combinations 

27 

9 

asymmetric  loading,  tail  rotor  power,  and  transmission /accessory  losses 
described  previously.  Fuel  weight  for  both  the  20-  and  100-nauticaHnile- 
radius  missions  was  estimated  for  each  combination  of  parameters  through 
use  of  the  nondimensional  forward  flight  performance  charts  of  Reference 
55  by  assuming  12-  and  20-ton  payload  capability,  respec*ively.  Three- 
engine  cruise,  with  the  remaining  engine  shut  down,  is  as  mined  for  cruise, 
since  two-engine  flight  is  possible  in  case  of  engine  failure,  and  a  substan¬ 
tial  fuel  saving  is  obtained.  As  a  result,  the  difference  in  weight  between 
the  12-ton  mission  and  the  20-ton  mission  was  determined.  This  yielded 
design  gross  weight  (20-ton  mission)  for  each  parametric  combination  for 
use  in  the  empty  weight  equations.  Also,  the  12-ton-mission  fuel  defines 
integral  tankage  required.  Transmission  power  was  established  as  that 
required  to  hover  OGE  at  sea  level  standard  day  at  the  20-ton  mission 
gross  weight.  Tail  rotor  and  horizontal  tail  size  were  determined  for  the 
single  rotor  configuration  by  the  method  described  in  a  previous  section. 

Thus  the  following  information,  necessary  to  determine  empty  weight, 
was  established  for  each  parametric  point: 


1. 

Rotor  diameter 

2. 

Rotor  solidity 

3. 

Rotor  tip  speed 

4. 

Number  of  blades 

5. 

Design  gross  weight  (20- ton  mission) 

• 

6. 

12-ton  mission  fuel  (integral  fuel  tankage  required) 

7. 

Tail  rotor  blade  area  and  horizontal  tail  area 
(single  rotor  configuration) 

It  is  obvious  that  the  assumed  12-  and  20-ton  payload,  used  to  establish 
fuel  required,  will  not  be  met  exactly  with  all,  or  probably  any,  of  the 

6  7 
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specific  parametric  combinations  assumed.  However,  since  the  finally 
selected  configuration  will  by  definition  have  this  capability,  and  will  be 
checked  specifically,  this  procedure  is  valid. 

With  gross  weight  and  empty  weight  established,  the  payloed  for  each  para¬ 
metric  point  is  determined  by  assuming  700  pounds  for  three  crewmen  and 
trapped  fluids  and  2000  pounds  for  a  four -point,  20-ton  capacity  winch 
system.  Tables  XIII  through  XVI  tabulate  the  weights  derived  for  each 
assumed  rotor  system.  Figures  30  and  31  show  the  resulting  variation  of 
payload  for  a  100-nautical-mile  radius  with  rotor  radius  and  number  of 
blades  for  the  single  and  tandem  configurations,  respectively.  Figures 
32  and  33  show  the  corresponding  variation  of  takeoff  gross  weight. 

Figures  34  and  35  illustrate  the  cross-plotted  solutions  at  12-ton  payload 
as  a  function  of  gross  weight  and  rotor  radius,  which  represent  the  results 
of  the  parametric  study. 
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TABLE  XIII 

HELICOPTER  WEIGHT  BREAKDOWN, 
SINGLE  ROTOR,  R  =  40  FEET 
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Payload  (tons) 
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100-Nautical- Mile-Radius  Mission 


Figure  30  Payload  Versus  Rotor  Radius,  Single  Rotor 
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Payload  (tons) 


100-Nautical-Mile-Radius  Mission 
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Figure  31  Payload  Versus  Rotor  Radius,  Tandem  Rotor 


100-Nauticalr  Mile-Radius  Mission 
12-Ton  Payload 


Figure  34  Gross  Weight  Versus  Rotor  Radius,  Single  Rotor 
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Figure  35  Gross  Weight  Versus  Rotor  Radius,  Tandem  Rotor 
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PARAMETRIC  RESULTS 


Figures  34  and  35,  as  discussed  in  the  previous  section,  illustrate  the 
results  of  the  rotor  parametric  study  for  the  single  and  tandem  rotor  con¬ 
figurations,  respectively.  General  conclusions  regarding  diameter  and 
solidity  apply  to  both  single  and  tandem  rotor  configurations. 

Obviously,  the  lowest  gross  weight  is  obtained  with  the  smallest  diameter. 
However,  as  diameter  decreases,  so  also  does  total  blade  area,  since 
Ct/ct-  is  increasing.  The  critical  cruise  condition  of  95  knots  with  20-ton 
payload  dictates  that  on  the  basis  of  retreating  blade  stall  a  certain  minimum 
blade  area,  resulting  in  a  maximum  allowable  blade  loading,  or  C t/<*-  = 

.  110,  is  required.  This  limit  is  shown  on  Figures  34  and  35  and  estab¬ 
lishes  the  minimum  gross  weight  solution  obtainable.  It  should  be  noted 
that  higher  stall-limited  cruise  speeds  are  attainable  with  lower  Cj'/a- 
(more  blade  area).  However,  this  results  in  a  gross  weight  penalty  of 
about  340  pounds  per  knot  and  an  .  8 -foot-  diameter  increase  per  knot  and  is 
therefore  not  considered  herein. 

Concerning  number  of  blades,  another  factor  becomes  important  for  the 
single  rotor  configuration.  Although  a  large  number  of  blades,  with  re¬ 
sulting  long,  narrow,  high  aspect  ratio  geometry,  improves  both  hovering 
efficiency  and  blade  weight,  other  factors  must  be  considered.  The  re¬ 
duced  flatwise  stiffness  of  extremely  high  aspect  ratio  blades  increases  the 
rotor-fuselage  clearance  required  to  allow  for  static  and  dynamic  blade 
droop.  Large  numbers  of  blades  also  increase  the  complexity  of  the  rotor 
head  and,  after  a  point,  probably  increase  both  rotor  head  weight  and  drag 
beyond  what  is  considered  in  the  parametric  analysis.  The  logistics  prob¬ 
lems  associated  with  many  blades  are  also  a  consideration.  With  these 
factors  in  mind,  and  because  of  the  relatively  small  weight  reduction  indi¬ 
cated  by  the  parametric  weight  trends  (200  pounds  going  from  six  to  ten 
blades),  six  blades  are  selected  for  the  single  rotor  solution. 

The  selected  single  and  tandem  rotor  solutions  are  shown  in  Table  XVII. 


TABLE  XVII 

DESIGN  PARAMETERS  FOR  SELECTED  ROTORS 


Single  Rotor 

Tandem  Rotor 

Rotor  diameter,  ft 

91.6 

70.6 

Rotor  design  0^/^  (6000  ft,  95  °F) 

.  110 

.  110 

Rotor  solidity,  bC  /^R 

.108 

.  102 

Blade  chord,  ft 

2.58 

3.76 

Number  of  blades 

6 

3  per  rotor 

Blade  aspect  ratio 

17.7 

9.4 

Flapping  hinge  offset,  ft 

3.64 

.53 

With  the  two  rotor  systems  defined  parametrically,  weight  empty  and  mis¬ 
sion  fuel  were  checked.  In  this  case,  fuel  was  determined  by  calculating 
cruise  power  required  rigorously  rather  than  by  use  of  the  nondimensional 
charts  of  Reference  55.  Th?  weight  breakdown  and  resulting  gross  weight 
were  in  close  agreement  with  the  parametrically  determined  values. 

Table  XVIII  shows  the  fuel  breakdown  for  the  two  design  missions,  includ¬ 
ing  average  gross  weight  and  power  for  each  mission  leg. 

The  weight  breakdown  for  both  the  single  and  tandem  configurations  is 
shown  in  Table  XIX, 

For  the  selected  configurations,  variation  in  twist,  tip  speed,  and  airfoil 
section  were  again  investigated  to  confirm  the  initially  selected  values. 
Figures  36  through  38  show  the  results  of  this  study  in  similar  form  to 
Figures  27  through  29.  Although  the  weights  and  drags  for  the  critical 
flight  conditions  are  different  from  those  in  the  initial  study  which  was 
based  chi  the  rotor  system  of  Reference  27,  it  is  apparent  that  the  same 
factors  which  influenced  the  initial  selection  of  700-foot-per-second  tip 
speed,  -8-degree  twist,  and  a  0012  airfoil  section  also  apply  to  the  opti¬ 
mized  diameter-solidity-number  of  blades  solutions  for  both  the  single 
and  tandem  configurations  and  that  the  same  values  are  desirable. 

With  the  geometry  of  the  two  selected  configurations  established,  three- 
view  sketches  were  made  to  illustrate  weight  balance,  rotor  clearances, 
and  landing  gear  geometries.  These  are  shown  in  Figures  39  and  40  for 
the  single  and  tandem  rotor  configurations,  respectively.  It  should  be 
noted  that  establishment  of  the  elaborate  details  of  fuselage  design  and 
component  arrangement  was  not  undertaken  at  this  time.  The  sketches 
can  therefore  be  considered  rigorously  accurate  only  in  those  details 
studied  on  the  parametric  analysis. 
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TABLE  XVIII 

MISSION  FUEL  BREAKDOWN  _  _ _ 

12-Ton  Payload  Mission 

Single  TOGW  65, 800  lb  Tandem  TOGW  67, 300  lb 
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TABLE  X!X 
WEIGHT  BREAKDOWN 


Weight,  lb 

Single  Rotor  Tandem  Rotor 


Rotor  group 

6,  820 

7,375 

Tail  rotor  group 

1.330 

-- 

Horizontal  stabilizer 

213 

__ 

Body  group 

5,  190 

5,  810 

Alighting  gear 

3,275 

3,270 

Flight  controls 

2,360 

3,320 

Engines 

2,  852 

2,  852 

Drive  system 

6,  795 

7,  265 

Fuel  system 

408 

434 

Fixed  equipment 

3,555 

3,  555 

Empty  weight 

32, 798 

33, 881 

4-point,  20- ton -capacity  winch 

2,000 

2.000 

Crew  (3)  and  trapped  fluids 

700 

700 

GW  less  fuel,  payload 

35,  498 

36, 581 

100-naut-mi-radius  mission 

Payload 

24,000 

24,000 

Fuel 

6,  300 

6,720 

Gross  weight 

65,798 

67 ; 301 

2Q-nauHRi-radiyis  mission 

Payload 

40,  COO 

40, 000 

Fuel 

3,  250 

3,470 

Gross  weight 

78,  748 

80, 051 

Ferry  mission  (1500  naut  mi) 

Payload 

0 

0 

Fuel 

36, 200 

41,220 

Aux  Tankage 

2,  300 

2,  700 

Gross  weight 

72,  000* 

78,  500* 

*  Without  winch 


Perturbations  are  based  on  selected  single,  tandem  rotor 
solutions.  Except  as  noted,  single  and  tandem  trends  are 
the  same.  i)  R  -  700  ft  /sec  ,  NACA  0012  Airfoil 
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Figure  36  T  inal  Perturbations,  Twist  Effect 


83 


650  700  750 
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Figure  37  Final  Perturbations,  Tip  Speed  Effect 


Perturbations  are  based  on  selected  single, tandem  rotor 
solutions.  Except  as  noted,  single  and  tandem  trends  are 
the  same.  -  -8°,  ft  R  =700  ft  /sec 
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Figure  39  General  Arrangement,  Single  Rotor, 
12 -20 -Ton  Skycrane® 
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This  section  summarizes  the  side-by-side  characteristics  erf  the  optimized 
single  and  tandem  rotor  configurations.  Table  XX  lists  the  basic  physical 
characteristics  erf  both. 

Other  factors  which  must  be  considered  in  evaluation  of  the  two  configura¬ 
tions  are  off-design  performance,  stability  and  control,  vibration,  and 
reliability /maintainability  characteristics.  These  factors  are  discussed 
in  the  following  pages. 

Performance 


Hover  ceilings  for  standard  and  95-degree  Fahrenheit  temperatures,  power 
required  at  various  gross  weights  versus  speed,  maximum  speed  capabil¬ 
ity,  and  climb  performance  were  determined  as  functions  of  gross  weight 
for  each  configuration.  These  are  illustrated  in  Figures  41  through  49. 

Since  the  mission  hovering  requirements  were  used  to  size  the  rotor 
systems  parametrically,  OGE  hover  capability  is  nearly  identical  for  the 
single  and  tandem  helicopters  for  the  same  useful  load.  Single  rotor  gross 
weight  hover  capability  is  somewhat  less,  since  less  gross  weight  is  re¬ 
quired  for  the  same  payload.  The  single  rotor  configuration  has  a  greater 
in-ground-effect  advantage,  since  the  ratio  of  rotor  height  above  ground  to 
rotor  diameter  is  lower  for  the  same  wheel  clearance.  This  is  illustrated 
in  Figures  41  and  42. 


Cruise  power  required  is  somewhat  less  for  the  single  rotor  helicopter 
(at  equal  gross  weight)  with  a  corresponding  increase  in  specific  range. 

In  cruise,  the  tail  rotor  absorbs  4  percent  of  engine  power  in  the  single 
rotor  configuration.  The  tandem  configuration  has  no  tail  rotor,  but  its 
induced  power  is  greater  than  for  the  single  rotor  because  of  its  shorter 
span.  Induced  power  is  inversely  proportional  to  span  squared,  as  follows: 


kL2 
p Vb2 


(27) 


where 


b  =  span  =  2R 


k  =  2/550 


Table  XXI  illustrates  the  relative  tail  rotor  and  induced  power  increments 
for  the  single  and  tandem  configurations  at  various  forward  speeds.  A 
gross  weight  of  6QP00  pounds  is  assumed  for  both. 

The  effective  span  of  the  tandem  helicopter  can  be  increased  by  sideslip¬ 
ping;  however,  this  increases  parasite  drag  and  is  impractical  except 
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TABLE  XX 

SUMMARY  OF  PHYSICAL  CHARACTERISTICS 


i 


Single 

Tandem 

Gross  weight,  12-ton  mission,  lb 

65,800 

67, 300 

Gross  weight,  20- ton  mission,  lb 

78, 750 

80,050 

Weight  empty,  lb 

32,800 

33, 880 

Rotor  diameter,  ft 

91.6 

70.6 

Number  of  blades  per  rotor 

6 

3 

Blade  chord,  ft 

2. 58 

3.76 

Rotor  solidity,  be  /rt  R 

.  108 

.102 

Blade  aspect  ratio 

17.7 

9.4 

Blade  airfoil  section 

0012 

0012 

Blade  twist,  deg 

-8 

-8 

Rotor  tip  speed,  ft  ,ec 

700 

700 

Flapping  hinge  offset,  %  radius 

8 

1.5 

Maximum  lotor  Op/^  ,  6000ft,  95°F,  12-tonGW 

.  110 

.110 

Maximum  blade  mean  Ci,  95°F-  12-ton  GW 

Disk  loading,  20-ton  GW,  lb/ft^ 

,7<a> 

.7<a> 

12.4 

12. 0(b) 

Parasite  drag,  no  external  load,  ft^ 

84 

84 

Parasite  drag  with  external  load,  ft^  r 

134  . 

134.  . 

Parasite  drag,  ferry  configuration,  ft^ 

Vertical  drag,  no  external  load,  %  thrust 

94  (c; 

94(c) 

3. 56 

3.57 

Vertical  drag  with  external  load,  %  thrust 

3.  81 

4.  89 

Power  plants 

T64/S4A’s 

T64/S4A'i 

No.  of  engines 

4 

4 

Fuselage  length,  ft 

103.6 

75.8 

Ground  clearance,  ft 

13 

13 

Rotor  overlap,  %  diameter 

-- 

33 

Tail  rotor  diameter,  ft 

22.7 

-- 

Horizontal  stabilizer  area,  ft^ 

80 

-- 

Integral  fuel  tankage,  gal 

970 

1035 

NOTES:  (a)  Approximate 

(b)  Based  on  projected  disk  area 

(c)  Without  fairings 
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for  short  periods  at  low  speed. 

Power  required  versus  speed  and  gross  weight  is  shown  in  Figures  43 
through  46.  The  power  limitations  imposed  by  four-,  three-,  and  two- 
engine  utilisation  are  shown  in  these  plots,  illustiating  the  feasibility  of 
the  three-engine  cruise  assumed  for  the  design  missions. 

In  climb  capability  the  single  rotor  configuration  has  an  advantage  over 
the  tandem,  again  because  of  the  induced  power  penalty  for  the  latter.  As 
a  result,  the  best  rate  of  climb  of  the  single  is  about  600  feet  per  minute 
more  than  the  tandem  at  equivalent  useful  load.  Maximum  endurance  and 
service  ceiling  are  correspondingly  greater  for  the  single  rotor  configu¬ 
ration.  Relative  climb  capability  is  illustrated  in  Figure  47. 

TABLE  XXI 

TAIL  ROTOR  AND  INDUCED  POWER  INCREMENT  _ 


GW  =  60,000  lb,  SLS  95  kn  110  kn  130  kn 


Single  rotor: 

tail  rotor  power 
induced  power 
-  total - 


Tandem: 

induced  power 


146 

165 

210 

1. 300 

1,120 

950 

1,446 

1,285 

1, 160 

2, 190 

1,885 

1,600 

For  the  same  payload,  the  stall- limited  cruise  speed  capabilities  of  the 
two  configurations  are  similar,  again  because  this  was  a  determining  fac¬ 
tor  in  the  rotor  parametric  analysis.  This  is  shown  in  Figure  49. 

Performance  is  compared  for  the  two  configurations,  single  and  tandem 
rotor,  in  Table  XXII.  For  comparative  purposes,  hover,  cruise;  and 
climb  capabilities  are  shown  for  each  a  .he  gross  weights  necessary  to 
perform  the  two  design  missions. 

Ferry  range,  the  third  mission  requirement,  is  illustrated  for  the  two 
configurations  in  Figure  49  as  a  function  of  takeoff  gross  weight.  Optimum 
altitude  (up  to  10, 000  feet)  and  cruise  speed  are  assumed,  with  a  1  -  per¬ 
cent  reduction  in  best  specific  range  per  MIL-C-5011A.  Three-engine 
cruise  after  takeoff  is  used  to  conserve  fuel.  Fuel  for  normal  rated  power 
climb  at  500  feet  per  minute  in  two  5000-foot  increments  is  included.  A 
10-square-foot  drag  penalty  is  applied  to  both  configurations  to  account  for 
externally  mounted  auxiliary  fuel  tankage.  This  value  is  felt  to  be  conser¬ 
vative  and  is  based  or  the  size  tankage  required  to  take  advantage  of  full 
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TABLE  XXn 

DESIGN  MISSION  PERFORMANCE 


SMgle  Potoi  Tandem  Rotor 
f  =  '34  f  =  134 


12-  ton,  100-naut-mi -radius  mission: 

Gross  weight,  lb 

65,800 

67,  300 

OGE  hover  ceiling,  95°F,  ft 

6,000* 

6,000* 

IGE  hover  ceiling,  95°F,  ft 

(10-ft  wheel  clearance) 

8, 400 

7, 100 

OGE  hover  ceiling,  std  temp, ft 

11,000 

11, 550 

IGE  hover  ceiling,  std  temp,  ft 

13,  850 

12, 750 

Max  cruise  speed,  stall,  SLS,  kn 

134 

134 

OEI  max  speed,  SLS,  kn 

141 

138 

OEI  max  ROC,  NRP,  SLS,  ft/min 

2,210 

1,600 

OEI  max  specific  range,  SlS, 

naut  mi  /ib  fuel 

.0353 

.0315 

20-  ton.  20-naut-mi-radius  mission: 

Gross  weight,  lb 

78, 750 

8Q050 

OG  5  hover  ceiling,  std  temp,  ft 

SL* 

SL* 

IGE  hover  ceiling,  std  temp,  ft 

7, 100 

3, 900 

Max  cruise  speed,  stall,  SLS,  kn 

95* 

95* 

OEI  max  speed,  NRP,  SLS,  kn 

122 

119 

OEI  max  ROC,  NRP,  SLS,  ft/min 

1,380 

700 

OEI  max  specific  range,  SLS, 

naut  mi  /lb  fuel 

.0285 

.0244 

*  Parametric  design  points 
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Figure  43  Forward  Flight  Characteristics,  Single  Rotor 
Basic  Fuselage  Configuration 
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Figure  44  Forward  Flight  Characteristics,  Single  Rotor 
External  Load  Configuration 
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Figure  46  Forward  Flight  Characteristics,  Tandem  Rotor 
External  Load  Configuration 
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Figure  47  Best  Rate  of  Climb  Versus  Gross  Weight 
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Figure  48  Speed  at  Onset  of  Stall 
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ferry  range  capability  at  maximum  allowable  gross  weight  (2.  Og  load 
factor). 

Because  of  the  excellent  fuel  consumption  characteristics  of  the  T64/S4A 
engine,  the  1500-nautical-mile  Army  requirement  is  easily  met  and  im¬ 
poses  ho  limitation  on  the  design  of  the  helicopters.  Of  particular  interest 
is  the  fact  that  for  1500  nautical  miles,  vertical  takeoff  is  possible,  since 
the  gross  weights  are  lower  than  those  required  for  the  20-ton  payload 
mission  which  has  OGE,  SLS  hover  capability.  At  maximum  takeoff  gross 
weight,  defined  by  a  load  factor  of  2.0g,  the  obtainable  ferry  ranges  are 
2080  and  1870  nautical  miles  for  the  single  and  tandem  configurations, 
respectively. 

Additional  investigation  of  the  single  rotor  configuration  shows  that  con¬ 
siderable  extension  of  cruise  range  can  easily  be  accomplished.  Simply 
by  cruising  on  two  engines  for  the  latter  part  of  the  flight,  an  11-percent 
range  increase  can  be  obtained.  The  external  fuel  tank  can  be  stream¬ 
lined  to  act  as  a  fairing,  cutting  down  fuselage  drag  instead  of  increasing 
it,  resulting  in  still  another  5-percent  increase.  The  resulting  16-Dercent 
range  improvement  increases  capability  at  a  2.  Og  load  factor  takeoff  weight 
to  over  2400  nautical  miles,  as  shown  by  the  dashed  line  in  Figure  49-  It 
should  be  noted  that  the  only  special  equipment  required  to  achieve  the 
ranges  shown  by  this  curve  is  the  external  tank  kit  and  that  the  helicopter, 
which  does  not  have  to  be  stripped  or  faired,  arrives  at  its  destination 
ready  to  go  to  work.  Because  the  ferry  tank  is  external,  it  is  quickly  dis¬ 
connected  and  removed,  as  if  it  were  any  other  payload.  Further  range 
improvement  is  possible  through  use  of  droppable  fuel  tanks,  additional 
component  fairings,  removal  of  nonessential  equipment,  and  cruise  above 
10, 000-foot  altitude.  However,  since  the  two  changes  investigated  result 
in  greater  range  than  that  required  to  ferry  from  San  Francisco  to  Hawaii, 
from  Hawaii  to  Wake,  or  from  Midway  to  Tokyo,  no  additional  range 
improvement  measures  were  investigated.  Similar  range  extension  changes 
in  the  tandem  configuration  are  estimated  to  increase  its  ferry  range  to 
slightly  over  2100  nautical  miles,  sufficient  for  ferrying  across  the  Pacific 
via  Guam  and  the  Phillipines,  but  possibly  inadequate  for  the  trip  from  Mid¬ 
way  to  Tokyo. 

In  summary,  key  performance- -hover  capability,  speed,  pa yload /range -- 
are  nearly  equivalent  for  the  single  and  tandem  rotor  designs,  since  each  is 
configured  to  the  same  mission  requirements.  The  single  rotor  configu¬ 
ration  excels  in  climb  and  low  speed  flight  and  has  a  substantial  in-ground 
effect  hour  advantage.  Ferry  range  capability  of  the  single  rotor  design 
is  also  superior  due  to  its  lower  cruise  power. 


STABILITY  AND  CONTROL  CHARACTERISTICS 


The  characteristic  configuration  of  tandem  and  single  rotor  helicopters  re¬ 
sults  in  different  inherent  levels  of  stability  and  control  for  otherwise 
comparable  design  solutions.  However,  automatic  electronic  stabilization 
is  used  to  obtain  essentially  equivalent  stability  and  control  for  the  two  con¬ 
figurations.  Although  a  complete  check  against  (Reference  4)  MIL-H-8501A 
has  not  been  made,  it  appears  that  for  the  speeds  involved,  both  optimized 
configurations  possess  adequate  stability  and  control  characteristics,  ie., 
equivalent  to  those  of  the  CH-54A  (single  rotor)  and  CH-47A  (tandem). 

The  single  rotor  arrangement  has  been  equipped  with  an  80 -square -foot 
horizontal  surface  for  longitudinal  stability  and  an  84-square-foot  vertical 
fin  for  directional  stability. 

The  tandem  rotor  arrangement  has  no  horizontal  stabilizing  surfaces  except 
for  the  main  landing  gear  support  fairings,  which  contribute  only  a  small 
influence.  In  this  respect,  the  design  criteria  for  the  two  configuration 
types  differ,  as  they  do  for  current  production  helicopters.  Because  a 
stabilizing  surface  on  a  tandem  rotor  helicopter  would  have  to  work  at  a 
short  moment  arm,  a  very  large  stabilizer  would  be  required.  Consequent¬ 
ly,  it  is  assumed  that  artificial  stabilization  will  be  used  to  provide  satis¬ 
factory  longitudinal  stability  in  the  tandem  rotor  helicopter.  In  all  prob¬ 
ability,  a  redundant  AFCS  would  be  used  in  the  tandem  machine  while  a 
single  system  would  be  employed  in  the  single  rotor  version  for  pilot  un¬ 
burdening.  These  are  the  approaches  taken  in  the  CH-47A  and  CH-54A, 
respectively. 

Since  the  two  design  solutions  are  typical  of  current  design  trends  for  these 
two  types  of  helicopters,  the  general  static  characteristics  of  each  will  be 
discussed  in  light  of  experience  with  existing  helicopters.  The  four  types 
of  static  stability  are  speed  stability,  angle  of  attack  stability,  directional 
stability,  and  effective  dihedral. 

Speed  Stability 

Generally,  single  rotor  helicopters  are  stable  with  speed;  that  is,  an  in¬ 
crease  in  forward  speed  produces  a  nose-up  moment  on  the  helicopter.  The 
resulting  nose-up  attitude  tilts  the  rotor  thrust  rearward  and  tends  to  re¬ 
turn  the  helicopter  to  its  trim  speed.  The  source  of  the  single  rotor 
helicopter's  speed  stability  is  the  rotor. 

The  tandem  is  usually  unstable  with  speed.  Although  :he  individual  rotors 
tend  to  produce  stability,  as  on  the  single  rotor  ship,  variations  of  thrust 
of  the  rear  rotor  with  speed  produce  an  unstable  moment.  This  variation 
of  rear  rotor  thrust  with  speed  is  caused  by  the  front  rotor  downwash.  In 


forward  flight,  the  rear  rotor  operates  in  the  downwash  of  the  front  rotor 
and  is  trimmed  accordingly.  As  forward  speed  increases,  the  downwash 
angle  is  reduced  because  of  the  lower  lift  coefficient  (larger  mass  flow  of 
air)  of  the  front  rotor.  The  reduction  of  downwash  angle  with  increasing 
speed  causes  an  increase  ii  the  rear  rotor  angle  of  attack  and  an  increased 
rear  rotor  thrust.  The  increased  thrust  on  the  rear  rotor  causes  an 
unstable  nose-down  moment. 

Angle  of  Attack  Stability 

The  helicopter  rotor  is  unstable  with  angle  of  attack;  that  is,  a  nose- up 
change  in  angle  of  attack  produces  a  nose-up  moment.  The  helicopter  fuse¬ 
lage  is  also  unstable  with  angle  of  attack.  Therefore,  helicopters  require 
some  device  to  provide  angle  of  attack  stability. 

The  single  rotor  helicopter  generally  has  a  horizontal  tail  stabilizer  of 
sufficient  size  to  provide  approximately  neutral  angle  of  attack  stability  at 
high  speeds.  Figure  7  indicates  that  generous  use  of  tail  moment  coef¬ 
ficient  was  applied  in  sizing  the  single  rotor  aircraft's  horizontal  tail  to 
be  sure  this  quality  was  maintained. 

A  tandem  helicopter  has  an  additional  source  of  instability  with  angle  of 
attack,  which  is  related  to  the  operation  of  the  rear  rotor  in  the  downwash 
field  of  the  front  rotor.  When  the  helicopter  angle  of  attack  is  increased, 
the  rear  rotor  angle  of  attack,  and  hence  the  rear  rotor  thrust,  increase 
less  than  the  angle  of  attack  and  thrust  of  the  front  rotor  because  of  the 
increased  downwash  from  the  front  rotor.  The  result  is  a  nose-up,  and 
hence  unstable  moment. 

A  heavy  lift  tandem  crane  helicopter  in  the  12-20-tcn  payload  class  utili¬ 
zing  S-64  dynamic  components  was  investigated  on  the  Sikorsky  V/STOL 
simulator  and  several  observations  were  noted  concerning  static  stability. 
The  presence  of  positive  static  stability  is  displayed  in  the  form  of  a 
positive  stick  gradient  with  speed.  From  these  studies  it  was  found  that  a 
combination  of  collective  and  cyclic  control  biases  was  necessary  as  a 
function  of  dynamic  pressure  "q"  to  provide  a  positive  longitudinal  control 
gradient  throughout  the  speed  range.  The  stick  gradient  of  a  single  rotor 
aircraft  is  generally  stable  in  all  but  a  small  area  between  50  and  80  knots, 
where  some  reversal  is  the  result  of  nonuniform  inflow. 

Directional  Stability 

The  desired  directional  stability  characteristic  is  a  moment  which  tends  to 
return  the  helicopter  to  its  unyawed  heading.  The  lifting  rotor(s)  of  a 
single  or  tandem  helicopter  do  not  contribute  significant  yawing  moments 
due  to  sideslip.  The  helicopter  fuselage  is  generally  unstable  directionally; 
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that  is,  if  the  fuselage  is  yawed  to  the  right,  a  yawing  moment  to  the  right 
(unstable)  is  produced  For  this  reason,  the  helicopter  requires  vertical 
stabilizing  surfaces.  Generally,  the  tail  rotor  of  the  single  rotor  shaft- 
driven  helicopter  provides  sufficient  directional  stability  due  to  its  change 
in  thrust  with  yaw.  The  concern  for  the  stability  of  the  helicopter  to  make 
a  safe  landing  following  a  tail  rotor  malfunction  or  loss  requires  adequate 
vertical  fin  area  to  provide  a  stable  fuselage  gradient. 

The  tandem  rotor  HLH  fuselage  appears  to  be  only  mildly  unstable  direc¬ 
tionally  because  of  the  large  amount  of  overlap  (short  fuselage)  and  the 
large  rear  pylon.  When  the  two  rotors  are  equally  loaded,  they  contribute 
little  to  directional  stability.  For  forward  center-of-gravity  locations, 
however,  the  greater  speed  stability  of  the  more  heavily  loaded  forward 
rotor  generates  a  strong  directional  instability  which  can  ultimately  limit 
the  usable  range  of  forward  CG. 

In  general,  stable  tandem  operation  requires  sideslip  measurement 
coupled  with  a  stability  and  augmentation  system,  while  stable  single  rotor 
operation  does  not. 

Effective  Dihedral 

A  large  amount  of  effective  dihedral,  which  is  related  to  the  rolling  mo¬ 
ment  produced  by  a  sideslip,  is  not  desired  for  dynamic  reasons. 

In  a  single  rotor  helicopter,  the  primary  source  of  effective  dihedral  is 
the  rotor.  The  effective  dihedral  of  the  rotor  is  produced  in  the  same 
manner  as  speed  stability.  For  example,  a  sideslip  to  the  left  tilts  the 
rotor  plane  to  the  right  because  of  differences  in  velocity  between  the  for¬ 
ward  and  rearward  blades.  The  tilt  of  the  rotor  plane  produces  a  rolling 
moment  to  the  right. 

On  a  tandem  helicopter,  the  rotors  also  produce  effective  dihedral.  In 
addition,  the  fuselage  contributes  effective  dihedral  due  to  side  forces 
acting  on  the  aft  pylon  which  is  above  the  center  of  gravity. 

The  result  of  this  dihedral  is  that  if  the  helicopter  encounters  a  disturbance 
in  roll  or  yaw,  it  will  undergo  an  oscillation  involving  simultaneous  vari¬ 
ations  in  roll  and  sideslip  (Dutch  roll).  In  i  uigle  rotor  helicopters  this 
oscillation  is  damped  to  a  greater  degree  than  in  tandems.  The  difference 
is  related  to  the  larger  ratio  of  rolling  to  yawing  moment  of  inertia  in 
tandem  helicopters. 

In  summary,  the  inherent  (not  electronically  augmented)  stability  charac¬ 
teristics  of  the  single  and  tandem  rotor  configurations  compare  as  shown 
in  Table  XX11I. 
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TABLE  XXIII 

STABILITY  CHARACTER  ISITCS 


Single  Rotor  Tandem  Rotor 


Speed  stability 

stable 

unstable 

Longitudinal  (angle  of  attack) 
stability 

neutral^ 

unstable 

Directional  stability 

stable 

unstable 

Effective  dihedral  (Dutch  roll) 

damped 

less  clamped 

(a)  Unstable  at  low  forward  speeds 


Electronic  stabilization  can  be  utilized  to  obtain  positive  stability  in  all 
modes.  In  fact,  complete  reliance  on  automatic  stabilization  would  lessen 
the  necessity  for  large  tail  surfaces  and  would  thereby  reduce  airframe 
weight  of  the  single  rotor  configuration  in  particular.  Penalties  in  com¬ 
plexity  and  reliability,  however,  are  necessarily  associated  with  such 
automatic  stabilization.  In  practice,  the  tandem  utilizes  comprehensive 
redundant  Automatic  Flight  Control  Systems,  and  the  single  augments 
inherent  stability  with  limited  AFCS.  They  obtain  essentially  the  same 
overall  stability.  Since  these  assumptions  are  used  in  the  parametric 
weight  equations,  the  two  configurations  must  be  considered  equivalent  in 
terms  of  stability  and  control  characteristics. 

DYNAMIC  CHARACTERISTICS 

Presented  in  this  section  are  the  results  of  a  dynamic  analysis  of  the 
single  and  tandem  rotor  crane  configurations.  Results  of  rotor  blade 
aerodynamic  analysis  are  presented  i'i  Figures  50  and  51,  and  results  of 
airframe  vibration  analysis  are  shown  in  Figures  52  through  58. 

ROTOR  BLADE  ANALYSIS 

The  preliminary  design  study  of  a  rotor  blade  for  a  six-bladed,  95  foot 
diameter  rotor,  which  was  conducted  early  in  the  HLH  program,  showed 
that  resonant  frequencies  of  large  blades  follow  the  same  patterns  observed 
frequently  in  present  production  helicopters.  Figures  52  and  53  show  the 
relationships  of  frequencies  and  rotor  speeds.  In  Table  XXIV,  the 
HLH  blade  first-mode  frequencies  at  normal  operating  speeds  are  com¬ 
pared  with  three  production  blades. 


TABLE  XXIV 

FIRST-MODE  FREQUENCIES  AT  NORMAL  ROTOR  SPEED  FOR 
SEVERAL  MAIN  ROTOR  BLADES 


Model 

Main  Rotor 
Radius  (ft) 

First-Mode 

Flatwise 

Frequencies  (cycles/rev) 
Edgewise 

H-34 

28 

2.6 

3.4 

SH-3A 

31 

2.8 

3.4 

H-37 

36 

2.7 

3.3 

HLH  Design  Study 

47.5 

2.7 

3.6 

It  is  apparent  that  the  flatwise  or  edgewise  natural  frequency  of  a  wide 
range  of  blade  geometries  is  the  same,  or  about  three  cycles,  per  revolu¬ 
tion.  Therefore  the  tandem  configuration,  which  utilizes  three-bladed 
rotors,  will  experience  greater  n-cycles-per-revolution  blade  loads  than 
the  single  rotor  design  with  six  blades. 
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Frequency  (cycles/sec 


Oscillations 
Per  Revolution 


Rotor  Speed  (%  Normal  Operating  rpn) 

Figure  51  Blade  Natural  Frequency,  Edgewise  Bending 


AIRCRAFT  VIBRATION 


A  dynamic  analysis  was  conducted  to  determine  the  vibration  characteris¬ 
tics  and  predicted  in-flignt  response  of  the  single  and  tandem  configura¬ 
tions.  Results  of  this  investigation  are  based  upon  preliminary  parametric 
design  information  which  did  not  describe  local  stiffness  effects  of  trans¬ 
mission  support  and  payload  support  structure. 

The  dynamic  models  of  the  two  configurations  are  shown  in  Figure  52.  As 
shown,  only  the  vertical  and  pitch  degrees  of  freedom  of  the  aircraft  were 
considered,  since  frame  support  structural  stiffnesses,  which  significantly 
control  lateral  and  torsional  modes,  were  unknown. 

The  single  rotor  model  was-described  with  19  degrees  of  freedom  and  the 
tandem  rotor  model  with  23  degrees  of  freedom.  Airframe  resonances 
were  generated  by  a  computer  iteration  procedure.  Rotor  excitation  was 
extrapolated  from  previous  test  data.  Forced  response,  in-flight  vibration 
characteristics  were  derived  from  application  of  the  predicted  rotor  loads 
to  airframe  forced  response  sensitivities. 

AIRFRAME  VIBRATION  CHARACTERISTICS 


The  vertical  airframe  modes  of  the  single  and  tandem  rotor  configurations 
are  presented  in  Figures  53  and  54.  Figure  55  presents  a  comparison  of 
the  proximity  of  these  modes  to  primary  excitation  frequencies.  As  shown, 
the  modes  of  both  configurations  are  removed  from  primary  excitation 
frequencies. 

One-cycle-per-revolution  and  n-cycles-per-revolution  forced  response 
results  are  presented  in  Figures  56  through  58.  One-cycle-per-revolution 
rotor  loads  (rotor  loads  are  presented  in  appendix)  were  computed  for  a 
1-inch  out-of-track  condition.  Tandem  one-cycle-per-revolution  rotor 
loads  are  higher  because  of  heavier  blade  mass.  These  rotor  loads  were 
applied  to  forced  response  sensitivities  to  predict  aircraft  one-cycle-per- 
revolution  vibration  for  a  1-inch  out-of-track  condition.  The  results  shown 
in  Figure  56  reveal  that,  as  expected,  tandem  one-cycle-per-revolution 
vibration  is  higher  than  the  single  rotor  configuration,  since  the  applied 
load  for  the  tandem  is  higher  and  airframe  impedance  is  lower. 

N-cycles-per-revolution  rotor  loads  were  derived  from  measured  SH-3A 
rotor  loads  (Reference  59)  and  H-21  rotor  loads  (Reference  25)  for  the 
single  and  tandem  configurations,  respectively.  The  measured  rotor  loads 
for  both  configurations  were  scaled  up  by  a  CT k  (representative  of  mean 
blade  lift  coefficient)  relationship.  This  procedure,  while  lacking  some¬ 
what  in  quantitative  accuracy,  yields  good  comparative  loads. 
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Figure  53  Fuselage  Dynamic  Analysis,  Tandem  Rotor 


Figure  54  Fuselage  Dynamic  Analysis,  Single  Rotor 
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Figure  55  Vertical  Bending  Mode  Frequencies 
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Rotor  Loads  are  Phased  for  Lowest  Cockpit  Response 


Figure  58  N/rev  Response,  Lowest  Cockpit  Vibration 


The  estimated  n-cycles*per-revolution  rotor  loads  were  applied  to  n*cycles 
per- revolution  forced  response  sensitivities  for  an  in-flight  aircraft 
vibration  comparison.  The  results  presented  in  Figures  57  and  58  show 
aircraft  n-cycles-per-revolution  response  with  both  the  most  favorable  and 
unfavorable  phase  addition  of  rotor  loads.  As  shown,  tandem  configura¬ 
tion  vibration  was  much  higher  than  with  the  single  rotor  configuration. 
This  can  be  attributed  to  higher  tandem  rotor  loads  and  the  contribution  of 
two  airframe  modes  which  bracket  three  cycles  per  revolution.  In  the 
single  rotor  design,  only  one  mode  appreciably  contributes  to  six-cycles- 
per- revolution  response. 

Since  the  analytical  results  presented  are  based  on  preliminary  design  in¬ 
formation  which  did  not  account  for  some  important  areas  which  signifi¬ 
cantly  control  aircraft  response,  a  review  of  potential  problem  areas  and 
an  evaluation  of  penalties  involved  in  mitigating  them  are  necessary. 

Potential  Problem  Areas 


As  shown  in  Figure  55,  the  basic  vertical  resonances  of  both  the  single 
and  tandem  rotor  designs  are  removed  from  one-cycle  -per-revolution. 
However,  the  first  coupled  latere -torsional  resonance  of  the  tandem  con¬ 
figuration  may  be  much  closer  to  one  cycle  per  revolution.  This  occurs 
because  of  the  large  concentrations  of  mass  and  inertia  at  the  ends  of  the 
tandem  aircraft.  To  mitigate  this  problem,  the  El  distribution  of  the  cen¬ 
ter  span  of  the  aircraft  could  be  increased.  However,  as  shown  in  Figure 
52,  center  section  El  is  quite  large,  and  small  percentage  changes  in  that 
area  will  result  in  a  considerable  weight  penalty. 

The  first  coupled  lateral- torsional  mode  of  the  single  rotor  design  is  much 
higher,  since  the  large  concentration  of  mass  and  inertia  occurs  atthe  stiff  - 
est  portion  of  the  aircraft,  the  transmission  support  structure.  In  the 
single  rotor  configurations,  however,  the  first  vertical  bending  resonance 
may  approach  one  cycle  per  revolution.  Tail  stiffness  can  be  employed  to 
relieve  this.  As  shown  in  Figure  52,  the  El  distribution  at  the  tail  is  small, 
so  reshaping  of  the  tail  beam  for  more  efficient  beam  stiffness  can  be  in¬ 
corporated  as  a  solution  with  a  negligible  weight  increase. 

In  summary,  if  a  one-cycle-per-revolution  problem  exists  with  both  con¬ 
figurations,  resolution  can  be  much  more  efficiently  achieved  for  the  single 

rotor  design,  since  the  ratio  of  gercem  stiffness  change  wi^  much 

percent  weight  increase 

higher  for  the  single  rotor  design. 

Another  area  of  concern  is  local  transmission  support  flexibility.  Since 
the  transmission  of  the  single  rotor  design  is  mounted  in  the  stiffest  portion 


of  the  aircraft,  the  transmission  modes  will  be  well  above  six  cycles  per  revo¬ 
lution  and  will  have  no  adverse  affect  on  one-cycle-per-revoluti  mi  response. 

The  tandem  rotor  transmissions  are  mounted  on  the  most  flexible  portions 
of  the  aircraft.  Transmission  modes  can  therefore  affect  the  proximity  to 
one  cycle  per  revolution  of  the  lateral -torsional  mode  erf  the  tandem.  Con¬ 
siderable  local  beef-up  of  the  transmission  supports  may  be  required,  but 
care  is  necessary  to  prevent  the  transmission  modes  from  occurring  near 
three  cycles  per  revolution.  Keeping  the  transmission  modes  between  one 
cycle  per  revolution  and  three  cycles  per  revolution  may  be  difficult  in  the 
design  cycle,  since  accurate  knowledge  of  local  flexibilities  is  needed. 

i  .  sho'vn  in  Figure  55,  single  rotor  airframe  resonances  are  well  sepa¬ 
rated  from  six  cycles  per  revolution.  However,  the  first  and  second  bend¬ 
ing  modes  of  the  tandem  bracket  three  cycles  per  revolution.  The 
advantages  of  having  the  modes  well  separated  as  opposed  to  close  coupling 
of  modes  is  shown  in  Figures  59  and  60. 

As  shown  in  Figure  59,  one  of  the  most  important  problems  in  helicopter 
designs  has  been  the  presence  of  excitation  frequencies  occurring  at  the 
lowest  response  sensitivity  between  resonances  (mode  tuning).  Operation 
between  coupled  modes  results  in  response  sensitivities  which  far  exceed 
rigid  body  response.  Therefore,  even  favorable  mode  tuning  may  not  pre¬ 
vent  a  comfort  problem.  The  tandem  characteristics  are  similar  to  the 
characteristics  shown  in  Figure  59,  since  the  first  and  second  modes 
closely  bracket  three-cycles-per-revolution.  However,  with  the  modes 
well  separated  as  in  the  single  rotor  aircraft  design,  a  low,  wide  band  is 
available  at  six  cycles  per  revolution  for  comfort  levels  approaching  rigid 
body  response.  These  comparative  characteristics  explain  the  cause  of 
higher  tandem  three-cycles-per-revolution  response. 

The  final  significant  area  of  concern  is  transmission  resonance.  For  the 
single  rotor  configuration,  the  transmission  modes  will  be  well  above  six- 
cycles  per  revolution,  as  previously  explained.  The  transmission  modes 
for  the  tandem  design  will  probably  be  placed  between  one  and  three  cycles 
per  revolution,  since  elevating  these  modes  above  three  cycles  per  revolu¬ 
tion  will  be  very  difficult  because  of  the  low  airframe  flexibility  at  the  ends 
of  the  tandem  design. 

In  summary,  the  tandem  configuration,  because  of  two  vibration  exciters 
at  the  ends  of  the  fuselage,  presents  a  more  difficult  vibration  problem 
than  the  single  rotor  design  where  the  rotor  is  mounted  at  the  less  sensi¬ 
tive  center  of  the  fuselage  beam.  Heavier  tandem  rotor  blades  produce 
greater  excitation  forces, and  the  lesser  number  of  blades  places  this  ex¬ 
citation  closer  to  the  blade  natural  frequency  than  for  the  single  rotor 
design.  The  weight  penalties  necessary  to  mitigate  possible  one-cycle-per- 
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Exciting  Frequency 

Figure  60  Typical  Response  Between  Uncoupled  Modes 


revolution  vibration  problems  encountered  during  detail  airframe  designs 
are  generally  less  for  the  single  than  for  the  tandem  rotor  configuration, 
since  stiffness  in  the  appropriate  mode  is  more  easily  obtained. 

RELIABILITY 

A  comparison  of  flight  safety  of  single  and  tandem  helicopter  rotor-drive 
and  control  configurations  shows  the  overall  risk  of  catastrophe  to  be 
approximately  50  percent  less  in  the  single  rotor  configuration.  The  tan¬ 
dem  with  redundant  shafting,  although  appreciably  safer  than  the  basic 
tandem,  requires  a  substantial  weight  increase  which  was  not  considered 
in  the  parametric  study. 

The  following  facts  were  the  governing  factors  in  the  determination  of  the 
risks. 

1.  The  tandem  configuration  has  fifteen  items  in  the  rotor-drive 
region  that  are  catastrophic  by  nature  in  that  the  rotor  system 
will  be  rendered  totally  useless  instantly  or  within  a  few  seconds 
after  failure.  The  overlapped  rotors  must  remain  synchronized, 
so  that  any  failure  in  the  connecting  drive  system  is  catastrophic. 
Incorporation  of  redundant  shafting  reduces  this  figure  to  twelve, 
but  at  the  expense  of  four  additional  gearboxes  and  three  shaft 
assemblies.  In  relation  to  six  of  these  items  (the  rotor  blades), 
the  probability  of  failure  has  been  reduced  to  a  negligible  figure 
by  the  incorporation  of  BIM®.  The  six-bladed  single  rotor  con¬ 
figuration  has  eight  rotor-drive  system  items  catastrophic  by 
nature.  This  number  is  reduced  to  two  with  BIM^. 

2.  The  relative  safety  of  the  mechanical  flight  control  system 
slightly  favors  the  single,  for,  where  the  tandem  requires  four 
distinct  primary  servo  inputs  all  sustaining  heavy  flight  loads  and 
all  catastrophic  upon  failure,  the  single  requires  three  such  pri¬ 
mary  servo  inputs  and  a  normally  noncritical  tail  servo  input. 

The  single  rotor  configuration  contains  the  additional  items  of  the 
tail  rotor  system  that  have  catastrophic  implications.  The 
catastrophic  risk  is  minimized  by  providing  sufficient  fin  area  to 
allow  adequate  aircraft  stability  in  the  event  of  tail  rotor  drive/ 
control  loss  at  a  reasonable  cost  in  weight  and  complt  ,.cy. 


The  following  is  a  more  detailed  discussion  of  the  catastropldc  risk  in¬ 
volved  in  each  configuration.  Engines,  accessory  gearboxes,  and  hydrau¬ 
lic  portions  of  the  flight  controls  have  not  been  considered  in  the  compari¬ 
son  due  to  the  similarity  that  exists  between  the  two  configurations  and  the 
redundancy  of  the  engines  and  hydraulic  portions  of  the  flight  controls. 


1.  Single  Main  Rotor  Configuration,  Figure  61 

Three-  or  four-bladed  rotor  heads  cannot  tolerate  partial  blade 
loss.  However,  in  the  two  known  cases  of  partial  blade  loss  in¬ 
volving  five-bladed  aircraft,  the  rotor  head  has  remained  intact 
and  retained,  for  a  time,  a  minimum  control  over  the  aircraft. 

Though  the  six-bladed  head  will  strengthen  this  margin  of  control  * 

to  a  degree  that  it  is  no  longer  clearly  catastrophic,  it  is  consid¬ 
ered  that  the  risk  of  catastrophe  upon  blade  separation  is  very 
high.  The  risk  of  a  blade  fatigue  progressing  to  blade  separation, 
however,  has  been  minimized  to  a  negligible  figure  with  the  incor¬ 
poration  of  the  BIM^  monitoring  system,  which,  through  a  pres¬ 
surized  blade  indication  system,  assures  the  early  detection  of 
fatigue  cracks.  Structural  fatigue  fracture  of  either  the  main 
rotor  hub  or  the  main  shaft  is  clearly  catastrophic.  Loss  of  any 
of  the  main  rotor  control  rods,  linkages,  or  control  mechanisms 
clearly  renders  the  aircraft  out  of  control.  Failure  statistics 
show  that  loss  of  components  in  the  tail  rotor  power  train  (from 
main  gearbox  aft)  or  loss  of  tail  rotor  control  results  in  a  rela¬ 
tively  small  risk  of  catastrophe.  The  total  numbe~  of  cata¬ 
strophic  risk  areas  is  thus  two  . 

2.  Tandem  Rotor  Configuration  Without  Redundant  Shafting, 

Figure  62 

Three-bladed  rotor  heads  cannot  tolerate  partial  blade  loss.  Risk 
of  blade  loss,  however,  is  negligible  due  to  the  incorporation  of 
BIMgj.  Structural  fatigue  fracture  of  either  the  forward  or  aft 
rotor  hubs  or  shafts  is  clearly  catastrophic.  Loss  of  any  of  the 
forward  or  aft  rotor  control  rods,  linkages,  or  control  mecha¬ 
nisms  clearly  renders  the  aircraft  out  of  control.  Failure  of  any 
of  the  power  train  components  will  immediately  result  in  blade 
interference  of  the  two  rotors  and  is  clearly  catastrophic.  Total 
number  of  catastrophic  risk  areas  is  thus  nine. 

3.  Tandem  Rotor  Configuration  With  Redundant  Shafting,  Figure  63  « 

Redundant  shafting  allows  the  tandem  to  sustain  a  shaft  failure  in 
the  drive  system  without  catastrophic  risk,  reducing  the  number 
of  catastrophic  risk  areas  to  six  but  with  a  weight  penalty  not 
considered  in  the  parametric  weight  equations. 

The  modes  of  failure  considered  are: 
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ITEM 


MODE 


I. 

Blade 

Blade  separation 

2. 

Hub  assembly 

Loss  of  retention  qualities 

3. 

Shafts,  gearboxes 

Loss  of  continuity 

4. 

Control  mechanisms 

Failure  rendering  a  control 

channel  inoperative 

Application  of  failure  statistics  to  the  above  listed  failure  modes  results 
in  the  two  catastrophic  risk  areas  of  the  single  rotor  configuration  yielding 
approximately  50  percent  less  overall  risk  than  the  nine  areas  of  the 
tandem. 


r 
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Main  Main  Main 


e  and  Control  System,  Single  Rotor 


)r  Drive  and  Control  System,  Redundant  Tandem  Rotor 


FINAL  CONFIGURATION  SELECTION 


On  the  basis  of  gross  weight  required  to  perform  the  design  missions,  and 
considerations  of  off-design  performance,  stability  and  control,  vibration, 
and  reliability,  the  single  rotor  configuration  is  recommended  for  detailed 
study  in  this  contract.  The  relative  merits  of  the  single  and  tandem 
configurations  are  summarized  below: 

Factor  Evaluation 

Design  mission  gross  weight  Single  rotor  2  percent 

lighter  than  tandem 

Off-design  performance  Single  rotor  superior  by 

small  margin 

Stability  and  control  Single  rotor  superior 

Reliability  (catastrophic  risk)  Single  rotor  superior 

The  tandem  configuration  has  the  advantage  of  greater  compactness  (with 
blades  folded),  and  field  maintenance  is  facilitated  by  the  need  to  supply 
only  one  type  of  spare  blade,  as  compared  to  the  single  rotor  which  has 
the  same  number  of  main  rotor  blades  with  the  audition  of  smaller  tail 
rotor  blades.  The  optimized  single  rotor  solution  possesses  a  greater 
implicit  confidence  level,  since  both  weight  and  performance  uncertainties 
exist  for  low  aspect  ratio  rotor  blades  and  tandem  rotor  aerodynamic 
interference  complicates  performance  and  blade  load  analyses. 


DESIGN  PERTURBATIONS 
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Effect  of  Cruise  Speed 

The  effect  on  payload- radius  of  varying  the  cruise  speeds  from  those  set 
forth  for  the  design  missions  was  investigated  for  the  selected  single  rotor 
configuration.  Very  little  improvement  in  payload- radius  capability  is  » 

obtained  through  speed  variations,  since  the  basic  design  speeds  fall  very 
close  to  the  best  range  speeds  at  the  mission  weights.  Higher  speed 
cruise  is  of  com  ’e  possible,  but  only  at  the  expense  of  reduced  payload  or 
radius.  * 

Figure  64  shows  speed  versus  gross  weight,  including  best  range  and 
maximum  cruise  (stall-limited)  speed  for  both  loaded  and  unloaded  drag 
conditions.  The  gross  weight  range  for  outbound  and  inbound  legs  of  the 
basic  design  missions  is  shown,  as  are  the  design  mission  speeds.  Figure 
65  shows  specific  range  (nautical  miles  per  pound  fuel)  versus  gross 
weight  for  the  same  speed  conditions. 

Figures  66  and  67  are  plots  of  payload  versus  radius  for  takeoff  gross 
weights  representing  OGE  hover  at  (a)  6000  feet,  95  degrees  Fahrenheit 
(65,  800  pounds)  and  (b)  sea  level  standard  (78,  750  pounds).  For  these 
weights,  total  hover  times  of  5  and  15  minutes,  respectively,  are  assumed 
for  consistency  with  the  design  missions.  Payload  is  carried  outbound  only. 

The  influence  of  speed  shown  on  these  plots  is  summarized  in  Table  XXV. 

It  is  apparent  that  best  range  cruise  improves  payload-radius  very  little 
over  the  design  mission  speeds.  Productivity  is  also  relatively  unaffected, 
since  best  range  speed  is  slightly  higher  outbound,  and  slightly  lower  in¬ 
bound,  than  the  design  speeds  and  yields  about  the  same  average  overall 
speed.  Some  gain  in  productivity  is  possible,  particularly  for  longer 
radii,  by  utilizing  maximum  cruise  speed,  but  there  is  a  penalty  of  reduced 
payload.  It  can  be  concluded  that  the  design  mission  speeds  result  in  a 
near-minimum  gross  weight  solution  for  the  required  payload- radius 
capabilities.  a 

It  is  noteworthy  that  external  loading,  crane-type  operation  considerably 
reduces  the  time  required  to  load  and  unload  at  the  start  and  mid-point  of 
the  missions  compared  to  internal  loading.  This  substantially  improves  *• 

the  mission  productivity  in  terms  of  the  total  time  required  to  deliver  a 
given  amount  of  payload  from  point  a  to  b. 
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Figure  66  Payload  Versus  Mission  Radius,  12-Ton  Mission 
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INFLUENCE  OF  SPEED  ON  MISSION  PERFORMANCE 
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Effect  of  Transmission  Power  Rating 


The  transmission  rating  assumed  in  the  parametric  analysis  is  equal  to 
the  power  required  for  sea  level,  OGE  hover  at  the  20-ton-mission  gross 
weight.  For  the  optimized  configuration,  this  is  slightly  under  12, 000 
horsepower.  Two  other  possible  criteria  are  total  engine  power  available 
at  sea  level  standard  day  and  the  power  required  for  6000 -foot,  95-degrees 
Fahrenheit  OGE  hover  at  the  12 -ton-mission  gross  weight  (this  is  higher 

than  that  for  sea  level  standard,  OGE  hover  at  16-ton,  20-nautical-mile- 
radius  gross  weight).  Drive  system  weight  is  increased  approximately 
.  47  pound  per  additional  horsepower  for  the  91. 6- foot-diameter  rotor. 
However,  this  weight  increase  requires  a  larger  diameter  rotor  to  meet 
the  mission  requirements,  resulting  in  a  total  empty  weight  growth  of 
about  2. 5  times  thi3,  or  1. 2  pounds  per  horsepower.  Gross  weight  in¬ 
creases  at  a  slightly  faster  rate  due  to  the  increased  fuel  required. 

Table  XXVI  summarizes  the  approximate  influence  of  transmission  power 
rating  on  weight  and  rotor  size. 


TABI.E  XXVI 

INFLUENCE  OF  TRANSMISSION  POWER  RATING 
ON  WEIGHT  AND  ROTOR  SIZE 


Transmission  Empty  Weight  Design  Gross  Rotor  Diameter 

Rating  (HP)  Condition  (lb)  Weight  (lb)  (ft) 


11,980  SLS,  OGE  32.  800  78,750  91.6 

(assumed)  hover,  20- 
ton  GW 

14,780  Full  36,  140  82,150  99.4 

available 
SLS.T64/S4A 
HP 

10,600  6000  Ft,  95°F,  31,  140  77,000  87.6 

OGE  hover, 

12-ton  GW 


The  increment  in  off-design  performance  obtained  by  designing  transmis¬ 
sion  capability  to  utilize  full  SLS  engine  power  is  offset  by  a  3400-pound 
weight  penalty  and  a  larger  overall  helicopter.  On  the  other  hand,  SLS 
OGE  hover  capability  for  the  20-ton  mission  at  takeoff  is  believed  to  be  a 
reasonable  lower  limit  on  usable  power. 
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WEIGHT/SIZE  GROWTH  FACTORS 


This  writeup  is  intended  to  provide  some  insight  into  the  effect  of  an  in¬ 
dividual  component  weight  increment  on  the  resulting  size  and  weight 
helicopter  required  to  perform  the  design  missions.  For  a  given  gross 
weight,  each  additional  pound  of  component  weight  represents  a  corre¬ 
sponding  pound  reduction  in  payload.  As  a  result,  gross  weight  must  be 
increased  to  maintain  required  payload.  However,  as  gross  weight  in¬ 
creases,  the  rotor  diameter  required  to  maintain  hover  capability  also 
increases,  resulting  in  a  higher  rotor  system  weight.  In  addition,  those 
components  whose  weight  is  dependent  on  gross  weight  (ie,  alighting  gear, 
body  group,  etc)  also  become  heavier.  Thus,  an  increase  in  the  weight  of 
an  individual  component  represents  a  substantially  higher  empty  and  gross 
weight  increment,  accompanied  by  a  larger  diameter.  Table  XXVII 
summarizes  those  growth  factors  for  both  the  single  and  tandem  rotor 
configurations. 


TABLE  XXVII 

SUMMARY  OF  GROWTH  FACTORS, 
SINGLE  AND  TANDEM  ROTORS 


Single  Tandem 


Diameter  increase  per  pound  component  weight,  .  0058  . 0048 

ft/lb 

Empty  weight  increase  per  pound  component  weight,  2. 50  2. 80 

lb/lb 

Gross  weight  increase  per  pound  component  weight,  2. 55  2. 85 

lb/lb 


Gross  weight  is  increased  by  slightly  more  than  empty  weight,  since 
mission  fuel  is  somwhat  greater.  Single  and  tandem  rotor  diameters  are 
increased  by  5. 8  and  4. 8  feet  per  1000  pounds  of  component  weights, 
respectively. 


MISSION  PERFORMANCE  FOR  DRAG  (f)  =  100, 200  SQUARE  FEET 

In  fulfillment  of  a  verbal  understanding  with  USAAVLABS,  and  to  facilitate 
comparison  with  competitive  solutions,  the  HLH  mission  payload -radius 
capability  of  the  optimized  single  rotor  configuration  with  assumed  para¬ 
site  drag  values  of  200  square  feet  and  100  square  feet  (with  and  without 
external  load,  respectively)  is  presented.  Since  the  corresponding  drag 
values  were  estimated  from  the  three -view  drawing  of  the  optimized  HLH 
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to  be  134  square  feet  and  84  square  feet,  respectively,  this  assumption 
results  in  payload -radius  capability  somewhat  less  than  that  required 
in  the  design  missions  and  is  believed  to  be  overly  conservative. 

The  higher  drag  assumption  increases  cruise  fuel  consumption  by  about 
10  percent  for  the  12-ton  100-nautical-mile  mission  and  7  percent  for  the 
lower  speed,  20-ton  20-nautical-mile  mission.  At  the  same  takeoff  weight, 
which  is  defined  by  required  hover  capability,  this  increase  in  fuel  rep¬ 
resents  a  corresponding  decrease  in  payload  for  the  same  mission  radius. 
Conversely,  for  the  same  payload,  mission  radius  is  reduced.  Table 
XXVHI  summarizes  these  trade-offs. 

TABLE  XXVIII 

SUMMARY  OF  MISSION  TRADE-OFFS 


Takeoff 

GW 

(lb) 

Takeoff 

Hover  Condition 

Drag 

Loaded/Unloaded 

(ft2) 

Mission 
Radius 
(naut  mile) 

Mission 

Payload 

(ton) 

65,800 

6000  ft,  95° F,  OGE 

134/84 

100.0 

12.0 

200/100 

100.0 

11.77 

90.8 

12.0 

78,  750 

SLS,  OGE 

134/84 

20.0 

20.0 

200/100 

20.0 

19. 96 

18.65 

20.0 

Obviously,  if  the  helicopter  were  to  be  reoptimized  using  the  higher  drag 
values,  a  large  diameter,  heavier  solution  would  result  in  order  to  main¬ 
tain  the  required  hover  capability  for  the  design  missions.  Table  XXIX 
shows  this  estimated  growth 


TABLE  XXIX 

GROWTH  ESTIMATION  USING  HIGHER  DRAG  VALUES 


Drag  (f)  (ft2) 


84,  134  100,  200 

Rotor  diameter,  ft  91. 6  94. 9 

Empty  weight,  lb  32, 800  34, 220 

Design  gross  weight,  lb  78,750  80,200 
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It  is  noteworthy  tliat,  because  of  its  higher  gross  weight  to  component 
weight  growth  factor,  the  tandem  rotor  configuration  suffers  a  greater 
penalty  (about  12  percent  more)  for  the  conservative  drag  assumption  than 
does  the  single  rotor  design. 

Ferry  range,  assuming  a  basic  drag  of  100  square  feet  rather  than  the  84 
square  feet  derived  in  the  study  (and  adding  10  square  feet  to  both  values 
for  external  fuel  tankage), is  reduced  by  about  4  percent  at  the  same  take¬ 
off  weight.  This  results  in  a  range  of  2000  nautical  miles  for  the  single 
rotor  configuration  at  a  2.0g  load  factor  takeoff  weight,  which  is  still  well 
above  the  required  1500  nautical  miles. 
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PRELIMINARY  DESIGN  AND  STRUCTURAL  ANALYSIS 


BLADE  DESIGN 
Construction 


Figure  68  shows  the  general  arrangement  of  the  rotor  system  and  Figure 
69  shows  the  detailed  breakdown  of  the  blade  parts.  The  blade,  which  is 
essentially  all  metal,  has  a  structure  consisting  of  two  primary  members, 
a  spar  which  runs  nearly  the  full  length  of  the  blade ,  and  a  cuff  which 
retains  the  spar  and  transfers  loads  to  the  rotor  head.  Four  secondary 
structural  members  retain  leading  edge  counterweights  and  shim  weights 
used  for  spanwise  and  chordwise  balance.  All  other  parts  are  non- 
structural  and  are  included  for  balancing,  abrasion-resistance,  sealing, 
or  aerodynamic  purposes.  They  consist  of  trailing  edge  fairings,  root 
and  spacer  blocks,  a  tip  cap,  leading  edge  counterweights,  outboard  shim 
weights,  abrasion  strips,  and  spar  and  fairing  seals. 

The  spar,  which  is  6061-T6  aluminum  alloy  material  extruded  in  the  shape 
of  a  hollow  "D",  forms  the  lea  ling  edge  of  the  airfoil  section  and  is  the 
main  structural  member  (see  Figure  70).  It  has  a  constant  inner  contour 


Figure  70  Spar  Section 

over  the  full  length  of  the  blade,  while  the  outer  contour  varies  slightly 
to  allow  the  sidewall  and  backwall  thicknesses  to  increase  from  thin 
sections  at  the  outboard  end  to  an  appropriately  thick  root  end  of  suf¬ 
ficient  strength  to  carry  all  centrifugal,  torsional,  and  bending  stresses. 
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The  leading  edge  thickness  is  constant  over  the  entire  spar.  The  blade 
chord  is  constant,  while  the  airfoil  thickness  increases  gradually  from 
12  percent  of  chord  at  the  outboard  end  to  13. 1  percent  of  chord  at  the 
termination  of  the  airfoil.  A  short  tip  cap  covers  the  outboard  end  of  the 
spar  which  retains  the  balance  weights,  while  an  end  plate  seals  the  in¬ 
board  end  of  the  spar.  An  abrasion  strip  is  structurally  bonded  to  the 
outboard  portion  of  the  leading  edge  of  the  spar;  a  short  abrasion  strip  is 
also  bonded  to  the  leading  edge  of  the  tip  cap. 

The  aft  portion  of  the  airfoil  contour  is  formed  by  sheet  metal  fairings 
bonded  to  the  aft  portion  of  the  spar.  Closely  spaced  reinforcing  ribs 
stiffen  the  fairings  and  prevent  local  panel  flutter.  The  fairings  are  non- 
structural  units,  each  one  12  inches  long,  consisting  of  6061-T6 
aluminum  alloy  formed  ribs  and  outer  skins  adhesively  bonded  together 
(see  Figures  71  and  72).  Spaces  between  fairings  are  sealed  with  wedges 
of  closed  cell,  nitrogen -filled  neoprene  sponge.  The  inboard  end  of  the 


Figure  71  Fairing 

blade  has  no  fairings.  In  this  region  the  spar  thickness  increases  gradual¬ 
ly  to  a  thick  attachment  region. 

The  cuff,  made  of  Ti-6A1-4V  alloy,  is  retained  to  the  root  end  of  the  spar 
by  six  bolts  loaded  in  double  shear  and  twelve  bolts  loaded  in  single 
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Section  A -A 

Figure  73  Cuff-Spar  Attachment 


shear  (see  Figure  73).  The  cuff  plates  are  tapered  to  distribute  the 
centrifugal  force  of  the  blade  in  approximately  equal  shear  loads  to  all 
of  the  bolts.  The  inboard  end  of  the  cuff  has  a  circular  flange  which  is 
bolted  to  the  rotor  head. 

Nonstructural  counterweights  are  installed  in  the  leading  edge  of  the  spar 
(Figure  74).  They  are  steel  bars  12  inches  long,  each  covered  with 
a  molded -on  jacket  of  rubber  to  allow  an  interference  fit  in  the  spar 


Figure  74  Counterweight 

without  metal-to-metal  contact.  These  counterweights  provide  the  capa¬ 
bility  to  balance  each  section  of  the  blade  about  the  feathering  axis, 
different  weights  being  used  as  required.  Longitudinal  beads  in  the  ex¬ 
truded  inner  contour  of  the  spar  holu  the  counterweight  in  position, 
while  their  centrifugal  force  is  reacted  by  a  retaining  block  riveted  in 
the  spar  near  the  tip. 

At  the  blade  tip  end  (Figure  72),  shim  weights  used  to  balance  each  blade 
against  a  master  are  retained  by  aluminum  alloy  brackets.  The  forward 
bracket  is  riveted  to  the  nose  of  tlie  spar,  while  the  aft  brackets  are 
secured  with  bolts  to  the  backwall  of  the  spar.  The  tip  cap  is  a  nen- 
structural  fairing  formed  from  a  chem- milled  aluminum  alloy  sheet. 
Each  cap  is  statically  balanced  to  a  standard  moment  to  permit  inter¬ 
changeability. 

The  blade  is  equipped  with  Sikorsky’s  structural  monitoring  device, 
BIM^ .  The  blade  spar  is  sealed  and  pressurized  from  its  root  end  to  a 
point  just  inboard  of  the  counterweight  retaining  block  (Figure  75). 
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A  device  to  indicate  pressure  loss  visually,  by  showing  red,  is  installed 
near  the  root  end,  where  it  is  visible  from  the  ground. 

Design  Philosophy 

The  blade  design  is  dictated  primarily  by  reliability  and  stability  re- 

♦  quirements,  which  were  systematically  applied  in  a  process  of  elimi¬ 
nation,  to  determine  the  structural  scheme. 

The  structure  is  exposed  to  dynamic  and  aerodynamic  loadings  resulting 
«  from  its  rotational,  flapping,  and. translational  motions,  while  the  non- 

sti  uctural  components  serve  mainly  to  fair  the  blade  to  an  airfoil  shape 
capable  of  generating  lift  and  propulsive  forces  to  maneuver  and  support 
the  aircraft.  The  primary  loadings  are  tension,  flexure  in  two  planes, 
and  torsion.  The  structure  which  reacts  these  loads  must  be  light, 
feasible  to  manufacture  to  close  tolerances  and  high  quality  standards, 
readily  inspectable,  and  capable  of  fabrication  with  prescribed  spanwise 
variations  in  its  structural  properties.  While  a  few  different  types  of 
construction  fill  all  of  these  requirements  well,  a  close  examination  of 
some  of  the  more  subtle  points  of  blade  design  discloses  that  the  field 
of  satisfactory  design  solutions  is  narrow. 

Before  the  structural  scheme  can  be  selected,  the  various  axes  of  the 
blade  must  first  be  located.  Since  the  airfoil  envelope  is  symmetrical 
about  the  mean  chord,  and  since  no  significant  advantages  can  be  gained 
by  placing  the  material  asymmetrically  about  the  mean  chord,  this  line 
is  taken  as  the  chordwise  centerline  of  symmetry  of  all  sections  of  the 
blade  structure.  This  leaves  the  axes  perpendicular  to  the  mean  chord 
to  be  located:  the  flexural  (or  neutral)  axis  for  edgewise  bending,  the 
shear  center,  the  feathering  axis,  the  center  of  tensile  restraint,  and  the 
mass  centroid  (or  center  of  gravity)  of  the  entire  blade. 

Flutter  avoidance  requires  that  all  vibratory  forces  act  approximately 
through  the  center  of  feathering  motion  of  the  blade.  At  any  section, 
feathering  motion  is  a  combination  of  motion  about  the  feathering  hinge 
r  bearings  of  the  rotor  head  and  torsional  deflection  of  the  part  of  the 

blade  inboard  of  tlie  section  being  considered.  The  coincidence  of  loads 
with  the  center  of  feathering  motion  thus  demands,  first,  that  the 
structural  shear  center  and  feathering  hinge  axis  coincide  Aerodynamic 

*  transients  act  through  the  aerodynamic  center,  located  at  25  percent  of 
chord.  Dynamic  (or  inertial)  transients  act  through  the  combined  mass 
centroid  of  the  structural  and  nonstructural  components,  at  any  section. 
Thus,  the  second  step  is  to  place  the  mass  centroid  of  every  section  at 
the  aerodynamic  center,  and  the  third  step  is  to  merge  the  feathering/ 
shear  center  axis  and  aerodynamic  center/mass  centroid  axis  together 

at  25  percent  of  chord.  The  coincidence  of  these  axes  can  be  approximate, 
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with  the  closeness  of  the  approximation  depending  mostly  on  the  torsional 
stiffness,  which  in  turn  depends  strongly  on  the  blade  aspect  ratio. 

The  tensile  reaction  required  to  equalize  centrifugal  force  is  most  con¬ 
ventionally  located  in  line  with  the  feathering  hinge  to  minimize  the 
bending  moments  in  the  hinge  components.  This  implies  coincidence  of 
rotor  head  hinge  axes  and  also  locates  the  axis  of  tensile  forces  along 
the  25 -percent -chord  line  by  acting  through  the  mass  centroidal  axis, 
as  would  be  expected.  With  this  arrangement,  the  only  way  for  a 
straight  blade  to  stay  straight  under  centrifugal  tension  is  for  the  flexural 
axis  of  each  section  to  be  at  25  percent  chord  also.  As  in  the  flutter 
consideration,  the  coincidence  can  be  approximate,  with  aspect  ratio 
being  the  primary  indicator  of  how  closely  the  approximation  must 
approach  the  ideal  at  any  section. 

The  cluster  of  points  at  25  percent  chord  places  severe  restrictions  on 
the  structural  schemes  that  can  be  used.  For  example,  the  coincidence 
of  flexural  axis  and  shear  center  rules  out  the  use  of  a  C-shaped  spar, 
which  could  easily  be  designed  with  a  flexural  axis  at  25  percent  chord, 
but  would  then  have  a  shear  center  outside  the  airfoil  section,  ahead  of 
the  leading  edge. 

Because  the  cyclic  bending  moments  result  from  inertial  effects  and  air¬ 
loads,  they  tend  to  vary  in  proportion  to  blade  stiffness.  If  the  blade 
were  infinitely  flexible,  every  section  of  the  blade  would  be  able  to 
assume  a  position  in  line  with  the  resultant  of  the  dynamic  and  aero¬ 
dynamic  loads  on  it;  no  bending  moments  would  be  generated,  nor  would 
any  be  required  to  equilibrate  the  blade.  Conversely,  a  very  stiff  blade 
would  experience  very  large  cyclic  bending  moments.  It  should  also  be 
noted  that  transverse  loads  on  the  blade  are  not  reacted  by  bending 
moments  alone.  The  stiffness  of  the  rotating  blade  is,  in  fact,  largely 
due  to  centrifugal  force,  which  tends  to  pull  the  blade  out  straight. 

This  stiffening  effect  does  not  contribute  equally  to  flatwise  and  edge¬ 
wise  stiffness;  as  shown  in  Figure  76,  any  mass  deflected  through  equal 
cone  and  lag  angles  from  a  radial  position  experiences  a  stronger  centrif¬ 
ugal  restoring  moment  in  the  vertical  plane  of  rotation.  It  follows  that 
an  appropriate  selection  of  relative  blade  flexural  stiffnesses  would  be  a 
large  edgewise  stiffness  (to  combine  with  a  small  in -plane  centrifugal 
restoring  moment)  and  a  small  flatwise  stiffness  (to  combine  with  a 
large  vertical  plane  centrifugal  restoring  moment).  This,  of  course, 
implies  that  the  structural  portion  of  the  blade  should  be  wider  in  the 
chordwise  direction  than  in  the  direction  perpendicular  to  the  chord;  the 
desired  solution  is  not  a  round  tube,  a  square  box  beam,  or  a  slender  rod. 
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Point  Mass  Displaced  in  Plane 
of  Rotation 


Point  Mass  Displaced  out  of 
Plane  of  Rotation 


Figure  76 


The  combination  of  flexural  and  torsional  loads  favors  the  use  of  a 
monocoque  structure  or  a  very  close  approximation  of  a  monocoque 
structure  to  place  the  material  as  far  away  as  possible  from  the  neutral 
axis  (See  Figure  77).  Certainly  the  simplest  monocoque  is  a  thin- 
walled  member  of  uniform  wall  thickness,  occupying  the  full  airfoil 


Figure  77  Full  Span  Monocoque  Blade  Structure 


contour.  Tnis  is  immediately  found  deficient,  in  that  its  centroid  is  at 
about  45  percent  chord.  Adding  material  to  the  nose  and  thinning  down 
the  tail  corrects  the  centroid  to  25  percent  chord. 


The  structure  now  looks  good  for  flatwise  bending,  but  edgewise  bending 
produces  higi  stresses  at  the  trailing  edge.  In  this  plane,  the  knife  - 
edged  beam  is  exactly  opposite  to  the  I-beam  philosophy  of  putting  most  of 
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the  material  as  far  as  possible  from  the  neutral  axis.  It  is,  in  fact, 
like  an  I-beam  lying  on  its  side.  The  logical  remedy  is  to  pull  in  on  the 
aft  extremity  of  the  structure,  forming  a  "D"  section.  This  reduces  the 
edgewise  moment  of  inertia,  and  thus  reduces  the  bending  moments;  but 
if  the  structure  now  extends  about  15  percent  chord  aft  of  the  neutral  axis 
(as  compared  to  75  percent  aft  of  the  axis  in  the  full -chord  monocoque), 
die  edgewise  bending  stresses  at  the  aft  of  the  structure  have  been 
reduced  about  80  percent.  Higher  edgewise  stresses  can  be  tolerated 
at  the  nose,  since  flatwise  bending  produces  lower  stresses  there  than 
at  the  aft  corners.  With  this  configuration  of  the  blade  spar,  the  ratio 
of  edgewise  to  flatwise  stiffness  is  about  8:1,  which  is  appropriate  for 
the  HLH  application. 

The  aft  end  of  the  blade  now  iieeds  to  be  faired  to  the  proper  airfoil 
shape,  but  the  fairing  must  be  nonstructural;  if  a  continuous  fairing  were 
added,  it  would  undo  all  of  the  advantage  gained  by  switching  from  a 
full-chord  monocoque  to  a  40 -percent -chord  "D"  spar.  To  prevent  the 
nailing  edge  from  reacting  edgewise  moments,  it  is  segmented  into 
individual  fairings  12  inches  long,  separated  by  elastomeric  blocks 
which  also  prevent  airflow  between  top  and  bottom  surfaces  of  the  air¬ 
foil  at  the  pocket  joints. 

The  addition  of  nonstructural  fairings  moves  the  mass  centroid  aft  of 
25  percent  chord.  This  cannot  be  balanced  with  structural  mass  at  the 
leading  edge,  however,  or  the  flexural  axis  of  the  spar  will  be  displayed. 
A  nonstructural  leading  edge  counterweight  is  therefore  used,  supported 
in  the  spar  by  a  vulcanized  elastomeric  jacket. 

Material  selection  for  the  resulting  design  was  accomplished  by  trade¬ 
off  studies.  Aluminum  alloy  6061 -T6  was  selected  for  the  spar,  largely 
for  its  ability  to  perform  well  in  adverse  environmental  conditions  and 
for  its  excellent  crack  propagation  resistance.  The  same  alloy  was 
selected  for  the  fairing  skins  and  ribs,  positively  eliminating  corrosion 
and  differential  thermal  expansion  due  to  use  of  dissimilar  metals.  Each 
pocket  is  bonded  together  and  then  bonded  to  the  spar  to  accomplish  an 
efficient  attachment  without  introducing  stress  concentrations  from 
mechanical  fasteners. 

Operations  in  heavily  wooded  and  jungle  areas  expose  the  blades  to  the 
possibility  of  frequent  impacts  with  various  foreign  objects,  ranging  in 
size  from  tiny  dust  specks  to  large  tree  trunks.  It  is  clearly  beyond  the 
state  of  the  art  to  design  an  aircraft  that  can  safely  be  flown  head  on  into 
a  stone  wall;  however,  normal  environmental  hazards  have  been  a 
primary  factor  in  establishing  the  design  of  the  outboard  portion  Of  thC 
blade,  with  the  object  of  allowing  minor  impacts  to  be  treated  as  normal 
operation  and  allowing  repair  of  heavy  impact  damage  without  replacing 


blades.  Only  repeated  contact  with  large,  stationary  objects  should 
necessitate  blade  replacement,  but  the  aircraft  should  still  be  flyable 
after  all  but  the  extreme  cases  of  repeated  impacts. 

Protection  against  damage  by  impacts  with  rain,  sand,  small  gravel  par¬ 
ticles,  and  leaves  and  twigs  of  trees  accidentally  contacted  in  nap-of- 
the -earth  operation  has  been  provided  by  leading  edge  reinforcement. 

The  leading  edge  of  the  spar  is  .  5  inch  thick,  and  the  outboard  end  of  the 
blade  is  covered  with  a  strip  of  1/4  hard,  type  302  stainless  steel  .020 
inch  thick. 

In  the  event  of  a  solid  impact  with  a  large  object,  the  tip  cap  is  designed 
to  deform  or  break  away  without  causing  any  serious  damage  to  the  spar. 
The  tip  cap  can  be  replaced  in  the  field.  The  shim  weight  retaining 
hardware  is  designed  to  break  away  from  the  spar  without  disturbing  the 
leading  edge  counterweight  retaining  block.  This  type  of  damage  leaves 
the  aircraft  flyable  but  requires  blade  replacement. 

The  design  feature  most  important  to  the  reliability  of  the  HLH  blade  is 
the  BIM@  system,  which  constantly  inspects  the  condition  of  the  blade  spar, 
providing  a  complete  check  of  structural  integrity  at  a  glance.  BIM0was 
developed  to  provide  a  continuous  indication  of  die  structural  integrity 
of  the  blade.  With  the  BIM@  system,  a  main  rotor  blade  is  continued  in 
service  as  long  as  the  indicator  shows  that  it  is  structurally  sound. 
Arbitrary  retirement  life  is  eliminated.  The  highest  degree  of  rotor 
blade  reliability  and  lowest  rotor  blade  cost  are  thus  achieved.  The 
philosophy  rests  on  making  an  evaluation  of  the  condition  of  each  indi¬ 
vidual  blade,  based  on  an  actual  structural  inspection,  rather  than  on 
judging  a  large  population  of  blades  on  the  basis  of  statistical  calcula¬ 
tions,  as  would  be  necessary  under  the  "safe-life"  concept.  Byinspecting 
each  blade,  the  using  unit  can  reach  a  valid  conclusion  on  its  condition, 
without  assumptions  of  the  effect  of  operating  conditions,  material  compo¬ 
sition,  loading  history,  manufacturing  tolerances,  or  any  of  the  other 
variables  that  may  make  two  apparently  identical  components  behave 
differently. 

The  concept  of  BIM@is  quite  simple.  The  blade  is  sealed  and  pressurized 
with  dry  nitrogen.  Before  each  flight,  the  pressure  indicators  are 
visually  checked.  No  judgment  is  required;  the  indicators  show  either 
white  (normal)  or  red  (Figure  78).  Even  persons  with  poor  color 
perception  can  tell  the  difference  at  a  glance.  The  indicators  can  be 
observed  from  the  ground  on  a  walk-around  inspection  and  visual  inspec¬ 
tion  of  the  whole  blade  is  not  required.  The  reliability  of  a  blade  is  not 
dependent  on  the  accuracy  of  logging  and  totaling  of  flight  hours,  nor 
on  the  judgment  used  in  evaluating  the  severity  of  overspeeds  and  severe 
maneuvers,  nor  on  the  proficiency  employed  in  the  application  of 
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Figure  78  BIMq Indicator 

delicate  instruments  on  intricate  test  procedures.  The  effect  of  lo¬ 
gistics  can  be  deduced  from  the  fact  that  most  blades  will  outlast  the 
aircraft  on  which  they  are  delivered,  while  under  the  "safe -life"  concept 
two  or  three  sets  of  blades  will  be  required  during  the  useful  life  of  the 
aircraft  under  the  same  conditions. 

During  the  development  of  the  BIM^concept,  it  was  necessary  to  sub¬ 
stantiate  four  basic  premises  on  which  the  inspection  is  based:  (a)  Any 
defect  capable  of  destroying  the  blade's  usefulness  will  create  a  dis¬ 
cernible  leak  in  the  sealed  cavity;  (b)  Leaks  can  be  detected  reliablv  by 
a  simple  indicator;  (c)  Sufficient  time  will  elapse  from  indication  to 
fracture  so  that  a  mission  can  be  completed  even  though  a  defect  is 
indicated  at  the  instant  of  start-up;  (d)  Sealing  methods  and  indicator 
characteristics  of  sufficient  quality  can  be  applied  to  keep  false  indications 
to  a  tolerably  low  level,  thereby  safeguarding  the  logistics  advantages  of 
BIM^and  simultaneously  maintaining  personnel  confidence  in  the  system. 

The  first  premise  was  satisfied  inductively.  The  behavior  of  fatigue 
cracks  in  metal  blade  spars  has  been  observed  carefully  during  approxi¬ 
mately  1,000  full-size  spar  fatigue  tests  conducted  by  Sikorsky  Aircraft. 

In  every  case,  the  crack  was  observed  to  break  through  the  wall,  well 
before  fracture  of  the  spar.  Thus,  it  was  concluded  that  leak  detection 
is  a  valid  inspection  tool. 

Satisfactory  leak  detection  indicators  have  required  extensive  testing  and 
development.  Simple,  positive,  reliable,  lightweight  indicators  are 
tailored  to  the  volume  of  the  spar,  so  that  the  pressure  loss  corresponding 
to  thv  presence  of  a  crack  of  noncriticai  length  will  be  detected.  Tem- 
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perature  compensation  and  absolute  pressure  indication  are  obtained  by 
comparing  the  spar  cavity  pressure  with  the  pressure  in  a  reference 
volume  within  the  indicator.  A  "press -to-test"  feature  is  incorporated 
which  isolates  the  indicator  from  the  spar  cavity  and  then  reduces  the 
sensed  pressure  to  actuate  the  indicator.  The  test  is  performed  by  one 
man,  with  no  tools,  and  consumes  about  10  seconds  per  blade. 

The  crack  propagation  rates  of  6061 -T6  aluminum  alloy  blade  spars  have 
been  determined  by  over  300  full-size  spar  fatigue  tests  conducted  during 
the  past  16  years.  Testing  of  small  plate  specimens  has  also  been  con¬ 
ducted  under  USAAVLABS  sponsorship.  Other  material  was  compared  to 
6061 -T6  aluminum  alloy.  It  was  found  that  6061-T6  extrusions,  procured 
to  Sikorsky  Aircraft's  rigid  procurement  specifications,  provided  longer 
crack  propagation  time  than  any  other  material  (for  more  than  enough 
time  to  get  the  aircraft  back  from  the  longest  transport  mission  con¬ 
templated). 

The  fourth  premise,  that  the  blade  can  be  sealed  well  enough  to  prevent 
false  indications,  demands  that  almost  perfect  sealing  be  achieved.  The 
amount  of  leakage  normally  experienced  in  a  rubber  tire  just  because  of 
the  permeability  of  the  rubber  cannot  be  tolerated  in  a  BIM@equipped 
blade.  The  seals  used  on  the  HLH  blade  cons;  t  of  a  plate  screwed  and 
bonded  to  the  root  end  and  a  rubber-lipped  pla  .e  sealed  into  the  blade 
tip  end  with  a  pourable ,  elastomeric  sealing  compound.  The  techniques 
of  design  and  application  of  the  tip -end  seal  have  been  carefully  evolved 
by  comparative  testing  from  six  earlier  seal  types.  The  sealing  of  the 
cuff  attachment  bolts  is  a  more  delicate  consideration,  since  the  sealing 
device  must  not  preclude  continuous  inspection  of  the  attachment  region. 
This  is  accomplished  by  phenolic  spacer  blocks  with  slightly  oversize 
holes,  filled  with  ar.  extrudable  elastomeric  sealant.  Because  the  sealant 
covers  only  that  portion  of  the  spar  immediately  adjacent  to  the  bolts, 
defects  in  the  bolt  region  can  be  detected  satisfactorily.  BIM@  sealing 
and  indicating  methods  are  covered  by  U.  S.  Patents  2, 134,445; 

3, 136, 369;  and  3, 168, 144;  with  other  patents  pending. 


ROTOR  HEAD  DESIGN 
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Construction 

The  rotor  head  assembly,  mounted  directly  above  the  main  gearbox, 

consists  of  a  hub  assembly  and  a  control  system  swashplate  assembly  * 

(Figures  79  through  89). 

Hub  Assembly 

Six  equally  spaced  conical  members  are  rigidly  fastened  to  the  outboard 
faces  of  the  gearbox  main  rotor  shaft  (Figures  79  through  83).  These  hub 
arms,  made  from  Ti-6A1-4V,  support  the  blades  and  their  respective 
free  motion  hinges.  The  outboard  end  of  each  hub  arm  retains  rolling 
element  needle  bearings.  These  bearings  permit  free  motion  of  the  flap¬ 
ping  blade  to  relieve  inboard  bending  stresses  and  provide  the  flapping 
hinge  offset.  The  HLH  rotor  head  is  designed  with  a  36- inch  distance  or 
offset  between  the  vertical  centerline  of  the  main  rotor  shaft  and  the 
flapping  hinge  axis.  This  offset  allows  aircraft  center-of-gravity  varia¬ 
tion  and  provides  overall  aircraft  controllability. 

The  Ti  -6A1-4V  alloy  flapping  hinge  (Figure  84)  is  attached  to  the  offset 
hinge  axis  by  its  two  lugs  and  a  flapping  pin.  Integral  bosses,  cm  both  the 
hub  arms  and  flapping  hinge  inboard  center  sections,  provide  physical 
droop  stops  for  the  HLH  blades  during  periods  of  rotor  shutdown.  A 
resilient,  replaceable  pad  is  attached  to  the  contacting  surfaces  to  with¬ 
stand  the  blade  impact  loads  and  provide  for  easy  replacement  if  worn  or 
damaged. 

The  outboard  bore  of  this  flapping  hinge  houses  rolling  element  bearings 
identical  to  the  ones  used  in  the  hub  arms.  These  bearings  provide 
another  degree  of  full  blade  freedom,  that  of  movement  of  the  blade  in  the 
plane  of  rotation.  This  motion  permits  the  blade  to  assume  an  equilib¬ 
rium  position  determined  by  centrifugal  and  drag  forces  and  also  to  hunt 
forward  and  rearward  under  the  influence  of  vibratory  Coriolis  forces.  * 

A  hinge  pin  is  supported  inside  the  bearing  bore  and  retains  the  inboard 
lug  of  the  spindle  (Figure  85).  The  Ti  -6A1-4V  alloy  spindle  has  an  inte¬ 
gral  damper  attachment  arm.  Its  cylindrical  shank  supports  five  * 

angular -contact  thrust  bearings  and  one  preload  bearing.  The  bearings 
i  'ow  the  rotor  head's  sleeve  to  rotate  about  its  feathering  (pitch-change) 
axis  and  permit  constant  mechanical  control  of  the  lifting  force  on  each 
blade.  The  inboard  section  of  the  spindle's  central  bore  and  the  integral 
tang  on  the  outboard  section  of  the  flapping  hinge  provide  physical  lead- 
lag  stops  for  the  blades.  These  stops  permit  free  motion,  approximately 
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Figure  80  Flex-RotorT-  Head,  Plan  View, 
12 -20 -Ton  Skycrane0 
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Figure  81  Flex-RotorT„  Head,  Elevation  View, 
12 -20-Ton  Skvcrane® 


PROTECTIVE  COVER 


LEAD-LAG 


STATIONAf  SWASHPLATE 


MAM  ROTOR  SHAFT 


'  «£:  W. 


SCISSORS 


SC, 


•*  r-m 


1  67 


Figure  82  Integral  Hub-Shaft  Main  Gearbox 


3  degrees  forward  and  about  20  degrees  aft  of  the  radial  line.  Again, 
replaceable  resilient  pads  are  used  cm  the  contacting  surfaces  to  reduce 
impact  loads  during  main  rotor  starting  and  stopping  conditions.  These 
stops  also  prevent  all  of  the  starting  and  stopping  loads  from  being  re¬ 
acted  by  the  blade  damper  assemblies. 

Divergent  blade  hunting  oscillations  are  prevented  by  linear  hydraulic 
damper  assemblies  located  between  the  end  of  the  flapping  pin  and  the 
spindle's  attachment  arm.  Relief  valves  inside  the  piston  limit  the  mag¬ 
nitude  of  the  lead-lag  loading  experienced  by  the  main  rotor  blades.  A 
replaceable  orifice  plate  in  the  piston  controls  the  stiffness  characteris¬ 
tics  of  the  damper. 

The  forged,  Ti  -6A1-4V  alloy  sleeve  is  a  hollow,  cylindrical  component 
whose  outboard  section  contains  a  flange  to  which  the  main  rotor  blade 
cuffs  are  easily  installed  or  removed  (Figure  86).  The  inboard  section  of 
the  sleeve  has  an  integral  arm  (horn)  which  is  activated  by  the  control 
system  linkages  and  produces  feathering  motion  of  the  sleeve  and  attached 
blade  relative  to  the  main  rotor  spindle. 

The  HLH  main  rotor  oil  lubrication  system,  developed  by  Sikorsky  Air¬ 
craft,  provides  a  complete  bath  of  oil  for  all  of  the  rolling  element  bear¬ 
ings.  This  permanent  and  complete  bath  of  oil  adds  to  the  overall 
reliability  of  these  bearings.  Tiler e  are  no  periodic  greasing  intervals  to 
be  forgotten  or  intentionally  extended,  which  Would  normally  reduce  the 
service  time  expected  from  these  bearings.  Also,  the  system  uses  no 
flexible  oil  lines  which  could  possibly  break  or  become  loose  while  in  the 
oscillating  blade  motion  environment. 

Every  oil  lubrication  system  requires  reliable,  long-lasting  seals  to 
guarantee  operation  without  field  maintenance.  A  new  oil  sealing  principle, 
developed  by  Sikorsky  Aircraft,  i  ^  in  production  on  the  CH-53A  helicopter. 
This  unique,  one-piece,  channel-  shaped  diaphragm  seal  (Figure  87)  has 
no  rubbing  seal  surfaces  to  wear  out  or  collect  grit  and  no  relative  mo¬ 
tion  between  sealing  elements.  The  one-piece  design  is  possible  since 
the  normal  oscillating  motion  of  the  rotor  head’s  hinges  is  extremely 
small  and  there  are  no  requirements  for  complete  rotation  of  any  hinge. 

Swashplate  Control  System 

The  angle  of  attack  or  pitch  of  the  main  blades  is  controlled  by  the  flight 
control  system.  This  system  is  connected  to  the  blades  through  a  swash- 
plats  assembly  located  below  the  hub  assembly  (Refer  to  Figures  80,  81, 

88,  and  89).  The  swashplate  assembly  consists  of  an  upper  (rotating) 
swashplate  driven  by  the  main  rotor  hub’s  two  rotating  scissor  assem¬ 
blies  and  a  lower,  nonrotating  (or  so-called  "stationary")  swashplate 
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SWASHPLATE  ASSY  POSITIONED 
IN  CENTER  OF  VERT  TRAVEL 
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secured  by  another  scissors  assembly  to  the  main  gearbox.  The  non¬ 
rotating  scissors  attachment  is  incorporated  into  the  attachment  fitting  of 
the  fore-and-aft  servo.  Both  swashplates  are  fabricated  from  7075-T73 
aluminum  alloy  forgings.  The  swashplate  assembly  pivots  at  its  center  on 
a  sliding  ball  and  socket  joint,  which  allows  it  to  be  tilted,  raised,  or 
lowered  simultaneously  by  control  rods  of  the  flight  control  system  which 
connect  to  arms  on  the  lower  (stationary)  swashplate.  Cyclic  or  collective 
pitch  changes  introduced  at  the  stationary  swashplate  are  transmitted  to 
the  blades  by  control  rods  and  bell  cranks  between  the  rotating  swashplate 
arms  and  horn  assemblies  attached  to  each  blade's  feathering  sleeve. 

The  control  linkage  is  so  arranged  that  pitch  variations  resulting  from 
flapwise  blade  motion  (delta  3  effect)  and  from  lagwise  blade  motion  (alpha 
1  effect)  are  minimized  in  the  region  of  normal  power-on  operation.  A 
novel  feature  of  the  linkage  is  that  the  coupling  of  pitch  motion  to  the  other 
blade  motions  can  be  altered,  without  any  changes  to  major  structural 
components,  simply  by  altering  control  rod  and  bell  crank  dimensions. 
This  provision  allows  for  minor  developmental  changes  to  be  incorporated 
during  flight  testing,  to  alter  handling  qualities,  without  the  expenses  and 
inconvenience  of  a  major  redesign.  Similarly,  control  sensitivity  can  be 
modified,  over  part  or  all  of  the  pitch  range,  merely  by  slight  alterations 
to  the  control  linkage  geometry. 

Considered  as  a  whole,  the  rotor  head  is  at  once  a  specialized  design, 
tailored  exactly  to  the  HLH  requirements,  and  yet  is  a  combination  of 
proven  design  concepts,  already  developed  and  in  production.  The  light 
overall  weight  and  low  drag  area  of  the  head  result  from  its  unique  struc¬ 
tural  scheme.  However,  the  material  and  bearing  selections,  and  the 
detail  design  methods  employed  locally  at  all  points  of  attachment  and 
articulation,  are  firmly  based  on  precedent,  with  no  areas  of  risk  or  un¬ 
certainty. 
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ALTERNATE  BLADE  AND  ROTOR  HEAD  DESIGNS 
Alternate  Blade  Design 

An  alternate  blade  design  evaluated  for  this  application  uses  a  spar 
built  up  of  several  members  fastened  together  by  structural  adhesive 
bond.  Referring  to  F  igure  90,  the  spar  consists  of  three  main 
structural  members  fabricated  from  extruded  aluminum  alloy  6061 -T6. 
The  members  are  internally  and  externally  machined  to  produce  the 
desired  wall  thicknesses  and  the  closely  controlled  fits  required  for 
bonding.  The  external  contour  surfaces  on  all  three  pieces  are 
machined  with  a  taper  to  provide  for  a  thicker  wall  on  the  inboard  end 
of  the  spars.  The  internal  surfaces  of  the  leading  and  trailing  edge 
members  are  tapered  (adjacent  to  the  quarter  chord)  to  provide  for 
thicker  walls  at  the  inboard  end  of  the  spar.  To  assemble  the  spar, 
the  pieces  are  mated,  installed  in  a  contoured  "clamshell"  fixture,  and 
structurally  bonded  under  controlled  conditions  of  temperature  and 
pressure. 

The  required  thick  root  end  is  obtained  by  gradually  laminating  up  the 
sidewalls  of  the  inboard  end  of  the  spar  with  bonded -on  aluminum  alloy 
sheets. 

Sikorsky  has  been  engaged  in  the  development  of  this  type  of  spar  for 
the  past  5  years.  Many  multi -piece -type  configurations  held  together 
by  structural  adhesives  have  been  studied,  and  different  types  of 
structures  have  been  designed.  Two  types  of  spar  specimens  have  been 
fabricated  and  bonded  in  the  manner  described  above  and  have  then  been 
fatigue  tested.  One  of  the  specimens  tested  (Figure  91,  U.S.  Applica¬ 
tion  Serial  No.  474598)  had  a  configuration  closely  resembling  the 
alternate  HLH  spar. 

The  specimens  were  subjected  to  fatigue  testing  under  simulated  cen¬ 
trifugal  tension  and  reversed  bending  moments.  In  every  test  conducted, 
metal  fracture  occurred  before  lx)nd  separation,  indicating  the  feasi¬ 
bility  of  the  design  concept.  The  most  pronounced  advantage  obtained 
is  control  of  crack  propagation,  leading  to  significant  improvements  in 
reliability,  particularly  when  coupled  with  BIM®.  The  crack  propaga¬ 
tion  control,  obtained  by  both  the  shape  of  the  components  and  the  use 
of  low  modulus,  viscoelastic  adhesives,  results  in  a  definite  "crack 
dwell"  at  each  point  where  a  new  crack  must  be  initiated  at  an  interface. 
This  effect  has  been  verified  both  by  direct  test  observation  and  by 
electron  microfractography  of  the  fractured  parts. 

The  open  sections  employed  in  all  of  the  spar  components  permit  close, 
accurate  inspection  of  the  entire  structure  before  assembly  and  rework 
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of  flaws,  nicks,  and  other  surface  blemishes  inaccessible  (and  therefore 
requiring  rejection)  in  a  "D”  section  spar.  The  end  result  is  inevitably 
higher  reliability. 

Another  advantage  of  a  redundant  spar  is  that  the  inside  of  the  spar  seg¬ 
ments  may  be  machined;  machining  is  not  limited  to  the  outside  contour 
above  as  it  is  presently  limited  on  extruded  "D"  section  spars.  With 
open  sections, both  the  inside  and  outside  of  the  parts  can  be  tapered  to 
whatever  shape  is  required  by  design;  Figure  90,  which  compares  an 
outboard  section  and  a  root  end  section,  shows  how  material  can  be 
added  to  the  spar  at  various  blade  stations.  In  addition,  the  open  sec¬ 
tions  provide  easy  access  to  die  inside,  for  cleaning,  anodizing,  and 
painting  of  parts.  Closer  wall  thickness  tolerances  are  possible, 
resulting  in  blades  even  more  closely  matched  elastically  and  aerody- 
namically  than  in  present  designs. 

The  weight  penalty  for  spar  redundancy  is  small,  amounting  to  approxi¬ 
mately  4  percent  of  blade  weight.  This  is  an  increase  of  173  pounds  in 
the  total  weight  of  the  six  blades.  Accompanying  enlargement  of  rotor 
head  structure  to  compensate  for  increased  hub  forces  resulting  from 
the  increases  of  centrifugal  force  and  blade  inertia  would  add  another 
100  pounds,  approximately.  The  total  increase  in  rotor  system  weight 
is  thus  about  270  pounds.  The  further  development  of  the  redundant 
spar  HLH  blade  appears  to  be  warranted. 

Alternate  Leading  Edge  Counterweight 


Counterweights  are  required  in  the  leading  edge  of  the  rotor  blade  to 
balance  the  nonstructural  trailing  edge  fairings.  To  avoid  disturbance 
of  the  structural  centroid,  the  leading  edge  counterweights  must  be  es¬ 
sentially  nonstructural.  The  design  solution  used  for  many  years  is  a 
segmented  counterweight  of  steel  bars,  suspended  in  elastomeric 
jackets  in  the  forward  extremity  of  the  spar  cavity.  These  counter¬ 
weights  are  loaded  in  compression  by  centrifugal  force  and  are  retained 
by  a  solid  block  attached  to  the  spar  near  the  blade  tip.  While  this  coun¬ 
terweight  system  has  been  thoroughly  proven,  the  construction  of  the 
alternate  blade  spar  permits  another  method  to  be  used,  introducing 
several  significant  improvements. 

The  alternate  counterweight  is  cast  in  place  in  the  leading  edge  cavity. 
Composed  of  lead  particles  in  an  elastomeric,  organic  matrix,  the 
counterweight  bonds  itself  in  place  as  the  matrix  cures. 

Hie  nonstructural  nature  of  the  cast  counterweight  is  provided  by  its  low 
elastic  modulus,  which  is  only  about  2  percent  of  the  spar  modulus.  The 
counterweight  has  about  the  same  density  as  steel.  Because  it  com- 
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pletely  conforms  to  the  inner  contour  of  the  spar,  the  cast  counterweight 
centroid  is  farther  forward  than  that  of  a  conventional  counterweight, 
achieving  a  given  balance  moment  with  less  mass.  In  addition,  it  is 
self-supporting  over  its  entire  length,  so  that  no  tip  block  is  required, 
and  even  severe  ballistic  damage  to  a  local  area  has  no  effect  on  the 
structural  integrity  of  die  rest  of  the  counterweight 

Cast  counterweights  have  been  made  with  several  matrix  materials. 
Static  tests,  fatigue  tests,  and  flight  tests  of  small  lengths  have  all 
produced  satisfactory  results.  Further  development  of  this  concept  is 
required,  particularly  to  substantiate  the  properties  of  the  matrix  as  a 
function  of  calendar  time.  The  counterweight  is  the  subject  of  U.  S. 
Patent  Application  Serial  No.  429408. 

Alternate  Hub  Configuration 

Figure  92  shows  an  exploded  view  of  an  alternate  rotor  hub  assembly 
wliich  incorporates  a  separate  titanium  alloy  hub  member  located  be¬ 
tween  the  main  drive  shaft  and  the  individual  hub  arms.  Spline  teeth 
in  the  hub's  central  bore  transmit  the  main  rotor  shaft  torque  to  the 
blades.  An  integral,  conical  surface,  located  direcdy  above  the  hub 
splines,  accurately  centers  the  entire  rotor  head  assembly  on  the  main 
rotor  shaft. 

The  required  preload  force  necessary  to  seat  the  hub  tightly  on  the  shaft 
is  provided  by  a  special  bolt -preloaded  nut  assembly.  A  standard  torque 
wrench  and  socket  are  the  only  tools  required  to  install  and  preload  this 
nut  assembly.  A  separate  beryllium-copper  conical  element,  driven 
between  the  hub's  lower  skirt  section  and  the  main  rotor  shaft,  com¬ 
pletes  the  lift  system's  rigid  attachment  to  the  aircraft.  This  redundant 
securing  system  design  prevents  hub  and  shaft  surface  fretting  resulting 
from  aerodynamic  head  moments  induced  by  the  flapping  action  of  the 
blades. 

This  alternate  design  approach  simplifies  the  fabrication  of  the  main 
rotor  shaft  and  allows  easier  installation  and  removal  of  the  control 
system's  swashplate  assembly.  The  gearbox  and  rotor  head  can  be 
split  apart  at  a  low  echelon  into  two  separate  packages  weighing  approx¬ 
imately  5000  and  3800  pounds,  respectively. 

This  alternate  design  increases  the  complexity  of  the  rotor  hub  and  adds 
several  new  components.  The  precision  machining  of  the  spline  and  the 
conical  seating  surfaces  would  probably  make  the  alternate  design  more 
costly  than  the  integrated  hub  and  shaft.  The  shaft  weight  is  reduced  by 
410  pounds,  while  the  rot  ;r  head  weight  is  increased  by  680  pounds,, 

This  results  in  a  270 -pound  net  weight  increase.  Because  all  of  the 
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Figure  92  Alternate  Hub  Assembly,  Flex -Rotor  ^Head, 
12-20-Ton  Skycrane® 
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design  principles  used  are  well  established,  the  splined  hub  does  not 
involve  any  added  risk. 

Fabric  Journal  Bearings 

Sikorsky  Aircraft  is  now  testing,  on  the  Model  CH-53A  main  rotor  head, 
a  fabric  bearing  which  is  a  direct  replacement  for  the  production  rolling 
element  bearings.  Preliminary  results  from  this  development  program 
indicate  that  each  of  the  HLH  flapping  and  lead -lag  rolling  element 
bearings  could  be  replaced  by  equivalent  load  capacity  fabric  bearings. 
The  use  of  these  fabric  bearings  would  eliminate  two  areas  now  requir¬ 
ing  oil  lubrication  and  would  save  approximately  120  pounds  in  weight 
by  reducing  the  bearing  outer  diameters  at  the  flapping  and  hunting 
hinges.  Because  bearing  friction  would  be  greater  than  in  rolling 
element  bearings,  less  damping  would  be  required,  so  that  the  blade 
dampers  and  associated  hardware  could  perhaps  be  reduced  in  size 
and  weight  also.  The  possibility  exists  that  die  hunting  journal  bearings 
could  be  designed  especially  to  provide  sufficient  friction  so  that  the 
damper  could  be  totally  eliminated. 

The  CH-53A  bearings  have  been  laboratory  tested,  and  some  whirl 
testing  was  accomplished  in  1965.  The  concept  is  not  completely  proven 
and  still  requires  some  development  to  verify  its  advantages  and 
characteristics.  Experience  to  date  has  been  successful,  however, 
indicating  that  it  is  not  a  high  risk  alternate  design. 

Alternate  Rotor  Control  System 

The  size  of  the  HLH  permits  consideration  of  an  "internal"  control 
system,  in  which  the  control  inputs  are  introduced  to  the  rotor  head  by 
mechanism  located  within  the  rotor  shaft.  The  swashplate  assembly, 
or  its  equivalent  mechanism,  is  located  at  the  top  of  the  hub.  Two 
typical  internal  systems  were  investigated  in  Reference  54,  in  which  it 
was  found  that  rotor  drag  area  could  be  reduced  by  slightly  less  than 
1  square  foot  by  either  system.  An  added  advantage  is  that  the  control 
mechanism  is  mostly  located  within  the  shaft  or  above  the  hub  com¬ 
ponents  so  that  an  appreciable  degree  of  protection  from  ballistic 
damage  can  be  offered  the  control  components. 

Functionally,  the  major  problems  involved  in  the  design  of  a  successful 
internal  control  system  stem  from  the  small  diameter  of  the  shaft  bore, 
as  compared  with  the  wide  spacing  of  the  nonrotating  control  inputs  in 
the  conventional  arrangement.  The  internal  system  thus  tends  toward 
larger  control  loads  and  smaller  displacements,  with  large  motion 
multiplication  taking  place  on  top  of  the  hub.  Free  motion  in  the 
mechanism  within  the  shaft  is  multiplied  considerably,  so  that  for  a 


given  amount  of  free  blade  motion,  the  free  input  motion  must  be  held 
to  about  20  percent  of  the  tolerable  amount  for  a  conventional  system. 
For  the  Hafner  system,  in  which  two  separate  members  in  the  shaft 
tilt  and  elevate  a  swashplate,  two  sliding  contact  ball  and  socket  joints, 
one  giTiball  joint,  and  two  bushings  are  employed  within  the  shaft,  so 
that  small  lost  motion  is  not  an  inherent  tendency  in  the  design.  The 
double  eccentric  system,  which  imparts  vertical  motion  to  a  central 
member  for  collective  pitch  input  and  uses  a  pair  of  hollow  eccentric 
shafts  to  displace  the  member  radially  for  cyclic  pitch  inputs,  is 
better  suited  for  operation  with  very  little  free  motion. 

While  die  design  requirements  of  the  systems  analyzed  for  the  present 
HLH  configuration  differ  slighdy  from  those  of  Reference  42,  die 
relative  weights  of  the  various  designs  follow  the  same  general  trend. 
For  the  rotor  system  of  this  study,  die  Hafner  system  weighs  about 
100  pounds  more  than  the  conventional  system.  The  double  eccentric 
system  weighs  about  the  same  as  the  conventional  system.  Thus,  of 
the  two  internal  systems  studied,  the  double  eccentric  arrangement 
appears  to  be  the  more  promising.  The  advantages  gained  in  drag 
should  be  weighed  against  the  development  required  for  this  mechanism 
in  forming  the  decision  of  whether  to  proceed  with  its  reduction  to 
practice.  For  the  low  forward  speeds  encountered  in  the  HLH  design 
missions,  the  development  penalty  does  not  appear  warranted. 

Alternate  Rotor  System 


Investigation  of  several  rotor  design  concepts  which  provide  mechanical 
simplicity  by  substituting  flexible  members  for  bearings  has  led  to  a 
family  of  alternate  designs.  Tbe  evolutionary  trend  of  these  design 
efforts  can  be  noted  in  a  chronological  listing  of  the  most  significant 
of  the  various  means  investigated  for  allowing  the  blade  to  pitch,  flap, 
and  hunt: 

a)  Conventional  arrangement  of  separate  antifriction  bearings 
for  each  of  the  three  motions.  This  type  is  currently  in 
production  on  many  models. 

b)  Spherical  hydrostatic  bearings,  one  per  blade,  each  permitting 
three  degrees  of  freedom.  This  rotor  was  built  and  exten¬ 
sively  ground  and  flight  tested. 

c)  Separate  elastomeric  bearings  for  each  motion.  Laboratory 
testing  of  full-size  components  has  been  accomplished  on  this 
concept. 

d)  Spherical  elastomeric  bearings,  one  per  blade,  analogous  to 
the  hydrostatic  bearing.  11118  was  tested  in  the  laboratory 
at  full  size. 

e)  Flexure  members,  acting  as  cantilever  beams,  for  flapping 
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motion,  combined  with  various  bearing  and  flexure  arrange¬ 
ments  for  pitching  and  hunting. 

f)  Flexible  straps,  deflecting  over  radius  blocks,  in  arrange¬ 
ments  basically  similar  to  the  last  method  above. 

g)  Laminated  flexible  members  for  flapping,  with  pitch  bearings, 
and  edgewise  blade  flexibility  to  permit  hunting. 

h)  Slender  flexible  members,  whose  deformation  permits  all 
three  motions,  guided  by  spherical  radius  blocks  moving  in  a 
rigid  framework. 

In  addition  to  the  methods  listed  above,  which  essentially  form  a  con¬ 
tinuum  of  development  effort,  gimbaled  rigid  rotors  have  been  designed, 
and  rotors  without  hunting  bearings  have  been  designed  and  produced, 
including  two-bladed  teetering  rotors.  For  the  HLH,  consideration  of 
all  of  the  available  alternate  design  solutions  led  to  the  conclusion  that 
the  design  which  has  the  best  chance  of  competing  with  a  freely  hinged 
rotor  is  a  rigid  rotor  (no  hinges  in  the  flapping  and  hunting  planes) 
with  pitching  permitted  by  a  bearing  arrangement  placed  well  inboard 
to  minimize  control  system  weight,  and  blade  flexibility  permitting 
flapping  and  hunting  motions.  Two  variants  were  investigated,  having 
high  and  low  values  of  in-plane  blade  stiffness.  The  hub  has  built-in 
pre-cone  and  pre-lag,  selected  for  average  operating  regimes. 

Study  of  previously  tested  rotors  led  to  the  conclusion  that  the  high 
second  harmonic  content  in  the  motions  of  the  blade  would  result  in 
transmission  of  large  vibratory  forces  to  the  fuselage  by  a  three - 
bladed  rotor.  The  need  for  sizeable  hub  moments  to  facilitate  control 
of  a  large  helicopter  ruled  out  a  two-bladed  rotor.  At  the  other  end  of 
the  spectrum,  the  required  solidity  dictates  increasingly  slender  blades 
as  the  number  of  blades  increases  (aspect  ratio  approximately  30  at 
10  blades,  for  example),  which  in  turn  poses  static  droop  problems. 
Since  large  blade  droop  would  require  the  addition  of  weight,  either  in 
the  fuselage  to  raise  the  rotor  or  in  the  rotor  to  restrain  the  blade,  the 
use  of  aspect  ratios  in  excess  of  25  was  avoided.  The  alternate  solu¬ 
tion  was  thus  constrained  to  use  between  four  and  eight  blades. 

Selection  of  satisfactory  edgewise  stiffness  is  influenced  by  the  absence 
of  a  lag  damper.  A  strong  tendency  is  observed  to  oscillate  in -plane 
in  the  first  mode  at  a  frequency  close  to  one  cycle  per  revolution.  To 
avoid  ground  resonance,  it  is  desirable  to  design  either  a  stiff  blade 
edgewise  (with  a  frequency  at  or  above  1.  4  cycles  per  revolution)  or  a 
blade  with  an  extremely  low  edgewise  stiffness  (with  a  frequency  below 
0. 75  cycle  per  revolution).  Both  of  these  families  of  design  solutions 
were  investigated  for  the  HLH  rotor. 
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Preliminary  studies  of  stiff  in -plane  systems  disclosed  that  severe 

weight  penalties  were  experienced  in  six-bladed  rotors  of  the  same 

solidity  as  the  selected  design  solution.  While  a  drastic  reduction  in 

die  number  of  blades  appeared  to  offer  a  better  design,  the  use  of  a 

low  in -plane  stiffness  system  was  selected  as  a  better  approach  for 

this  rotor.  Two  rotor  systems  were  then  studied  in  more  detail,  both 

having  the  same  diameter  and  solidity  as  the  freely  hinged,  six-bladed  4 

design;  one  of  these  has  six  blades,  the  other  eight,  with  aspect  ratios 

of  17. 7  and  23. 7,  respectively. 

The  weight  trends  observed  in  the  investigation  are  shown  in  Figure  93. 

Hub  weights  for  three -bladed  rotors  have  historically  enjoyed  a  con¬ 
siderable  weight  advantage  over  larger  numbers  of  blades,  which  is 
borne  out  by  the  curves  shown.  Elementary  beam  design  considerations 
rule  out  efficient  stiff  in-plane  blades  of  high  aspect  ratio  and  very 
flexible  in-plane  blades  of  low  aspt^ct  ratio.  Thus,  two  families  of 
design  solutions  for  flexible  blades  retained  by  rigid  hubs  are  compared 
with  the  various  freely  hinged  rotor  solutions.  Although  continuous 
curves  are  shown,  only  integral  numbers  of  blades  can  actually 
represent  solutions.  The  correspondence  of  numbers  of  blades  and 
aspect  ratio  values  is  based  on  the  HLH  design  solidity  of  0. 108. 

The  observed  trends  indicate  that  in  the  HLH  size,  the  region  in  which 
the  flexible  blade  and  rigid  hub  enjoy  a  weight  advantage  over  the 
freely  hinged  rotor  is  when  the  number  of  blades  is  greater  than  seven. 

These  findings  correlate  approximately  with  trends  observed  in  similar 
rotors  of  smaller  diameter,  implying  that  weight-size  trends  are 
equivalent  to  those  for  freely  hinged  rotors. 

The  main  difference  between  the  ground  resonance  response  of  a 
hingeless  as  opposed  to  a  hinged  rotor  system  is  in  the  magnitude  of 
the  exciting  natural  frequency.  For  a  freely  hinged  rotor,  this  fre¬ 
quency  is  of  the  order  of  .  7X2  (102  cycles  per  minute),  which  permits 
die  design  of  a  landing  gear  arrangement  which  has  lateral,  pitch, 
and  roll  rigid  body  frequencies  well  removed  from  the  exci'-g; 
ground  resoiiance  frequency.  This  separation  assures  freedom  from 
ground  resonance  instability  under  all  operating  conditions. 

For  the  rigid  rotor  configuration,  the  exciting  ground  resonance 

frequency  was  found  to  be  equal  for  .  3X2  (45  cycles  per  minute)  (see  * 

Figure  94).  Using  the  landing  gear  configuration  designed  for  the 

hinged  rotor  as  a  base,  coincidence  of  the  rigid  body  lateral  mode  with 

the  exciting  frequency  at  normal  operating  speed  (146  revolutions  per 

minute)  is  indicated  and  will  result  in  unstable  oscillations. 
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Basically,  three  ways  exist  to  alleviate  this  condition  of  instability. 

Hie  first  consists  of  changing  the  first  edgewise  natural  frequency  to 
produce  some  separation  of  the  exciting  frequency  from  the  first  lateral 
mode.  Because  very  little  flexural  deformation  is  experienced  in  this 
mode,  alteration  of  the  first  edgewise  frequency  of  tbe  blade  by 
changing  its  stiffness  can  result  in  only  a  very  narrow  frequency  range. 
As  a  result,  significant  relief  from  instability  cannot  be  obtained  with 
this  approach.  An  alternate  second  approach  is  to  lower  the  lateral 
fuselage  mode  by  designing  a  landing  gear  configuration  with  high 
lateral  flexibility.  However,  this  poses  the  problem  of  passing  through 
an  unstable  band  during  rotor  runup  and  shutdown,  at  a  high  percentage 
of  rotor  rpm.  The  third  solution  for  this  instability  problem,  which  appears 
to  be  the  most  practical  approach,  is  to  raise  the  lateral  rigid  body 
fuselage  mode  by  designing  a  landing  gear  configuration  with  high 
lateral  stiffness.  One  such  possible  configuration  would  be  a  four- 
point  system  with  a  stiff,  split  fore  landing  gear  configuration  as  shown 
in  Figure  95.  Besides  eliminating  the  problem  of  ground  resonance, 
this  four -point  system  would  allow  for  total  load  straddling  capability, 
permitting  the  aircraft  to  taxi  forward  over  the  load.  This  landing 
gear  change  also  removes  all  definite  restrictions  on  the  length  of  a 
straddled  load,  since  it  allows  the  load  to  project  both  forward  and 
aft  of  the  fuselage.  The  maximum  load  length  then  depends  on  its 
shape  and  other  characteristics  and  the  terrain  characteristics  at 
the  landing  site.  To  capitalize  on  the  load  straddling  capability, 
raising  the  cockpit  might  also  be  considered,  the  resulting  configura¬ 
tion  being  as  shov-u  in  Figure  95. 

The  primary  disadvantage  encountered  in  the  alternate  rotor  designs 
is  the  large  effective  offset.  If  die  offset  could  be  reduced  as  the 
hingeless  blade  concept  is  developed,  it  would  make  this  design 
competitive  with  hinged  rotors  in  the  areas  of  aircraft  attitude  and 
handling  characteristics,  conurol  load,  and  "off -design"  operational 
stresses. 

Aircraft  attitude  is  related  to  effective  offset  by  the  hub  moment 
resulting  from  tilting  the  rotor  thrust  vector  to  provide  propulsive 
force.  For  a  first  approximation,  the  moment  can  be  considered 
proportional  to  offset.  Aircraft  attitude  changes  with  changes  of  speed 
or  direction  are  therefore  greater  than  normal  design  practices  dic¬ 
tate. 

The  preliminary  study  of  the  two  alternate  designs  indicates  that  for 
both  six  and  eight  blades,  the  effective  offset  is  about  25  percent  as 
compared  to  6-1/2  percent  for  the  hinged  rotor.  TTiis  would  create 
a  head  moment  on  the  alternate  systems  on  the  order  of  4  times 
greater  than  the  normal  hinged  design. 
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Selection  of  p re -cone  and  pre-lag  angles  requires  an  exact  knowledge 
of  operating  conditions,  both  for  design  missions  and  for  off-design 
applications.  Since  optimization  of  these  angles  for  the  most  severe 
conditions  could  place  cruise  or  ferry  operation  in  the  fatigue  damaging 
regime,  a  complete  spectrum  of  operating  variables  is  necessary  for 
good  design  in  this  area. 

Both  steady  and  vibratory  stresses  have  been  found  to  vary  significantly 
with  pre-cone  angle,  as  shown  in  Figure  96. 
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Figure  96  Pre-Cone  Angle  Versus  Stress 

The  optimum  pre-cone  angle  is  the  same  angle  the  blade  would  assume 
if  freely  hinged.  It  is  roughly  proportional  to  the  lift  per  blade  divided 
by  the  centrifugal  force  at  the  blade  root.  Therefore,  for  a  given  blade 
and  operating  rpm,  the  optimum  pre-cone  angle  is  directly  proportional 
to  gross  weight.  It  becomes  apparent  that  if  the  aircraft  gross  weight 
is  changed  significantly,  the  optimum  coning  angle  for  minimum  blade 
stress  should  also  change  by  the  same  percentage.  But  since  the  pre- 
cone  angle  is  fixed,  a  stress  penalty  (roughly  proportional  to  the 
relative  change  in  gross  weight)  is  then  incurred.  Should  the  aircraft 
have  a  pre-cone  angle  of  7  degrees  optimized  on  a  gross  weight  O. 

80, 000  pounds,  flight  at  its  no-payload  weight  of  about  40, 000  pounds 
results  in  a  pre-cone  angle  reduction  of  about  3-1/2  degrees  too  large, 
so  a  35-percent  bending  stress  increase  (both  steady  and  vibratory) 
results.  This  stress  increase  can  accumulate  considerable  fatigue 
damage  on  the  blade.  Any  other  equivalent  change  in  gross  weight, 
such  as  2. 0  or  2. 5  g  maneuver  load,  would  similarly  create  increased 
static  and  vibratory  stresses  and  their  associated  fatigue  damage. 


For  the  purpose  of  this  analytical  investigation,  blade  loadings  weie 
limited  to  those  for  the  20 -ton  mission  cruise  at  95  knot&  and  78, 750- 
pound  gross  weight  Two  hingeless  rotors  were  designed  and  investi¬ 
gated,  one  a  six-bladed  rotor  (Blade  1)  and  the  other  an  eight -bladed 
rotor  (Blade  II).  Stiffness  distributions  and  steady  and  vibratory 
stkesses  for  both  configurations  are  shown  in  Figures  $7  through  102. 

For  the  six  -bladed  rotor,  the  inboard  portion  of  the  blade  was  kept 
considerably  more  flexible  than  the  normal  hinged  blade  design,  with 
an  Iyy/Ivx  ratio  of  approximately  2  to  1.  The  resulting  stresses  were 
found  to  oe  satisfactory  for  titanium  alloys  such  as  Ti  -6AL-4V  and 
Ti-6AL-6V-2  Sn.  Steady  and  vibratory  stresses  experienced  would 
cause  accumulative  fatigue  damage  inboard  if  aluminum  were  selected, 
giving  an  unsatisfactory  blade  life  and  replacement  time.  Investigation 
of  pre-cone  and  pre-lag  angles  for  the  flight  condition  yielded  7  degrees 
pre-cone  and  5  degrees  pre-lag,  measured  at  5  percent  of  rotor  radius, 
as  the  best  combination.  In  this  position,  the  blade  is  in  approximately 
the  natural  equilibrium  attitude  it  would  seek  if  it  were  freely  hinged. 

It  was  also  noted  that  due  to  flapwise -edgewise  coupling,  the  effect  of 
pre -coning  on  edgewise  stresses  (and  of  pre-lagging  on  flapwise 
stresses)  must  be  accounted  for  in  the  final  iterations.  Hie  benefits 
gained  in  lowering  flapwise  stresses  by  a  small  increase  in  pre-cone 
angle  may  be  negated  by  a  rise  in  edgewise  stresses  due  to  the  coupling 
effect.  Final  selection  of  both  angles  must  be  evaluated  over  the 
entire  spectrum  of  flight  maneuvers. 

The  titanium  alloys  tentatively  selected  can  sustain  the  induced  fatigue 
stresses  with  a  4<r  deviation  included  in  the  computation  of  allowable 
working  stress  curves.  The  final  alloy  to  be  chosen  should  be  deter¬ 
mined  by  ability  of  the  material  to  be  worked  to  the  proper  form,  ease 
of  maintenance,  and  cost.  The  first-mode  edgewise  frequency  is  0. 7 
cycle  per  revolution.  Hie  blade  static  droop  is  27. 4  inches,  slightly 
more  than  the  hinged  blade,  but  the  7 -degree  pre -cone  angle  elevates 
the  blade  tip  approximately  5-1  /2  feet,  so  no  interference  with  the 
aircraft  fuselage  will  occur. 

During  the  investigation  of  the  six-bladed  rotor  configuration,  it 
became  apparent  that  some  benefit  could  be  derived  from  a  heavier 
blade  with  more  flexibility.  The  most  efficient  method  available  for 
effecting  these  changes  was  to  increase  the  blade’s  aspect  ratio. 
Relative  to  the  root  end  section  properties,  the  added  length  of  blade 
in  a  high  aspect  ratio  design  increases  the  relief  moment  of  centrifugal 
force,  while  the  increased  flexibility  reduces  bending  moments  and 
stresses.  The  reduction  of  vibratory  stresses  is  significant,  since  it 
can  be  seen  from  the  slope  of  a  modified  Goodman  diagram  that  a 


steady  stress  gradient  can  be  tolerated  more  readily  than  an  equal 
vibratory  stress  change. 

In  order  to  maintain  the  rotor  performance  as  the  six-bladed  rotor, 
the  existing  rotor  radius  and  solidity  were  not  changed;  an  eight  - 
bladed  rotor  with  a  narrower  chord  (23. 25  inches)  resulted. 

"Hie  pre-cone  angle  of  7  degrees  and  pre-lag  angle  of  5  degrees  at  5- 
percent  offset  were  found  to  be  optimum  values  for  this  rotor,  just 
as  in  the  six-bladed  design.  This  coincidence  stems  from  the  fact 
that  total  blade  weights  are  the  same  for  both  rotors,  and  lift  to  drag 
ratios  are  equal. 

A  stress  survey  of  the  spar  of  the  narrow  chord  blade  showed  that 
6061 -T6  aluminum  alloy  could  be  used  for  the  structural  member. 
Inboard,  in  the  hub  attachment  area,  bending  loads  require  the  use  of 
titanium  alloy  attachment  components.  In  this  region  the  stiffness 
and  section  modulus  requirements  necessitate  deviation  from  the  "D" 
shaped  spar  section. 

Analysis  of  »he  natural  frequencies  shows  the  first-mode  edgewise 
frequency  to  be  0. 72  cycle  per  revolution.  The  first  -mode  flapwise 
frequency  is  1. 1  cycles  per  revolution,  but  amplification  of  flapwise 
response  is  negligible  due  to  large  aerodynamic  damping. 

Static  droop  for  this  blade  is  approximately  the  same  as  die  elevation 
of  the  blade  tip  due  to  the  pre-cone  angle,  so  that  no  fuselage -blade 
tip  interference  will  occur. 

Preliminary  calculations  show  also  that  dynamic  response  may  be 
improved  by  the  addition  of  a  concentrated  mass  at  the  tip  of  both 
blades  should  the  amplification  of  response  exceed  that  predicted  in 
the  design  criteria.  The  need  for  such  a  tip  weight  was  not  indicated 
by  the  analysis  performed  on  either  of  the  alternate  designs,  but  the 
possible  benefits  of  its  use  should  be  investigated  in  a  more  detailed 
study  to  determine  a  trade-off  point  of  benefit  versus  added  weight. 

This  addition  of  tip  mass  will  have  an  effect  on  blade  stresses  similar 
to  the  effect  of  an  increase  in  blade  aspect  ratio,  but  it  is  an  inefficient 
method  of  changing  the  blade  frequencies  since  it  adds  parasite  weight, 
incapable  of  supporting  itself  or  adding  to  the  blade  structure. 


Figure  98  Flapwise  Stress  Distribution,  Hingeless  Blade  I 
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Figure  101  Flapwise  Stress  Distribution,  Hingeless  Blade  II 


ARTICULATED  ROTOR  BLADE  STRUCTURAL  ANALYSIS 


Results 

A  summary  of  the  rotor  blade  structural  analysis  showing  the  margins  of 
safety  is  presented  in  Table  XXX.  These  margins  are  typical  of  those  on 
in-service  blades  and  show  the  blade  to  be  structurally  adequate  for  the 
anticipated  flight  and  ground  operations. 

The  fatigue  analysis  calculated  shows  a  blade  life  far  in  excess  of  the 
specified  3600  hours. 

Description 

In  Figure  103  the  (1)  Cuff,  a  "U"  shaped  6AL-4V  titanium  attachment  fit¬ 
ting,  joins  the  blade  to  the  sleeve  component  of  the  rotor  head.  The  two 
stepped  tangs  aro  the  double  trapezoidal  bolt  pattern  of  the  cuff  are 
designed  to  provide  an  efficient,  redundant  load  path  between  the  cuff  and 
the  main  structural  member  ol  .he  blade,  the  (2)  spar. 

The  spar,  a  hollow  "D"  section  extrusion  of  6061-T6  aluminum  alloy, 
forms  the  leading  edge  of  a  modified  NACA  0012  airfoil  while  segmented, 
nonstructural  (3)  Fairings  are  bonded  to  the  spar  backwall,  completing 
the  aft  portion  of  this  contour. 

(4)  Counterweights,  located  in  the  leading  edge  and  held  in  place  at  the 
outboard  end  of  the  spar  by  a  (5)  Retaining  Block,  are  required  to  keep  the 
mass  of  the  blade  balanced  about  the  feathering  axis.  To  produce  com¬ 
pletely  interchangeable  blades,  every  blade  is  balanced,  at  the  factory, 
against  a  master  blade.  This  is  accomplished  with  the  (6)  Tip  Balance 
Assembly,  which  consists  of  two  sets  of  shim  weights,  one  forward  and 
one  aft,  attached  to  the  (7)  Balance  Assembly  Support  Blocks.  The  number 
of  weights  fore  and  aft  is  varied  to  adjust  edgewise  balance  and  to  trim 
the  dynamic  characteristics  of  the  blade,  while  the  total  number  of  weights 
adjusts  the  spanwise  balance. 

The  tip  of  the  blade  is  faired  to  a  smooth  airfoil  contour  by  a  (8)  Tip  Cap 
to  improve  tip  efficiency  and  reduce  noise  levels. 

At  the  inboard  end  of  the  spar,  the  blade's  (9)  BIM(g) Indicator  provides  a 
visual  check  of  the  spar's  structural  integrity  by  indicating  the  pressure 
level  of  an  inert  gas  atmosphere.  The  gas  is  contained  within  the  spar  by 
the  (10)  BIM@Seal  Assembly  which  seals  the  internal  cavity  at  the  out¬ 
board  end  of  the  spar  and  by  a  contoured  cover  plate  at  the  inboard  end. 
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TABLE  XXX 

SUMMARY  OF  MARGINS  OF 
SAFETY  FOR  MAIN  ROTOR  BLADE  COMPONENTS 


Analysis  of  Cuff  Attachment  to  Rotor  Head  Sleeve 

Bolts  (combined  stress) 

Analysis  of  Cuff-Spar  Attachment  Region 

MS  =  .85 

Inboard  Bolt  Holes 

Cuff  (combined  stress) 

MS  prin  =  .  93 

MS  shear  =  1.37 

Cuff  (in  bearing) 

MS  =  HIGH 

Spar  (in  bearing) 

MS  =  1.66 

Spar  Tear-out  (through  end) 

MS  =  HIGH 

Bolts 

MS  g  hear  =  *57 

Outboard  Bolt  Holes 

Spar  (combined  stress) 

MSprin  =  .07 

MS  B  hear  =  •  ^ 

Spar  (in  bearing) 

MS  =  1.69 

Cuff  (in  bearing) 

MS  =  .59 

Cuff  Tear-out  (through  end) 

MS  =  HIGH 

Bolts 

M^bending  "  * 

Analysis  of  Spar  Outboard  of  Attachment  Region 

Blade  Station  X  =  r/R 

MS  min  @  Condition  # 

.9 

.94  @  4a 

.8 

.  49  @  4a 

.7 

.  26  §  4a 

.6 

.  10  @  4a 

.55 

.  03  @  4a 

.5 

.01  @  4a 

.45 

.  02  @  4a 

.4 

.  05  @  4a 

.35 

.  13  @  4a 

.3 

.  22  @  4a 

.25 

.26  @  5a 

.2 

. 48  @  5a 
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Figure  104  Blade  Weight  Distribution 
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Figure  108  Spar  Edgewise  Moment  ol 


* 

f 


(f  UT) 


S 


Chord  -  2.58  ft 
rtotor  Diameter  1 


j 

? 


* 


I 


212 


In  Figures  104  through  111  are  shown  the  physical  properties  of  the  spar. 
The  curves  include:  the  spar  weight,  area  and  thickness  distributions, 
the  spar  flap  wise  and  edgewise  moments  of  inertia  distributions  and  spar 
section  modules  and  sectional  center-of-gravity  variations. 

Torsional  Behavior  of  the  Spar 

Introduction 

The  spar  is  essentially  a  single  cellular  monocoque  structure.  Its  tor¬ 
sional  behavior  during  operation  depends  on  the  distribution  of  the  inter¬ 
nal  resisting  shear,  the  spanwise  distribution  of  section  shear  centers, 
and  torsional  stiffness. 

Determination  of  Shear  Flow  and  Shear  Center  Distribution 

Using  the  analysis  given  in  Reference  7,  the  shear  flow  distribution  and 
shear  center  of  the  spar  at  various  spanwise  stations  were  determined. 
The  shear  center  is  located  approximately  at  the  feathering  axis,  the 
actual  positions  being  shown  in  Figures  112  and  113. 
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Figure  112  Spar  Shear  Flow  Determination 

Given  the  spar  with  an  external  load  Vg,  the  shear  flow  per  unit  of  length 
is  determined  by 


q 


vz 


2  ZA 


(28) 


where  Ix 
Z 
A 


Ix 


Moment  of  inertia  about  X  axis,  in4 
Distance  to  centroid  of  element,  in 
Area  of  the  element,  in2 


The  spar  was  divided  into  56  elements  and  the  shear  flow  distribution 
around  the  spar  was  determined.  The  equation  for  the  angular  twist  0 
per  unit  length  of  beam  is 

0  =  1  £  qavg^_ 

2AG  t 


where  L 
t 


G 

Qavg 


Length  of  element,  in 
Thickness,  in 
Modulus  of  rigidity,  psi 

(Qi+qi  +  l) 

-  2 


Since  the  shear  center  is  the  point  where  bending  occurs  without  twist, 
0  must  be  cancelled  by  adding  a  constant  shear  flow  Q  around  the  sec 
tion  such  that 


IXC  j2qavgt-2 


*  0 


(30) 


The  resulting  shear  flow  pattern  is  shown  in  Figure  113.  For  this  (q  avg 
+  q')  distribution,  the  sum  of  moments  about  any  arbitrary  moment  center 
must  equal  zero.  The  shear  center  62  is  then  determined  from 

~  _  2M  _  2  2(q  avg  +  q’)  avg  AK 


2VZ 


(31) 


VZ 


where 

aK 


=  Distance  from  moment  center  to  shear  center 

=  Enclosed  area  under  the  element  to  the  moment 
center 


This  analysis  was  applied  at  several  stations  along  the  blade,  and  the 
resulting  spanwise  distribution  of  the  shear  center  is  shown  in  Figure  114. 


4 


* 


216 


--  -4r- 


« 


217 


Determination  of  Torsional  Stiffness 


» 


% 


Figure  115  Spar  Section  Loaded  in  Torsion 


Consider  a  unit  square  cut  (see  Figure  si  15  and  116)  from  the  wall  of  the 
spar.  The  shear  force  Q  on  the  edge  of  the  square  is 


Q  =  <fs0  (1)  =  *st 


where  fs 
t 


Torsional  stress, lb/in2 
Wall  thickness, in 


Figure  116  Shear  on  Spar  Element  (Reference  Figure  115) 


The  shear  deformation  b  is 


b 


133) 


2  1  9 


where  G 


~  Modulus  of  rigid*** ,  'b/in2 


The  work  done  by  the  shear  force, 

W  =  5  = 


fs2t 

KT 


lb*in 


The  torsional  stress  for  a  single  cell,  thin  walled  closed  section  was 
determined  by  Prandtl  to  be 

fs  =  -2XY"  lb/in2  (35) 

where  A’  =  Enclosed  area  formed  by  the  center  line  of  the 
contour  walls#  in2  (See  Figure  117) 


T  =  Resisting  moment, lb- in 


Substituting  this  value 
W 


of  fs  into  the  expression  for  W, 
T2 

8  (A’l^r 


The  total  work  for  the  entire  cross  section  per  length  of  spar,  then, 
equals 


wtotal  = 


_ 

8(A*)2Gt 


lb-in 


where  P  =  is  the  perimeter  of  the  section,  in 


The  work,  however,  is  also  =  Tfr  ,  where  $  =  Angle  of  twist  per  length 

2  of  blade 


Hence, 


T« 

~T 

e 

T“P 

or,  (38) 

T 

8(A‘)2tG 

TP 

4(A’)2tG 

'  KG 

where  K 

_  4(A)2t 

P 

K  is  generally  referred  to  as  the  torsion  constant,  since  it  is  a  function 
only  of  the  geometrical  shape  for  the  spar  section;  since  t  varies  for 
different  parts  of  the  section,  this  expression  then  becomes 

t 


* 
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The  spar  shear  stiffness  (KG)  was  plotted  versus  blade  radius  for  several 
stations  along  the  span  and  is  shown  in  Figure  118. 
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Figure  118  Spar  Torsional  Stiffness  Distribution 


ROTOR  BLADE  LOADS 


Calculation  Of  Airloads 


The  basic  thrust  equation  for  the  flapwise  airload  distribution  on  a  rotor 
blade  in  forward  flight  is  given  by 

dT  =  1/2  f  p  aC(  0  R}2  (•  -*) 

dr  L 

The  combined  forward  velocity  of  the  aircraft  and  the  rotational  velocity 
of  the  blade  produces  an  harmonic  variation  in  the  velocity  at  each  blade 
element.  The  basic  thrust  equation  has  been  expanded  to  allow  for  these 
harmonic  variations  in  velocity  and  the  resultant  flapping  motion  of  the 
blade.  The  expanded  equation  (Fourier  Series)  for  the  thrust  distribution 
then  becomes 


dT=  1/2  P  aC(f»R)2  [j  A  x  +  #x  (X2  +  l/2*»2)  +  1/4^2  + 
dr  L* 

1/2  e#ia^ 

+  cos^|  -  v  SqX  -  1/2  »  x  +  b(x2  +  1/4  Ai2)  -  ebj  +  e  ^ia2 
+  sin  ♦  {a*  A  +2  jixfx+aj  (1/4  ** 2  -  x2  )  -  1/2  x  b2  + 


e  (ap.  +  b2  |i  )}  (40) 

+  cos  2  *  |  -1/2  v  2#X  +  |IX  aj  +  2x2b2x  -  ^  p  ax  J 
+  sin  2  |  -1/2  A*  2a0  -  2x2a2  +u  -xbi  +  2exa2  *i  e  p  bi  j  j 

$x  =  0  o  +  ®  1 


where 


In  order  to  solve  the  thrust  equation,  the  unknown  parameters  -  the 
inflow  coefficient  ( X ),  pitch  angle  at  the  blade  root  (  0O),  and  the  flapping 
coefficients  (aQ,  aj,  a£,  bi,  b2>  -  must  be  determined. 

The  inflow  coefficient  (  X  )  is  determined  from  an  analysis  by  J.  F. 

Bailey  (Reference  6),  -vhich  is  basically  derived  from  the  equation 
for  torque  equilibrium.  This  analysis  assumes  a  constant  induced  inflow 
over  the  entire  rotor  disk. 


Since  the  flapping  motion  of  the  blade  is  harmonic  with  a  period  of  2r 
radians,  the  flapping  angle  (fir)  may  be  represented  by  a  Fourier  series 
function  of  azimuth  angle  (  ^  ).  Harmonics  higher  than  two  have  been 
found  to  be  negligible. 


4 


i 

1 

* 


r 


2  2  4 


fe-  •*=**■$ 


6f  =  slq  -  a\  cos  V  -  bj  sin  -  &2  coa  2*P  "  ^2  sin2  0 


Successive  differentiation  of  the  expression  for  flapping  angle  yields  the 
flapping  velocity  £  =  dfl  f  and  the  Capping  acceleration 


••  2 
B-d  B 


a  nt 


(42) 


The  boundary  condition  at  the  blade  root  causes  the  flapwise  moments 
due  to  thrust,  blade  weight,  centrifugal  and  inertia  forces  to  vanish  at 
the  flapping  hinge.  The  resultant  dynamic  motion  equation  becomes 


M  thrust  -  Mweight  ~  ^centrifugal  force  "  ^ inertia  =  0  (43) 

R  2 


where  =  f  1/2  p  ac  (0  Uj  +  UpUj)  (r  -  e)  dr 

*4 

R 

^weight  =  f  mgrdr 
Jr  o 


^centrifugal  force  ~  A  m  0  2r(rtff)  dr 


R 


Minertia  *  fr  *  (r-e)  j  (r-e)  dr 

•  • 

Substituting  the  expressions  for  Bp  B  ,  Up  and  U  jin  to  these  moment 

relations  *nd  setting  Mthrust  “  Mweight  =  "^centrifugal  force 
Minertia*  die  resulting  expression  may  be  written  as  a  matrix  consisting 
of  five  equations  and  seven  unknowns  (Sq,  a^,  a2,  bj,  l>2,  A  ,  4q). 


The  matrix  is  then  solved  for  the  flapping  coefficients  in  terms  of  #Q 
and  A ,  and  takes  the  form  ao  =  a^  $0  +  a^  A+  .  Lambda 
(A)  is  a  known  quantity,  having  been  previously  calculated  from  the 
torque  balance  equation.  The  pitch  angle  is  determined  by  integrating 
the  thrust  equation  around  the  azimuth,  which  yields  an  expression 
containing  0O  ,  aj  and  b2  as  unknowns.  The  relations  for  a^  and  1>2 
from  the  matrix  above  are  substituted  into  the  thrust  equation,  which 
is  solved  for  e0  . 


This  determines  all  the  parameters  in  the  thrust  equation,  so  it  is  now 
possible  to  calculate  the  radial  thrust  distribution  at  any  azimuth  posi¬ 
tion. 
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Drag  Distribution 


The  drag  distribution  or  edgewise  airload  is  calculated  from  an  expansion 
of  the  basic  drag  relation 

=  |M(Cd-CL«)UT!  (44) 

This  equation  is  expanded  to  include  the  effects  of  blade  flapping  on  the 
inflow  angle  $  and  velocity  Uy  in  much  the  same  manner  as  the  thrust 
equation  was  expanded. 

Method 

A  digital  computer  is  utilized  in  order  to  facilitate  the  computation  of 
lambda  (A),  pitch  angle  (i0),  flapping  coefficients  (a0,  ai,  a2,  bj,  b2), 
thrust  /dT\ ,  and  drag  /dD\  distributions. 

\dr/  \dr  / 

ROTOR  BLADE  RESULTANT  AIRLOADS,  SHEARS  AND  MOMENTS 

Table  XXXI  is  a  summary  of  the  flight  conditions  analyzed  and  Table 
XXXII  shows  the  list  of  design  constants  used  for  the  investigations. 
Subsequent  Tables  XXIII  through  XLIX  and  Figures  122  through  178 
graphically  represent  the  resultant  airloads,  shears  and  moments  for 
each  flight  condition. 


TABLE  XXXI 

BLADE  CONDITIONS  INVESTIGATED 


Condition 

Title  and  Basic  Parameters 

la 

"Hover'j  20 -Ton  Mission 

V=0,  N=161  rpm,  LF-1.0,  GW=78,750  1b 

lb 

"Hover",  12 -Ton  Mission 

V=0,  N=161  rpm,  LF=1.0,  GW=65,8001b 

lc 

"Hover",  Ferry  Mission 

V=0,  N=161  rpm,  LF-1.0,  GW=72,0001b 

2a 

"Vertical  Takeoff",  20-Ton  Mission 

V=0,  N=16l  rpm,  LF=2.0 

2b 

"Vertical  Takeoff",  12-Ton  Mission 

V=0,  N=16l  rpm,  L,F=2.0 

2c 

"Vertical  Takeoff",  Ferry  Mission 

V=0,  N=161  rpin,  LF=2.0 

TABLE  XXXT  (Contd) 

BLADE  CONDITIONS  INVESTIGATED 

Condition 

Title  and  Basic  Parameters 

3a 

"Cruise",  20  Ton  Mission 

VCr=95  kn,  N=146  rpm,  LF»1.0 

3b 

"Cruise",  12-Ton  Mission 

Vcr=110kn,  N=146  rpm,  LF=1.0 

3c 

"Cruise",  Ferry  Mission 

Vcr=130  kn,  N=146  rpm,  LF=1.0 

4a 

"Symmetrical  Dive  and  Pullout",  20-Ton  Mission 
V[)=121  kn,  N=146  rpm,  LF=2. 5 

4b 

"Symmetrical  Dive  and  Pullout",  12 -Ton  Mission 
Vq=159  kn,  N=146  rpm,  LF=2. 5 

4c 

"Symmetrical  Dive  and  Pullout",  Ferry  Mission 
VD=1 45  kn,  N=146  rpm,  LF=2.0 

5a 

"Autorotative  Dive  and  Pullout",  20-Ton  Mission 
Vd=121  kn,  N=l68  rpm,  LF=2.5 

3b 

"Autorotative  Dive  and  Pullout",  12-Ton  Mission 
Vq=159  kn,  N»168  rpm,  LF-2. 5 

5c 

"Autorotative  Dive  and  Pullout",  Ferry  Mission 
Vq=145  kn,  N«168  rpm,  LF«2.0 

6 

4g  Weight  Moment:  Ground  Handling 

TABLE  XXXII 


SUMMARY  OF  BASIC  DESIGN  CONSTANTS  FOR  ALL  CONDITIONS 


Constant 

Symbol 

Value 

Altitude 

P 

Sea  Level 

Density 

0 

.002378  slugs/ft.3 

Rotor  Radius 

R 

45. 8  ft 

Flapping  Hinge  Offset 

e 

3.0  ft 

Number  of  Blades 

b 

6 

Gross  Weight: 

GW 

20-Ton  Mission 

78,750  lb 

12-Ton  Mission 

65,800  lb 

Ferry  Mission 

72,0001b 

Chord 

C 

2.583  ft 

Equivalent  Chord  (Thrust) 

Ceq(T) 

2.560  ft 

Equivalent  Chord  (Torque) 

Ceq(Q) 

2. 577  ft 

Tip  Loss  Factor 

B 

0. 97 

Inner  Aerodynamic  Limit 

Xi 

0.244 

Moment  of  Inertia  of  Flapping  Mass 

Imcr 

13, 484  ft-lb-sec2 

About  Center  of  Rotation 

Mass  Moment  of  Flapping  Mass  About 

Mmcr 

496. 5  ft-slugs 

Center  of  Rotation 

Weight  Moment  of  Flapping  Mass 

13, 175  ft-lb 

About  Flapping  Hinge 

FH 

Blade  Weight  (with  cuff) 

wb 

666. 5  lb 

Rotor  Speed,  rpm 

N 

Normal  Operating 

146  rpm 

Limit,  Power  On  (1. 10  N) 

161  rpm 

Power  Off  (1. 15  N) 

168  rpm 

Forward  Velocity,  Knots 

V 

20-Ton  Mission: 

Dive  Velocity 

VD 

121  kn 

Maximum  Velocity 

Vh 

105  kn 

Cruise  Velocity 

Vcr 

95  kn 

12 -Ton  Mission: 

Dive  Velocity 

vD 

159  kn 

Maximum  Velocity 

vH 

138  kn 

Cruise  Velocity 

VCr 

110  kn 

Ferry  Mission: 

Dive  Velocity 

VD 

145  kn 

Maximum  Velocity 

VH 

126  kn 

Cruise  Velocity 

Vcr 

130  kn 

Condition  1  -  Hover 


Hie  conditions  investigated  were: 
la:  20-Ton  Mission 
lb:  12 -Ton  Mission 
lc:  Ferry  Mission 

These  conditions  are  presented  for  the  purpose  of  supplying  data  for 
performance  calculations  in  hover.  The  airloads  encountered  are  free 
of  harmonics  and  therefore  do  not  vary  with  azimuth  position.  The 
steady  airload,  shears  and  moments  which  occur  are  presented  on  the. 
following  pages. 


TABLE  XXXIII 
CONDITION  la,  HOVER, 
20-TON  MISSION, 

BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

Airspeed 

V 

0 

Rotor  rpm 

N 

161  rpm 

Angular  Velocity 

n 

16. 857  rad/sec 

Linear  Tip  Velocity 

OR 

772  ft/sec 

Gross  Weight 

TW 

78, 750  lb 

Load  Factor 

LF 

1.0 

Thrust 

T 

78, 750  lb 

Tip  Speed  Ratio 

V 

0.0 

Blade  Pitch  Angle  at  Hub 

9, 

0. 2735  rad 

Twist  Angle 

9, 

-0. 1396  rad 

0  71 


72 


3 


X 


.5 

-  r/R 


TS 


.7 


.8  .9 


Figure  119  Airload  Distribution,  Condition  la 
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(ft  -lb  ),  Shear 


Figure  121  Edgewise  Shear  and  Moment  Distribution,  Condition  la 


rr*s* 


TABLE  XXXIV 
CONDITION  lb.  HOVER, 
12-TON  MISSION, 

BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

Airspeed 

V 

0 

Rotor  rpm 

N 

Ifi  1  rpm 

Angular  Velocity 

n 

16. 857  rad/sec 

Linear  Tip  Velocity 

OR 

772  ft/sec 

Gross  Weight 

GW 

65,8001b 

Load  Factor 

LF 

1.0 

Thrust 

T 

65,8001b 

Tip  Speed  Ratio 

» 

0.0 

Blade  Pitch  Angle  at  Hub 

K 

0. 2536  rad 

Twist  Angle 

-0. 1396  rad 
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Airload  x  10"z  (lb  /ft 


x  =  r/R 


Figure  122  Airload  Distribution,  Condition  lb 


Moment  x  10"^  (ft  -lb  ),  Shear  x  10”^ (lb  ) 
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Figure  123  Flapwise  Shear  and  Moment  Distribution,  Condition  lb 
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TABLE  XXXV 
CONDITION  lc,  HOVER, 
FERRY  MISSION, 


BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

Airspeed 

V 

0 

Rotor  rpm 

N 

161  rpm 

Angular  Velocity 

n 

16. 857  rad/sec 

Linear  Tip  Velocity 

(1R 

772  ft  /sec 

Gross  Weight 

GW 

72,0001b 

Load  Factor 

LF 

1.0 

Thrust 

T 

72,0001b 

Tip  Speed  Ratio 

» 

0.0 

Blade  Pitch  Angle  at  Hub 

0.2632  rad 

Twist  Angle 

•t 

-0. 1396  rad 

4 
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Airload  x  10" *  (lb  /ft 


Figure  126  Flapwise  Shear  and  Moment  Distribution,  Condition  lc 


Condition  2  -  Vertical  Takeoff 


The  conditions  investigated  were: 

2a:  20 -Ton  Mission 
2b:  12 -Ton  Ferry 
2c :  Ferry  Mission 

Vertical  takeoff,  like  hover,  is  analyzed  as  a  steady-state  condition. 
The  only  difference  between  the  two  is  a  climb  velocity  which  has  a 
negligible  effect  on  the  rotor  inflow  whin  compared  to  the  effect  due  to 
blade  rotational  velocity.  The  load  factor  2. 0  applied  to  the  gross 
weight  in  accordance  with  the  requirements  of  Reference  34  accounts 
for  the  vertical  acceleration  experienced  at  the  start  of  the  ascent. 

TABLE  XXXVI 

CONDITION  2a,  VERTICAL  TAKEOFF, 

20 -TON  MISSION, 

_ BASIC  DESIGN  PARAMETERS _ 


Parameter 

Symbol 

Value 

Airspeed 

V 

0 

Rotor  rpm 

N 

161  rpm 

Angular  Velocity 

n 

16. 857  rad/sec 

Linear  Tip  Velocity 

ftR 

772  ft/sec 

Gross  Weight 

GW 

78,7501b 

Load  Factor 

LF 

2.0 

Thrust* 

T 

a57,  500  lb 

Tip  Speed  Ratio 

a 

0.0 

Blade  Pitch  Angle  at  Hub 

*0 

0. 3835  rad 

Twist  Angle 

-0. 1396  rad 

♦Considered  momentary  for  load 
factors  other  than  unity _ 
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10‘z  (Ib/ft) 
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Figure  129  Flapwise  Shear  and  Moment  Distribution,  Condition  2a 


Figure  130  Edgewise  Shear  and  Moment  Distribution,  Condition  2a 


TABLE  XXXVII 

CONDITION  2b,  VERTICAL  TAKEOFF, 
12 -TON  MISSION, 


BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

Airspeed 

V 

0 

Rotor  rpm 

N 

161  rpm 

Angular  Velocity 

n 

16. 857  rad/sec 

Linear  Tip  Velocity 

DR 

772  ft/sec 

Gross  Weight 

GW 

65,8001b 

Load  Factor 

LF 

2.0 

Thrust  * 

T 

131,6001b 

Tip  Speed  Ratio 

U 

0.0 

Blade  Pitch  Angle  at  Hub 

•o 

0. 3487  rad 

Twist  Angle 

f, 

-0. 1396  rad 

♦Considered  momentary  for 

load  factors  other  than  unity. 
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Figure  132  Flapwise  Shear  and  Moment  Distribution,  Condition  2b 
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TABLE  XXX VKI 

CONDITION  2c,  VERTICAL  TAKEOFF, 
FERRY  MISSION 
BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

Airspeed 

V 

0 

Rotor  rpm 

N 

161  rpm 

Angular  Velocity 

0 

16. 857  rad/sec 

Linear  Tip  Velocity 

OR 

772  ft/sec 

Gross  Weight 

GW 

72,000  1b 

Load  Factor 

LF 

2.0 

TTirust  * 

T 

144,0001b 

Tip  Speed  Ratio 

0.0 

Blade  Pitch  Angle  at  Hub 

*o 

0. 3655  rad 

Twist  Angle 

-0. 1396  rad 

*  Considered  momentary  for  load  factors  other  than  unity. 
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Airload  x  10"z  (lb  /ft 
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Condition  3  -  Cruise  (Level  Flight) 


-rt'SS"'?'' 


The  conditions  investigated  were: 

3a:  20-Tor,  Mission 
3b;  12-Ton  Mission 
3c:  Ferry  Mission 

These  conditions,  although  not  critical  ones,  are  presented  because 
the  majority  of  the  flight  time  spectrum  is  spent  in  forward  level 
flight.  The  airloads,  shears,  and  moments  presented  here  cover  the 
entire  performance  requirements  of  the  aircraft  for  all  three  missions 
at  forward  speeds  of  95,  110,  and  138  knots.  These  loads  are  applied 
to  the  blade  in  the  spar  fatigue  analysis  section  of  the  structures  report 
to  determine  blade  life. 


TABLE  XXXIX 
CONDITION  3a,  CRUISE, 
20-TON  MISSION, 
BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

True  Airspeed 

V 

95  kn 

Rotor  rpm 

N 

146  rpm 

Angular  Velocity 

n 

15. 286  rad/sec 

Linear  Tip  Velocity 

OR 

700  ft/sec 

Load  Factor 

LF 

1.0 

Gross  Weight 

GW 

78,750  1b 

Thrust 

T 

78,7501b 

Lift  Curve  Slope 

a 

6.90 

Tip  Speed  Ratio 

U 

0. 2290 

Blade  Pitch  Angle  at  Hub 

®o 

0. 2424  rad 

Twist  Angle 

e, 

1396  rad 

Inflow  Factor 

A 

-0.0400 

Coning  Coefficient 

Flapping  Coefficients 

ao 

0. 1325  rad 

cos  $  component 

al 

0. 0798  rad 

sin  component 

b i 

0. 0388  rad 

cos  2  4>  component 

a2 

0.0057  rad 

sin  2  V  component 

b2 

-0.0035  rad 

1 

] 
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Figure  137  FlapwiseAirload  Distribution,  Condition  3a 


Figure  138  Flapwise  Shear  and  Moment  Envelope.  Condition  3a 


Airload  (lb/ft) 


•'Cruise" 


Figure  139  Edgewise  Airload  Distribution,  Condition  3a 
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20-Ton  Mission 
GW  -  78,750  lb 


"  146  rpm 
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TABLE  XXXX 
CONDITION  3b,  CRUISE, 
12 -TON  MISSION, 
BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

True  Airspeed 

V 

110  kn 

Rotor  rpm 

N 

146  rpm 

Angular  Velocity 

n 

15. 286  rad/sec 

Linear  Tip  Velocity 

OR 

700  ft/sec 

Load  Factor 

LF 

1.0 

Gross  Weight 

GW 

65, 800  lb 

Thrust 

T 

65, 800  lb 

Lift  Curve  Slope 

a 

6.90 

Tip  Speed  Ratio 

V 

0. 265 

Blade  Pitch  Angle  at  Hub 

$o 

0. 2221  rad 

Twist  Angle 

A 

-.  1396  rad 

Inflow  Factor 

-.  0378 

Coning  Coefficient 

Flapping  Coefficients 

ao 

0. 1076  rad 

cos  (//component 

al 

0. 0776  rad 

sin  (//component 

bi 

0. 0362  rad 

cos  2  (//component 

a2 

0. 0063  rad 

sin  2 (//component 

b2 

-0. 0040  rad 
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Figure  143  Edgewise  Airload  Distribution,  Condition  3b 


Figure  144  Edgewise  Shear  and  Moment  Envelope,  Condition  3b 


TABLE  XXXXI 
CONDITION  3c,  CRUISE, 
FERRY  MISSION, 

BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

True  Airspeed 

V 

130  kn 

Rotor  rpm 

N 

146  rpm 

Angular  Velocity 

n 

15.286  rad/sec 

Linear  Tip  Velocity 

OR 

700  ft/sec 

Load  Factor 

LF 

1.0 

Gross  Weight 

GW 

72,0001b 

Thrust 

T 

72,0001b 

Lift  Curve  Slope 

a 

6.90 

Tip  Speed  Ratio 

It 

0.  314 

Blade  Pitch  Angle  at  Hub 

9o 

0. 2127  rad 

Twist  Angle 

9, 

-.  1396  rad 

Inflow  Factor 

A 

-.0292 

Coning  Coefficient 

Flapping  Coefficients 

*o 

0. 1155  rad 

cos  ^component 

al 

.  0906  rad 

sin  V/ component 

bi 

.  0463  rad 

cos  2  ^component 

a2 

.  0091  rad 

sin  2  4*  component 

b2 

-.0055  rad 

Figure  145  Flapwise  Airload  Distribution,  Condition  3c 


Moment  x  10-3 (ft  -lb  ),  Shear  x  10-3 (ib  ) 
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Figure  146  Flapwise  Shear  and  Moment  Envelope,  Condition  3c 
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Airload  (lb  /ft  ) 
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Figure  148  Edgewise  Shear  and  Moment  Distribution,  Condition  3c 


267 


Condition  4  -  Symmetrical  Dive  And  Pullout 


The  conditons  investigated  were: 

4a: 

20-Ton  Mission 

4b: 

12-Ton  Mission 

4c: 

Ferry  Mission 

The  airloads  for  this  maneuver  are  calculated  as  outlined  earlier  on  page 
207.  This  condition  generates  the  highest  combination  of  loads  on  the 
outboard  75  percent  of  the  blade.  In  accordance  with  Reference  34,  the 
net  airload  over  the  aft  30  percent  of  the  airfoil  section  has  been  increased 
by  a  uniformly  distributed  "compressibility  increment".  This  analysis  of 
change  in  airload  intensity,  as  presented  in  Reference  34 .  is  applied  to 
that  portion  of  the  blade  where  the  Mach  number  exceeds  0. 6.  The  net 
total  airload  is  considered  unaltered,  so  the  analysis  is  limited  to 
determining  the  torsional  moment  developed  along  the  blade. 

TABLE  XXXXII 

CONDITION  4a,  SYMMETRICAL  DIVE  AND  PULLOUT, 

20-TON  MISSION, 

BASIC  DESIGN  PARAMETERS  


Parameter 

Symbol 

Value 

True  Airspeed 

V 

121  kn 

Rotor  rpm 

N 

146  rpm 

Angular  Velocity 

n 

15. 286  rad/sec 

Linear  Tip  Velocity 

nR 

700  ft/sec 

Load  Factor 

LF 

2.5 

Gross  Weight 

GW 

78, 750  lb 

Thrust* 

T 

196,875  lb 

Lift  Curve  Slope 

a 

6.90 

Tip  Speed  Ratio 

V 

0.291 

Blade  Pitch  Angle  at  Hub 

#0 

0. 3909  rad 

Twist  Angle 

J1 

-.  1396  rad 

Inflow  Factor 

-0.0640 

Coning  Coefficient 

Flapping  Coefficients 

ao 

0. 3448  rad 

cos  component 

bj 

0.2298  rad 

sin  component 

0.1302  rad 

cos  2  V*  component 

a2 

0.0228  rad 

sin  2  4*  component 

b2 

-0. 0130  rad 

♦Considered  momentary  for  load 
factors  other  than  unity 
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Figure  149  Flapwise  Airload  Distribution  Condition  4a 
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Symmetrical  Dive  and  Pullout 


20-Ton  Miasion 
GW  -  78,750  lb 
V  -  121  kn 


Figure  150  Flapwise  Shear  and  Moment  Envelope,  Condition  4a 
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Moment 


Figure  152  Edgewise  Shear  and  Moment  Envelope,  Condition  4a 
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TABLE  XXXXIV 

CONDITION  4b,  SYMMETRICAL  DIVE  AND  PULLOUT, 

12-TON  MISSION, 

BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

True  Airspeed 

V 

159  kn 

Rotor  rpm 

N 

146  rpm 

Angular  Velocity 

0 

15.286  rad/sec 

Linear  Tip  Velocity 

OR 

700  ft/sec 

Load  Factor 

LF 

2.5 

Gross  Weight 

GW 

65, 800  lb 

Thrust 

T 

164, 500  lb 

Lift  Curve  Slope 

a 

6.90 

Tip  Speed  Ratio 

V 

0.383 

Blade  Pitch  Angle  at  Hub 

•o 

0.4034  rad 

Twist  Angle 

•l 

-0. 1396  rad 

Inflow  Factor 

A 

-0.1167 

Coning  Coefficient 

Flapping  Coefficients 

ao 

0.2867  rad 

cos  ip  component 

*1 

0. 2805  rad 

sin  ip  component 

bl 

0.1391  rad 

cos  2  <i/ component 

? 2 

0.0337  rad 

sin  2  ^component 

b2 

-0. 0207  rad 

* 
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Figure  154  Flapwise  Airload  Distribution,  Condition  4b 
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Airload  x  1CT2  (lb/ft) 
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Figure  157  Edgewise  Shear  and  Moment  Envelope,  Condition  4b 
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TABLE  XXXXV 

CONDITION  4c,  SYMMETRICAL  DIVE  AND  PULLOUT, 

FERRY  MISSION, 

BASIC  DESIGN  PARAMETERS 


Parameter 

Symbol 

Value 

True  Airspeed 

V 

145  kn 

Rotor  rpm 

N 

146  rpm 

Angular  Velocity 

n 

15.286  rad/sec 

Linear  Tip  Velocity 

OR 

700  ft /sec 

Load  Factor 

LF 

2.0 

Gross  Weight 

GW 

72,0001b 

Thrust* 

T 

144,0001b 

Lift  Curve  Slope 

a 

6.90 

Tip  Speed  Ratio 

P 

0.350 

Blade  Pitch  Angle  at  Hub 

•o 

0  rad 

Twist  Angle 

9  1 

-0. 1396  rad 

Inflow  Factor 

A 

-0.0943 

Coning  Coefficient 

Flapping  Coefficients 

ao 

0. 2505  rad 

cos  <//  component 

b1 

bl 

0. 2236  rad 

sin  Q  component 

0.1112  rad 

cos  2  component 

a  2 

0. 0246  rad 

sin  2  *l>  component 

b2 

-0.0151  rad 

•Considered  momentary  for 

load  factors  other  than  unity. 

Symmetrical  Dive  and  Pullout 
Perry  Mission 
GW  -  72,000  lb 
V  -  145  lm 
N  “  146  rpm 

LF  -  2.0  1 - 1 - 1 


mam 

mammsssm 

mi 


Figure  159  Flapwise  Shear  and  Moment  Envelope,  Condition  4c 


Airload  (lb/ft) 


Synmetrical  Dive  and  Pullout 
Ferry  Mission 
GW  -  72,000  lb 
V  -  145  kn 


Figure  160  Edgewise  Airload  Distribution,  Condition  4c 
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Figure  161  Edgewise  Shear  and  Moment  Envelope,  Condition  4c 
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Condition  5  -  Autorotative  Dive  and  Pullout 


The  conditions  investigated  were: 

5a:  20 -Ton  Mission 
5b :  12  -Ton  Mission 
5c :  Ferry  Mission 

The  autorotative  dive  and  pullout  maneuver  produces  the  highest  load 
combination  on  the  inboard  25  percent  of  the  blade  and  is  presented  here 
to  complete  the  blade  loading  envelope.  The  torsional  moment  due  to 
the  compressibility  increment  is  calculated  as  outlined  in  Condition  4, 
Symmetrical  Dive  and  Pullout,  and  the  results  are  presented  in  Table 
XXXXVIi  and  Figure  166. 


TABLE  XXXXVI 

CONDITION  5a,  AUTOROTATIVE  DIVE  AND  PULLOUT, 
20 -TON  MISSION, 

_ BASIC  DESIGN  PARAMETERS _ 


Parameter _ Symbol _ Value 


True  Airspeed 

V 

121  kn 

Rotor  rpm 

N 

168  rpm 

Angular  Velocity 

n 

17. 59  rad/sec 

Linear  Tip  Velocity 

OR 

806  ft/sec 

Load  Factor 

LF 

2.5 

Gross  Weight 

GW 

78, 750  lb 

Thrust* 

T 

196, 875  lb 

Lift  Curve  Slope 

a 

7.35 

Tip  Speed  Ratio 

/i 

0.2540 

Blade  Pitch  Angle  at  Hub 

®o 

0. 2271  rad 

Twist  Angle 

4 

-.  1396  rad 

Inflow  Factor 

X 

0. 0175 

Coning  Coefficient 

Flapping  Coefficients 

*0 

0. 2482  rad 

cos  4/ component 

ai 

0. 1125  rad 

sin  ip  component 

bl 

0. 0842  rad 

cos  2  ip  component 

a2 

0. 0114  rad 

sin  2  tp  component 

*>2 

-0. 0058  rad 

*  Considered  momentary  for  load  factors  other  than  unity. 
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Figure  162  Flapwise  Airload  Distribution,  Condition  5a 


Autorotatlve  Dive  and  Pullout 
20-Ton  Mission 
GW  -  78,750  lb 
V  «  121  kn 
N  ”  168  rpm 
LF  -  2.5 


Figure  163 


Flapwise  Shear  and  Moment  Envelope,  Condition  5a 
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Moment  x  10 “3 


Figure  165  Edgewise  Shear  and  Moment  Envelope,  Condition  5a 
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TABLE  X XXXVII 
COMPRESSIBILITY  INCREMENT, 


Torsional  Moment  x  10"3  (in-lb) 


Figure  166  Compressibility  Increment,  Condition  5a 


TABLE  XXXXVIII 

CONDITION  5b,  AUTOROTATIVE  DIVE  AND  PULLOUT; 
12 -TON  MISSION, 

_ BASIC  DESIGN  PARAMETERS _ 


Parameter _ Symbol  Value 


True  Airspeed 

V 

1591m 

Rotor  rpm 

N 

168  rpm 

Angular  Velocity 

n 

17. 59  rad/sec 

Linear  Tip  Velocity 

OR 

806  ft/sec 

Load  Factor 

LF 

2.5 

Gross  Weight 

GW 

65, 800  lb 

Thrust  * 

T 

164, 500  lb 

Lift  Curve  Slope 

a 

7.35 

Tip  Speed  Ratio 

Pi 

0.  333 

Blade  Pitch  Angle  at  Hub 

®o 

0. 1920  rad 

Twist  Angle 

9i 

-0. 1396  rad 

Inflow  Factor 

A 

0.0205 

Coning  Coefficient 

Flapping  Coefficients 

®o 

0. 2008  rad 

cos  ip  component 

al 

0. 1162  rad 

sin  ip  component 

b\ 

0. 0889  rad 

cos  2  ip  component 

a2 

0. 0158  rad 

sin  2  ip  component 

b 2 

-0.0081  rad 

*  Considered  momentary  for  load  factors  other  than  unity. 
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Figure  167  Flapwise  Airload  Distribution,  Condition  5b 


Airload  (lb/ft) 


Moment 


Figure  170  Edgewise  Shear  and  Moment  Envelope,  Condition  5b 
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TABLE  XLIX 

CONDITION  5c,  AUTOROTATIVE  DIVE  AND  PULLOUT, 
FERRY  MISSION, 

_ BASIC  DESIGN  PARAMETERS 


Parameter _ Symbol _ Value 


True  Airspeed 

V 

145  kn 

Rotor  rpm 

N 

168  rpm 

Angular  Velocity 

n 

17. 59  rad/sec 

Linear  Tip  Velocity 

OR 

806  ft/sec 

Load  Factor 

LF 

2.5 

Gross  Weight 

GW 

72,0001b 

Thrust* 

T 

180,0001b 

Lift  Curve  Slope 

a 

7.35 

Tip  Speed  Ratio 

0.  304 

Blade  Pitch  Angle  at  Hub 

•o 

0. 1830  rad 

Twist  Angle 

-0. 1396  rad 

Inflow  Factor 

A 

0. 0178 

Coning  Coefficient 

Flapping  Coefficients 

SO 

0. 1748  rad 

cos  ^component 

ftl 

0.0934  rad 

sin  i//  component 

bl 

0. 0708  rad 

cos  2  ^component 

a2 

0. 0115  rad 

sin  2  ^component 

*>2 

-0. 0059  rad 

*  Considered  momentary  for  load  factors  other  than  unity. 
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Figure  171  Flapwise  Airload  Distribution,  Condition  5c 


Figure  173  Edgewise  Airload  Distribution,  Condition  5c 


Moment  x  10~3  (ft  -lb  ) ,  Shear 
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ROTOR  BLADE  STRUCTURAL  ANALYSIS 

In  this  section,  the  structural  integrity  of  the  main  rotor  blade  and 
cuff  is  substantiated. 

A  comparison  of  rotor  blade  loads  shows  that  the  20-ton  mission 
generates  highest  static  blade  stresses;  the  highest  bending  stresses 
occur  along  the  outboard  75  percent  of  the  blade  during  the  symmetri¬ 
cal  dive  and  pullout  maneuver,  and  the  highest  centrifugal  stresses  occur 
along  the  inboard  25  percent  of  the  blade  during  the  autorotative  dive 
and  pullout  maneuver. 

An  analysis  of  the  fatigue  stresses  generated  on  the  spar  for  the  flight 
spectrum  is  also  presented  to  substantiate  die  replacement  life  of  the 
spar. 

The  blade  and  cuff  are  analyzed  for  the  shear  and  moment  envelopes 
developed  from  Condition  1  through  Condition  6.  These  envelopes 
are  determined  by  surveying  all  azimuth  positions  to  determine  the 
maximum  shear  and  bending  moments  which  occur  at  each  radial  blade 
section.  The  azimuth  at  which  the  maximum  shear  for  a  given  blade 
station  occurs  is  never  the  azimuth  where  maximum  bending  occurs; 
and  since  maximum  edgewise  and  flapwise  loadings  rarely  occur  simul¬ 
taneously  at  one  given  azimuth,  this  method  of  load  combining  is  very 
conservative. 

The  forces  to  be  considered  may  be  categorized  as  aerodynamic, 
dynamic,  and  gravitational.  The  aerodynamic  forces  consist  of  lift 

•J7-  -  [(,0  +  1X>  VT2  +  ’'JpUl]  (45) 


and  drag 

dr  “  T  -  *  Ci)  U^] 

(46) 

The  dynamic  forces  are  centrifugal  tension, 

R 

Fc=^Mn2rdr 

(47) 

inertia, 

Fin  =  /  ,M(r  -  e‘ )  $  dr 

(48) 

I 
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(49) 


and  Coriolis  forces 

Ifojr.-2/ >6  j(r-0-)dr; 

V  g 

and  the  gravitational  force  is  expressed  as 
R 


Weight  =  j£,w  dr 
Sign  Convention 


The  sign  convention  for  blade  motion,  shown  in  Figure  176,  will  be 
used  throughout  the  blade  discussion.  It  is  a  standard  method  of 
notation  used  in  all  Sikorsky  Aircraft  blade  analysis  reports. 


Flapwlee  Bending  and 
(-T")  Shear  in  the  Direction 


Figure  176  Sign  Convention  for  Blade  Motion 


f 


* 


Analysis  of  Cuff-to-Sleeve  Attachment 

The  analysis  of  the  cuff-sleeve  joint  presented  here  assumes  that  the 
joint  is  sufficiently  rigid  to  prevent  any  significant  deflections  of  the 
cuff  flange  or  the  hinge  at  attachment.  If  the  deflections  remain  small, 
the  bolts  will  be  loaded  in  tension  and  shear  only.  For  large  deflections, 
bending  deflections  in  the  bolts  cause  changes  in  the  distribution  of  bolt 
loads.  The  inboard  portion  of  the  cuff,  as  designed,  possesses 
sufficient  rigidity  to  make  the  bolt  analysis  valid. 

To  determine  the  loading  on  the  bolts  resulting  from  the  applied  loads 
on  the  joint,  an  equivalent  moment  of  inertia  must  be  found  for  the 
entire  joint.  Figure  177  is  a  sketch  of  the  section  showing  the  cuff 
flange  bolt  pattern  and  the  equivalent  flange  areas  used  in  the  deri¬ 
vation  of  the  equivalent  moments  of  inertia.  The  method  of  calculation 
of  the  bolt  loads  is  as  follows: 


SS ?*S3S 


? 


1.  Locate  a  neutral  axis  so  that  the  area  moment  of  the  resisting 
flange  area  above  the  axis  will  equal  the  area  moment  of  the  bolts 
below  the  axis. 


2.  Locate  an  equivalent  flange  area  so  that  its  area  moment  equals 
that  of  the  bolts. 


3.  Determine  the  moment  of  inertia  of  the  total  equivalent  system 
about  the  neutral  axis. 


4. 


Determine  the  stress  in  the  bolts  according  to  the  relation 


f 


Me 

Ieq 


(51) 


where 

f  =  unit  stress, lb/in^ 

M  =  bending  moment,in-lb 
c  =  distance  from  neutral  axis  to  bolt,  in 
Ieq  =  moment  of  inertia  of  the  equivalent  system, in4 

The  loads  and  moments  used  in  the  analysis  were  taken  from  condi¬ 
tion  5a.  Preliminary  investigations  showed  that  the  high  centrifugal 
loading  of  this  maneuver  produces  the  largest  combination  of  stresses 
on  this  joint. 
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Figure  177  Equivalent  Cuff  Area  Resisting  Bending 


Neutral  Axis  Determination 


By  iteration,  the  neutral  axis  is  found  to  be  3. 77  inches  from  the  axis 
of  symmetry  of  the  flange  (see  Figure  177). 

Determination  of  leg 

Bolt  Area  =  .3068  in^ ;  d  =  0. 625  in;  9  bolts 
Minor  Dia  =  .5568  Jn;  Minor  Dia  Area  »  .  2435  in2 
M^  bolt  =  11 . 87  in3 ;  9  bolts 

For  simplicity  of  calculations,  let  the  equivalent  flange  area  be  a 
rectangle  11. 87  inches  x  1. 0  inch,  centered  1. 00  inch  from  the 
neutral  axis. 

Then  M^  flange  =  11. 87  in^ 

Calculate  the  moment  of  inertia  of  the  bolts  and  flange  about  the 
neutral  axis  (leq). 

leq  =  INA  +  Ar2  (52) 

Bolts: 

leq  bolts  =  9lr<^568)4  +  (2)  (.  2435)  [ft  0825)2  +  (3. 77)2 

+  <6. 458)2  +  (8.  425)2  ]+(.  2435)  (9. 145)2 

leq  bolts  =  -137  +  63.124+  20.36  =  83. 62  in4 

leq  flange  =  "jj-  11.87(1)^  +  11.87  (1)(1)^ 

=  9892  +  11.87  =  12. 859  in4 

*eq  =  ^eq(bolts)  +  *eq(flange)  =  83.62+  12.859  =  96. 48  in4 
Loads  and  Moments  @  r  =  68  in,  X  =  .124 


a)  Centrifugal  Force  Fq  =  142,418  1b  (Figure  178) 

b)  Flapwise  Bending  Moment  Mflap  =  +  10C  000  in -.Vo 

c)  Edgewise  Bending  Moment  Mgdge  =  '82.800  in-lb 

d)  Torsional  Moment  M-p  =  51,710  in -lb 


Tension 


e)  Flapwise  Shear  Sflap  =  -2,400  1b 

f)  Edgewise  Shear  Sedge  =  1  *  300  lb 

Calculations  of  Loads  and  Stresses 


r 


* 


a)  Centrifugal  Tension 

Fc  =  14^»2418  =  11,868  lb/bolt 

fc  =  =  48, 739  lb/in2 

b)  Flapwise  Bending  Moment 


fflap 

108,000  x  (c)  =  n20  (C)  ib/in 
96. 48  v 

,2 

Bolt  No. 

1 120  x  (c) 

= 

Stress  -  lb/in 

1 

(1120)(3.77) 

= 

4,222 

2 

(1120)(1.0825) 

= 

1,212 

6 

(1120X1.0825) 

= 

1,212 

7 

(1120)(3. 77) 

s 

4,222 

8 

(1120)(6. 4575) 

= 

7,232 

9 

(1120)(8.4249) 

= 

9,436 

10 

(1120)(9. 145) 

= 

10, 242 

11 

(1120)(8.  4249) 

= 

9,436 

12 

(1120)(6. 4575) 

= 

7,232 

f 

m 


c)  Edgewise  Bending  Moment 

fedge  =  =  858  <c>  Vto2 


Bolt  No. 


858  x  (c) 


=  Stress  -  lb/in2 


3 

4 

5 

6 

7 

8 
9 

10 

11 


(858)(1.0825) 

(858)(3. 77) 
(858)(6. 4575) 
(858)(8.4249) 
(858)(9. 145) 
(858)(8. 4249) 
(858 )(6.  4575) 
(858)(3.  77) 
(858)(1.0825) 


929 

3.235 
5,541 
7,228 
7,846 
7,228 
5,541 

3.235 
929 
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d)  Torsion 


f 


Load  on  Each  boil  =  *  802  lb 

'<  =  |(x)=  &)  ■  3384  lb/in2 

e)  and  f )  Flapwise  and  Edgewise  Shear  (Figure  179) 


sflap 


Figure  179  Flapwise  and  Edgewise  Shear  Vector 

Sr  =  ^/s^flap  +  s^edge 
Sr  =  ^(2400)2  +  (1300)2  =  2729  1b 
2729 

SR(per  holt)  =  TT  =  227  lb/bolt 

tS=^8^  7401i/ta2 

Combined  Tensile  Stress  on  Bolts,  lb/in^ 


Bolt  No. 

fc 

+ 

fflap 

+ 

*edge 

= 

*total  lb/*11 

1 

48,739 

+ 

4,222 

+ 

0 

= 

52,961 

2 

48,739 

+ 

1,212 

+ 

0 

= 

49,951 

3 

48,739 

+ 

0 

+ 

929 

= 

49,668 

4 

48,739 

+ 

0 

+ 

3,235 

= 

51,974 

5 

48,739 

+ 

0 

+ 

5,541 

= 

54,280 

6 

48,739 

+ 

1,212 

+ 

7,228 

= 

57,179 

7 

48,739 

+ 

4,222 

+ 

7,846 

= 

60,807 
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Bolt  No.  fc  +  fflap  +  f^dge 


*total 


8  48,739  +  7,232  + 

9  48,739  +9,436  f 

10  48,739  +10,242  + 

11  48,739  +  9,436  + 

12  48,739  +  7,232  + 


7,228 

= 

63,199 

5,541 

= 

63,716 

3,235 

= 

62,216 

929 

= 

59, 104 

0 

= 

55,971 

Maximum  loaded  bolt  is  number  9,  f  =  63,  716  lb/in2 
Additional  Stress  on  Bolts  Due  to  Preload 


Bolt  Dia  =  .  625  in  Eboit 

Bolt  Area  =  .3068  in2  Eflange 


30  x  106  lb/in2 
16  x  106  lb/in2 


Figure  180  Bolt  Loading  Distribution 

The  stress  distribution  in  the  flange  is  assumed  to  be  triangular. 

See  Figure  180.  The  average  flange  area  under  the  bolt  is 

r  -i  2 

A  =  ]  .937  +  .565  -  .3068 

A  =  2.3868  -  .3068  =  2.08  in2 
Preload  =  15,520  1b 

Maximum  load  on  bolt  number  9  =  63,716  (.  3068)  =  19,5481b  =  Q 


311 


Therefore,  the  total  tensile  load  =  P+  Q 


1  - 


_(AE)b+1 

(AE)f 


(54) 


(AE)boit  =  .  3068  (30  x  106)  _  m 
(AEJflange  2.08(l6xl06)  * 

Total  TeneUe  I>oad  =  15,520+  19,548  1~  =  19,742  1b 

Maximum  Tensiie  Stress  =  =  ^4 >  lb/in2 

Maximum  Shear  on  any  bolt: 

ts(tot)  =  ft  +  fs  =  740  +  3384  =  4124  lb/in2 

Margin  of  Safety 

R  =  64,350  (1.5)  =  .536 
1  180,000 

r9  =  4124  (1*5)  =  .057 
2  109,000 


Ms  "  C~536)  +yl(.  536)2  +  4(.057)2 


-1  =  .85 


Ground  Conditions  -  4g  Moment  and  Load 

Mfiap  =  529, 884  in-lb  (Reference  Figure  175) 

Stress  on  maximum  loaded  bolt  number  4 

(flap  «  529%848<9' 145>  =  50,226  lb/in2 

Preload  (P  =  15,520  lb): 

Load  on  bolt  number  4  =  50, 226  (.  3068)  =  15, 409  lb 
Total  Tensile  Load  =  15,520+  15,409  ^1-  j  276  j  = 
Maximum  Tensile  Stress  =  =  61,451  lb/in2 


853  lb 


MS  = 


180,000 


61,451  x  1.5 


-1  =  .95 


3  1  2 


1 


i 


i 


1 

I 


x 


Structural  Analysis  of  Cuff -Spar  Attachment  Region 


* 


¥ 


The  cuff- spar  joint  is  one  of  the  most  highly  loaded  sections  of  the  blade. 
Static  loads  and  moments  reach  a  maximum  in  the  attachment  region 
and  stress  concentration  factors  associated  with  the  fastener  holes 
create  peak  stresses  at  the  bolt  holes  rather  than  the  extreme  fibers 
of  the  cuff  and  spar. 

Structural  fastening  of  the  cuff  and  spar  is  accomplished  with  eighteen 
1/2- inch -diameter  bolts.  The  three  outboard  rows  use  through  bolts, 
while  the  three  inboard  rows  use  shorter  bolts,  each  loaded  in  single 
shear.  See  Figure  181. 


The  bolts  are  assumed  to  transfer  the  loads  from  the  spar  to  the  cuff 
by  shear;  bearing  between  cuff  and  spar,  as  well  as  friction  between 
mating  surfaces,  is  conservatively  neglected. 


Two  cross  sections  will  be  analyzed;  one  through  the  inboard  bolt 
holes  where  the  entire  load  has  been  transferred  to  the  cuff,  and  a 
second  through  the  outboard  bolt  holes  where  die  spar  absorbs  all  the 
loading. 

The  most  severe  loads  on  this  portion  of  the  blade  are  generated  in 
Condition  5a,  "Autorotative  Dive  and  Pullout". 

Design  Data  -  Allowable  Stresses: 

Aluminum  Alloy  (6061 -T6) 

Ftu  =  38,000  lb/in2 
Fsu  =  24,000  lb/in2 
Fbry=  56,000  lb/in2 


f 

| 

I 

I 

i 


1 

J 
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Titanium  Alloy  (6AL-4V) 
Ftu  =  130, 000  lb/in2 
Fsu  =  80, 000  lb/in2 
Fbru  =  248,000  lb/in2 
NAS  Steel  Bolts 

Ftu  -  160, 000  lb/in2 

^brp  =  300,000  lb/in2 
Analysis  of  Cuff -Spar  Joint 


Figure  182  Cuff-to-Spar  Attachment  Bolt  Pattern 


Center  of  Resistance  =  1+6  +  9+12  +  15  „  ?  «.  in  (&e  Flgure  ^ 

2 

IX  =  4(157.5)  =  630  in2,  2  Y2  =  4(11.7343)  =  46. 9372  in2  (55) 
Ip  =  (  2  X2  +  2  Y2)  -  676.  937  in2 
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Inboard  Bolts,  See  Figure  183. 


*  /-Center  of  Resistance 


pm  (edgejy  (3  ► 


ps  (edge) 


mt 


.875 


rfc 

pm  (flap) 

pm  (e^eJx 


Figure  183  Inboard  Bolt  Loading 


Loads:  r  =  74, 125  in  x  =  .135 
Fc  =  141,0001b 

Mfjap  =  116, 400  in-lb 
Medge  =  84,000  in-lb 

M[  =  51,710  in-lb 
Sedge  ~  1200  lb 


Loads  on  bolts : 

Pfc  =  §  *  =  5875  Ib/bolt 

Pmflap  *  1720  lb/bolt 

Ps(edge)  =  -§gdge  =  1200  =  50  ib/bolt 
24  24 

^  Mt  _  51,710 
pmt  =lTh  ~  15(5754) =  764  ib/bolt 


pm(edge)x  = 


84,000  x  .875 
676. 937  "  108  lb 


pm(edge)y 


.  MrtgpX  =  84,000x  7.5  _  1K 
Ip  676T937  “  931 


px  Pfc  +  pmflap  +  Pm(edge)x  =  5875+  1720+  108  =  77031b/bolt 
py  -  psedge  +  Pmt  +  Pm(edge)y  =  50  +  764  +  931  =  17451b/bolt 


Figure  184  Outboard  Bolt  Loading 


Loads:  r  =  89. 125  in  x  =  .162 
Fc  =  137,0001b 

Mflap  =  118, 800  in-lb 
Medge  =  90,000  in-lb 
=  51,710  in-lb 
Sedge  =  900  Ih 


3  16 


i 


Loads  on  bolts: 

pfc  =  |f"  =  ~ =  5708  lb/bolt 
pmflap  =  Tfjp  =  1755  lb/bolt 

psedge  =  =  24^  =  38  lb/bolt 

Mt 

Pmt  =  I2h  =  764  'b/toh 

Pm(edge)x  =  MpLY  =  WfiOD*. 1.0  .  133  * 


pm(edge)y  = 


=  90,000  (7.5)  =  9971b 

676.937 


Px  =  5,708+  1,755+  133  =  759b  lb 

Py  =  38+  764+  997  =  17991b 

P  =  (7, 596)2  +  (1 , 799)2  =  78061b 
Margin  of  Safety  for  Inboard  Bolt  Analysis 
Inboard  Bolts  in  Shear: 

P  =  7898  1b  Pal]  =  18,6501b  (Reference  51) 

MSmin  =  -1-8’650  -l  =  57 

min  7898(1.5) 

Cuff  in  Bearing: 

Pbr  -  7,898  1b  tbr  =  17,551  lb/in2 

MS  =  -248»0Q0  -i  =  Hi_h 

(1.5)  (17,551)  1  Hlgh 
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Spar  in  Bearing: 

7898 


br  =  .5(1.125) 
56,000 


MS  = 


=  14,041  lb/in" 


■1  =  1.66 


(1.5X14,041) 

Tear-out  through  End  of  Spar  -  Shear: 

7703 


f8  =  P/A  = 
MS  = 


(1. 125)  (2)  (1. 125) 
24,000 


3,044  lb/in 


1.5(3,044) 


-1  =  High 


Margin  ot  Safety  for  Outboard  Bolt  Analysis 

Outboard  Bolts  in  Bearing: 

— 789^ -  =  104,080  lb/in2 

.50  (.15)  ’  ' 


rbr 


fbni  =  300,000  lb/in2 

300,000 
(1. 5)(104,080) 


MS  = 


-1  =  .92 


Outboard  Bolts  in  Bending: 

L  =  2  r^uff  +  tshim  =  -075+  .05  =  .  125  in 


M  =  PL  =  .  125  (7,806)  -  976  in-lb 

f  =  M/z  =  976  <•  25>  =  79, 479  lb/in2 

'  .00307 


MS  = 


160,000 
(1.5)  79479 


-1  =  .34 
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Spar  in  Bearing: 

P  =  7806  lb,  fbr  =  (1  125)(.  5) 


=  13,877  lb/in2 


MS  = 


56,000 


(1.5)  (13,877) 


-1  =  1.69 


Cuff  in  Bearing: 

7806 


fbr  ~ 
MS  = 


(•  15)(.  5) 

248,000 


1.5  (104,080) 


=  104,080  lb/in2 
-1  =  .59 


Tear -out  through  End  of  Cuff  -  Shear: 
Load  P  =  75961b 


f  =  p/a  =  _Z596 —  _  14  354  ib/in2 
8  '  2  (.2644)  ’  ' 


MS 


80,000 
1.5  (14,364) 


-1  =  High 


Figure  185  shows  cross  sections  of  inboard  and  outboard  bolt  holes 
analyzed  in  the  previous  pages. 


Analysis  of  Cuff  through  Inboard  Bolt  Holes 

Cuff  Section  Properties:  r  -  74. 125  in  (See  Figure  185) 

A  =  11.75  in2 

Ixx  =  96. 7  in4  c  =  3. 72  in 

Iyy  =  68. 17  in4  c  =  1. 125  in 
Zxx=  25. 995  in3 
Zyy  =  60. 604  in3 

1 


<.«w 


■ 

§ 

9 

Section  at  Inboard  Bolt  Boles 


Figure  185  Spar -Cuff  Sections  with  Maximum  Stress 
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Kf  =  0  at  extreme  surface 
Kc  =  .  09  at  neutral  axis 

K  =  (stress  concentration  factor)  =  2. 5  for  hole  (Reference  41) 


Loads: 

Fc  --  141,0001b 
Mfiap  =  116, 400  in -lb 
Medge=  84,000  in -lb 
Sedge  =  12001b 

Sflap  =  20001b 

Mt  =  51,710  in-lb 


Stresses: 


Fc  =  141,000  _  =  12,000  lb/in2 
T  H.75 


fmflap  = 


Mfiap  =  116,400  =  4478  lb/in2 
Zjk  25.995 


f  _  Medge  =  84»°QQ  =  1386  lb/in2 

^dge  "  Zyy  60. 604 

fn  =  ft  +  fmflap  =  17, 864  lb/in 

fnk  =  fn(K)  =  2.5  (17,864)  =  44,660  lb/in2 

*  sedge  =  Sedge  OCc)  =  1200  (.09)  =  108  lb/in2 


,  -  M  =  51,710 

fs(torsion)  "  h  (A)  11.75  (4.08) 

fs  =  fs  edge  +  fs  (torsion)  =  1187  lb/in2 

fsk  =  K  fs  =  2. 

44,660 

f(prin)  "  2 


i  (1187)  =  2968  lb/inz 
(2968)2^  = 


=  1079  lb/in2 


44,856  lb/in2 


f. 


'i 


* 

\ 
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ft*1'  »  r^**fesr***?*£f  - 


1 

* 


fs(max) 


^660- 


+  (2968)2  =  22,526  lb/in2 


Cuff  Margin  of  Safety: 


MSprin  ■ 

130,000  l 

(1.5)  44,856 

MSshear  = 

80,000 

(1.5)  22,526 

.93 

1.37 


Analysis  of  Spar  Through  Outboard  Bolt  Holes 
Spar  Section  Properties:  (See  Figure  185) 


A 

=  24. 29  in2 

r  = 

89. 125  in 

Ixx 

=  98.09  in4 

Al  = 

48. 51  in2 

!yy 

=  359. 35  in4 

Kf  = 

0.0 

Zxx 

=  35. 37  in3 

1! 

O 

.372 

Zyy 

=  227.87  in3 

K  = 

2.5 

Loads: 


Fc  =  137,0001b 

Mflap  =  118,800  in-lb 
Medge  ~  90 , 000  in  -  lb 
Sflap  =  400  lb 
Sedge  =  900  lb 
Mt  =  51,710  in-lb 
Stresses: 

„  137,000  e£m  1L),  2 

ft  =  24. 2?~  =  5640  ^/m 

118,800  _  oocmu/^2 

Wap  =  35. 37  3359  lb^ 
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=  395  lb/in2 


4 


90,000 
fmedge  =  227.87 

fn  =  ft  +  fmflap+  9394  lb/in2 
fnK  =  Kfn  =  2.5  (9394)  =  23,845  lb/in2 

fsedge  =  900  (.372)  =  335  lb/in2 

fstorsion  "  2AT  2(48. 514)(1. 1^5)  474  U)/in 

f sedge  ^storsion  “  3®9  1^/in2 
fsk  =  Kfs  =  2-5  (809)  =  2022  lb/in2 

fprin  =  — j---  +  ^/--j  4852  +  (2022)2  =  23, 657  lb/in2 
fsmax  =  (2022)2  =  11,915  lb/in2 


Spar  Margin  of  Safety: 


MS 


prin  = 


Mishear  = 


38,000 


1.5  (23,657) 

24,000 
1.5  (11,915) 


-1  =  .07 


-1  =  .34 


* 
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Analysis  of  Blade  Spar  Outboard  Of  Root  End  Attachment 
Static  Analysis  of  the  Spar 

The  HLH  main  rotor  blade  was  analyzed  at  12  stations  along  the  span 
to  determine  the  stresses  and  margins  of  safety  resulting  from  the 
applied  loadings  discussed  below. 

Investigation  of  loads  and  section  moduli  about  the  spar  periphery 
shows  the  highest  combination  of  stresses  to  occur  at  the  entrance  to 
the  spar  backwall  radius.  This  will  be  the  point  of  analysis  for  each 
blade  section. 


Loading: 


The  spar  will  be  analyzed  for  the  following  loads: 


(a) 

<b) 

(c) 

<d) 

(e) 

<f> 

(g) 


1 


Centrifugal  force  -  Fc  (See  Figure  178) 

Flapwise  bending  moment  -  Mflap 
Edgewise  bending  moment  -  Mg^ge 
Flapwise  shear  -  Sflap 
Edgewise  shear  -  S^gg 
Torsional  moment  due  to  compressibility 
Moment  due  to  the  eccentricity  of  centrifugal  force  from 
the  spar  neutral  axis  -  Mg  (See  Figure  186) 


Condition  4a 
(  and  Condition  5a 


- 


J 


The  spar  was  investigated  for  loading  conditions  covering  the  entire 
spectrum  of  flight  and  ground  operations.  A  survey  of  these  condi¬ 
tions  indicates  that  a  complete  substantiation  of  the  spar  need  only 
consider  two  of  these  conditions,  since  the  remaining  will  produce 
less  severe  moments  and  loads  (See  Figure  187). 

From  Station  x  =  .  25  outboard,  condition  4a,  "Symmetrical  Dive  and 
Pullout  -  20-Ton  Mission" ,  produces  the  largest  flapwise  and 
edgewise  bending  moments  on  the  blade  and,  therefore,  the  highest 
combination  of  stresses  in  this  area. 


Condition  5a,  "Autorotative  Dive  and  Pullout  -  20-Ton  Mission", 
because  of  the  high  centrifugal  stresses,  produces  the  highest 
stress  condition  for  the  inboard  25  percent  of  the  spar. 

Since  the  point  to  be  analyzed  on  the  periphery  of  the  spar  is  approxi¬ 
mately  the  extreme  fiber  in  both  the  flapwise  and  edgewise  directions, 
the  stresses  due  to  Sflap  and  SeGgc  are  negligible. 


t 


V 
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Spar  Loading 


Section  properties  are  taken  from  the  basic  data  given  on  pages  208 
through  214. 

Margins  of  Safety: 

Margins  of  safety  are  calculated  by  a  method  using  1  /R  stzess  ratios 
(Reference  51). 

Moduli  of  rupture  in  bending  were  derived  from  flapwise  and  edgewise 
bending  tests  of  full-sized  spar  specimens  loaded  to  rupture.  Using 
the  MIL  HNDBK-5  ultimate  tensile  strength  of  38, 000  pounds  per  square 
inch,  the  ratio  of  resultant  rupture  stress/ultimate  tensile  strength  was 
plotted  against  a  parameter  (D/t)  derived  from  spar  cross  section  dimen¬ 
sions.  A  plot  of  these  ratios  for  several  models  established  curves  of 
flapwise  and  edgewise  values  of  Frup>  as  shown  in  Figure  188. 

Separate  stress  ratios  are  then  determined,  for  each  of  the  tension  and 
bending  stresses  (times  a  1. 5  safety  factor).  The  stress  ratio  for  tension 
is  obtained  by  dividing  stress  by  the  ultimate  tensile  stress.  For  the 
stress  ratio  due  to  bending,  the  bending  stress  is  divided  by  the  ultimate 
tensile  stress  multiplied  by  the  ratio  of  Frup/Fujt  obtained  from 
Figure  188. 

These  stress  ratios  are  combined  into  the  following  formula  to  obtain 
the  margins  of  safety  for  various  stations  along  the  blade: 


MS  = 


-  1 


R,+[r2,  +  4  Rs  ^  <57> 

(where  Rt  is  the  tensile  stress  ratio  and  Rs  is  the  shear  stress  ratio). 

The  calculations  of  the  required  parameters  and  the  resultant  ratios 
and  margins  of  safety  are  shown  in  Tables  L  and  LI. 
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SUMMARY  OF  LOADS,  MOM 
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x  r 

*0 

A 

% 

Rflap 

Zxx 

Sfi*p) 

£ 

t  xx 

^rup 

Ftu  xx 

*2 

Medge 

— 

In 

lb 

in2 

lb/in2 

in-lb 

m3 

in/lb2 

in-lb 

.9  495 

18,000 

6.0 

3,000 

.118 

84,000 

7.25 

11,586 

21.8 

1.0 

.457 

16,80 

.8  440 

33,000 

7.6 

4,342 

.171 

91,200 

8.5 

10,729 

18,8 

1.0 

.424 

64,80^ 

.7  385 

48,000 

8.4 

5,714 

.226 

100,800 

9.5 

10,610 

16.0 

1.02 

.411 

117, 60( 

.6  330 

62,000 

9.8 

6,326 

.250 

148,800 

11.0 

13,527 

14.9 

1.06 

.504 

156, 00( 

.55  302 

68,000 

10.0 

6,800 

.268 

158,400 

11.25 

14,080 

14.9 

1.06 

.524 

166, 8a 

.5  275 

74,000 

10.1 

7,327 

.289 

160,800 

11.5 

13,983 

14.5 

1.075 

.513 

170, 40C 

.45  248 

80,000 

10.3 

7,767 

.306 

158,400 

11.75 

13,481 

14.2 

1.085 

.490 

168,  ax 

.4  220 

85,000 

10.6 

8,019 

.316 

153,600 

12.25 

12,539 

13.6 

1.105 

.448 

163, 20C 

.35  192 

90,000 

11.2 

8,Q36 

.317 

144,000 

12.75 

11,294 

12.9 

1.13 

.394 

153,6a 

.3  165 

94,000 

11.6 

8,103 

.320 

134,400 

13.5 

9,956 

12.2 

1.16 

.339 

140,4a 

.25  138 

97,000 

12.2 

7,951 

.314 

130,800 

14.25 

9,179 

11.6 

1.175 

.308 

124,8a 

.2  \10 

101,000 

15.0 

6,733 

.266 

141,600 

16.5 

8,582 

9.49 

1.25 

.271 

110,4a 

R1  - 

Ftu 

*2 

-  itj  - 

(Frup)xx 

Epi(edge)  +(*te3 
(FrUpJyy 

1.5 

R_  ™  ^8t  (1.5) 
F«w 

h  " 
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Kig 


SOME 


1-lb 

>,800 

>,800 

7,600 

>,000 

>,800 

1,400 

',000 

1,200 

,600 

,400 

,800 

»,400 


TARlE  L 

SUMMARY  OF  LOADS,  MOMENTS, AND  STRESSES  FOR  CONDITION  4a 


^flap 

Z*x 

Sflap) 

D 

6  xx 

Frup 

Ftu  xx 

r2 

Medge 

hry 

fm(edge) 

Mo 

Fte 

D 

d  yy 

Fruo 

Ftu 

n-lb 

>4,000 

m3 

7.25 

in/lb2 

11,586 

21.8 

1.0 

.457 

in-lb 

16,800 

m3 

14.0 

lb/in2 

1,200 

m-ib 

-41,000 

m/ib2 

-2929 

40.67 

1.0 

Jl,200 

8.5 

10,729 

18,8 

1.0 

.424 

64,800 

20.5 

3  >161 

-30,000 

-1463 

31.2 

1.1 

JO, 800 

9.5 

10,610 

16.0 

1.02 

.411 

117,600 

22.5 

5,227 

-26,000 

-1156 

31.2 

1.1 

*8,800 

11.0 

13,527 

14.9 

1.06 

.504 

156,000 

28.0 

5,572 

-16,000 

-  571 

25.3 

1.3 

58,400 

11.25 

14,080 

14.9 

1.06 

.524 

166,800 

28.5 

5,853 

-  9,000 

-  316 

25.3 

1.3* 

60,800 

11.5 

13,983 

14.5 

1.075 

.513 

170,400 

28.5 

5,979 

-  1,000 

-  35 

25.3 

1.3* 

58,400 

11.75 

13,481 

14.2 

1.085 

.490 

168,000 

29.0 

5,793 

+  6,000 

207 

25.3 

1.3 

53,600 

12.25 

12,539 

13.6 

1.105 

.448 

163,200 

29.5 

5,532 

14,000 

474 

25.3 

1.3! 

44,000 

12.75 

11,294 

12.9 

1.13 

.394 

153,600 

31.0 

4,955 

21,000 
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25.3 

1.3' 

34,400 

13.5 

9,956 

12.2 

1.16 

.339 
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32.0 
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30,800 
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11.6 

1.175 

.308 
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33.0 
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36,000 
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25.3 
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-41,600 

16.5 
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1.25 

.271 

110,400 

38.0 
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44,000 

1158 

25.3 
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(F  ) 

^rup'yy 

1.5 
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2 
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ID  STRESSES  FOR  CONDITION  4a 


2A't 

U 

Rs 

H 

MS 

in-lb 

m3 

lb/in2 

14,303 

13.17 

1,086 

.068 

.507 

.94 

26,319 

15*80 

1,666 

.104 

.653 

.49 
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18.73 
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.777 
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38,818 
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38,818 

25.33 

1,532 
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.13 
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38,818 
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.084 

.762 

.30 
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37.58 
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.064 
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SUMMARY  OF  IX 
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1.06 

•  31* 

.5 

275 

99,000 

10.1 

9,800 

.387 

98,400 

11.5 
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1.13 
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96,000 

13.5 

7,111 

12.2 

1.16 

.242 

.25 

138 

129,000 

12.2 

10,574 

.417 

97,200 

14.25 

6,821 

11.6 
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TABLE  LI 

SUMMARY  OF  LOADS,  MOMENTS,  AND  STRESSES  FOR  CONDITION  5a 
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FOR  CONDITION  5a 
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Spar  Fatigue  Analysis 


The  BIMq  system  of  continuous  structural  inspection  makes  possible  the 
use  of  the  blade  for  an  indefinite  period,  with  far  greater  reliability 
than  can  be  obtained  by  retirement  of  the  blade  at  a  calculated  "Safe 
Life".  Replacement  is  thus  required  only  "on  condition",  and  arbitrary 
,  blade  replacement  life  has  no  meaning. 

/  i 

Fatigue  analysis  of  the  spar  was  performed  for  each  of  the  conditions 
in  the  flight  spectrum.  Spanwise  station  r  =  22. 9  ft.  was  the  most 
highly  stressed  station  of  the  spar  for  all  conditions  analyzed  for 

/  fatigue.  A  sample  calculation  is  shown  in  detail,  and  complete  results 

are  summarized  in  Table  L1I.  The  blade  fatigue  life  calculated  by  FAA 
methods  (Reference  33)  is  approximately  9000  flight  hours.  The 
magnitude  of  the  calculated  life,  by  an  extremely  conservative  analysis, 
is  interpreted  as  ample  justification  for  "on -condition"  replacement. 

Steady -state  flight  conditions  produce  no  fatigue  damage,  since  the 
induced  stresses  are  less  than  the  endurance  limit  of  the  working 
curve.  Thus,  if  the  aircraft  could  be  flown  continuously  in  hovering 
and  cruising  flight,  no  finite  life  would  exist.  Various  transient 
maneuver  conditions  induce  higher  stresses,  however,  so  that  the 
fatigue  life  is  based  entirely  on  maneuvering  loads.  The  flight  spectrum 
calculated  for  this  aircraft  (by  the  same  method  used  in  FAA  certifica¬ 
tion  of  the  S-64)  indicates  that  19  percent  of  the  total  flight  time  is 
spent  in  maneuvers.  Of  these,  many  are  conditions  that  produce  only 
moderate  blade  loadings.  To  simplify  the  analysis,  it  was  conserva¬ 
tively  assumed  that  all  maneuvers  are  as  severe  as  high  speed  pullouts. 

Power  was  assumed  to  be  on  during  83  percent  of  the  time  spent  in 
maneuvers,  while  the  remaining  17  percent  of  maneuver  time  was 
assumed  to  be  spent  in  autorotative  pullouts.  Even  though  these  are 
the  most  severe  loading  conditions  that  can  be  imposed  upon  the 
blades,  the  satisfactory  results  of  the  life  calculation  indicated  that  no 
refinement  of  the  loading  assumptions  is  necessary  to  prove  the  point. 

A  more  realistic  survey  of  all  maneuver  conditions  might  well  be 
expected  to  increase  the  calculated  life  by  a  factor  of  100  or  more,  but 
would  be  of  only  academic  interest. 

The  S-N  curve  used  in  the  analysis  is  shown  in  Figure  189.  It  is  based 
’  on  full-sized  test  specimens  of  similar  geometry,  tested  in  the  Sikorsky 

Fatigue  Testing  Laboratory.  Specimens  were  tested  with  steady  loads 
and  combined  flapwise  and  edgewise  bending  moments  applied  in 
proportion  to  actual  flight  values.  The  mean  curve  is  then  reduced  to 
obtain  a  working  curve. 
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The  cumulative  damage  to  the  blade  is  calculated  by  determining  the 
allowable  hours  at  each  of  the  stress  levels  from  the  S-N  curve.  One 
hour  is  8760  cycles  at  146  revolutions  per  minute  for  normal  operation, 
or  10,080  cycles  at  168  revolutions  per  minute  for  the  limit  power-off 
condition. 


For  each  condition,  the  damage  is  given  by 


Damage  = 


percent  Time 
Allowable  Hours 


The  total  damage  is  obtained  by  summing  the  individual  damage 
calculated  for  all  conditions.  A  replacement  time  is  then  given  by 


100 


Replacement  Time  =  Total  Damage’ 

Sample  Calculations  for  Maximum  Fatigue  Condition 
Cross -Sectional  Properties  @  x  =  .  5: 


(See  Table  L1I) 


A  =  10. 1  in2 


Zj^-x  =  11. 5  in^ 
Zy-y  =  28. 5  in^ 
Loads  and  Moments: 
Fc  =  74,0001b 


Mflap  *  +  156,000;  -  81,600  in-lb 
Medge  =  +  144,000;  -  182,  400  in-lb 


Mgcc  =  +  1000  to’1*5 
Stresses: 

Centrifugal  Stress 
ft  =  ZIlQOQ  =  7327  lb/in2 

Xv«  X 


Condition  4b 
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Flapwise  Stress 


Mflap (steady)  =  156,000  -  81,600  =  37>200  in -lb 

m* 

Mflap( vibratory)  =  ll:.600  +  81>  600  _  ±  ^  ^  ^ 

_  37,200  118,800 

ft  "  "nTT  ±  — n  5  *  3235  ±  10,3301b/in2 


Edgewise  Stress 


^edge  (steady)  =  000 ' 182» 400  = 

mt 

Medge  (vibratory)  -  Ajj.  000  +  182,  400 

mt 


19,200  in-lb 
±  163, 200  in-lb 


Mecc(steady)  =  1000  in-lb 

u  _  19, 200  +  1000  163,200 

28.5  ±  28.5 


>674  ±  5726  lb/in2 


ft0‘  ' (ft  +  lOapsteady  +  fedge8teady)  ^(fflapvibratory  +  fedgewtaatory) 
ftot =  201  ±  16, 056  lb/in2 


10  use  the  S-N  curve,  the  vibratory  stress  must  be  converted  . 

Vllinno.TV>r.oniin«</i  «maU  _ 4. _ J__  pm  — 

rne  Goodman  correction 


.  - me  v iv ± tiixny 

eUOO-pounds -per- square -inch  steady  stress 
factor  is 


< 


CF 

CF 

*tot 


_  ^,wu  -  ouuu _ 

4i,  000  -  f8teady 

34,000 

30, 79T~  =  110 
=  8000  ±  17, 662  lb/in2 
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Secondary  Bending  Analysis 

Because  of  the  large  chordwise  breadth  of  the  spar,  an  analysis  was 
performed  to  determiiic  the  amount  of  secondary  bending  of  the  spar 
section  caused  by  flapwise  bending  of  the  blade.  This  action  is 
similar  to  the  flattening  of  a  round  tube  into  an  elliptical  section  when 
bent,  and  is  the  reverse  of  the  operating  principle  of  the  familiar 
Bourdon  tube.  The  analysis  relates  the  elastic  curvature  and  flexural 
stress  distribution  in  the  spar  to  the  loading  which  deforms  the  section. 
Deflections  are  then  computed,  and  the  resulting  alteration  in  flapwise 
moment  of  inertia  is  calculated.  Because  it  could  then  be  determined 
by  inspection  that  the  secondary  bending  did  not  pose  a  problem,  the 
analysis  was  carried  no  further.  Used  as  an  iterative  procedure, 
however,  this  analysis  can  be  used  to  define  structural  stability. 

If  successively  determined  deflections  of  the  section  form  a  convergent 
sequence,  the  structure  is  stable,  while  a  divergent  sequence  would 
indicate  a  failure  by  buckling. 

The  secondary  bending  is  dependent  on  flexural  loading  and  does  not 
depend  significantly  on  shear  loading.  The  derivation  therefore  assumes 
a  pure  (or  constant)  bending  moment  imposed  on  the  spar,  as  shown  in 
Section  A-A  of  Figure  190. 


Figure  190  Blade  Planform 
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The  flapwise  bending  moment  acting  on  the  blade,  as  shown,  causes 
the  blade  to  deflect  concave  downward,  producing  tension  in  the  upper 
sidewall  and  compression  in  the  lower  sidewall.  Since  the  spar  is 
symmetrical  about  the  Z  axis,  only  the  upper  surface  will  be  considered. 
Taking  an  element  of  length  dZ  and  thickness  ds  from  the  upper  portion 
of  the  deflected  blade, 


Figure  191  Spar  Sidewall  Element 


we  compute  the  force  F<j  as  shown  in  Figure  191. 
^d  =  2Fa  sin 

Since  for  small  angles,  — —  =  sin  — — , 

2  2 

Fd  -  2Fa 


(58) 


(59) 


where  F„  is  the  force  on  the  spar  due  to  Mf&n  .  From  simple  beam 
theory,  the  stress  is  given  by 

Fa  MflapY 

dA  Ixx 


S  = 


(60) 
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Therefore,  Fa  =  ~^PY  dA 

Ixx 


Also,  dA  =  tds 


From  the  geometry  of  the  elastic  curve, 
dZ  =  Pd#, 

FI 

and  since  p  =  — — —  , 

Mflap 

d  #  _  dZMflap 

2  2EIxx 

Therefore, 

.  in  d  #  2M2flao  Y  t  ds  dZ 
Fd  -  2Fa  —  =  -  fH  - 

for  a  unit  length  of  spar  (dZ  =  1  in) 
rr  .  -  M2flapY  tds 

Fd  “eTm2 — 


(61) 


(62) 


(63) 


This  equation  is  of  interest,  since  it  shows  that  the  loading  which  tends 
to  deform  the  section  is  proportional  to  the  second  power  of  applied 
bending  moment.  This  is  due  to  the  influence  of  elastic  curvature  and 
flapwise  bending  stress,  both  of  which  depend  on  the  applied  moment. 
The  second  power  relationship  also  shows  why  instability  failures 
tend  to  be  abrupt  in  their  behavior. 

Using  this  equation  to  calculate  the  chordwise  loading,  the  moments 
and  deflections  are  calculated  for  two  stations  along  the  spar. 

The  sections  and  loads  used  in  this  analysis  were  selected  to  approxi¬ 
mate  the  maximum  flapwise  bending  stress  condition  in  cruise 
( x  =  .  860)  and  in  ground  handling  ( x  =  .  244).  Because  the  analytical 
results  were  to  be  used  as  the  basis  of  an  early  design  decision,  the 
loads  and  section  locations  are  approximate  and  do  not  necessarily 
match  exactly  the  loads  and  critical  section  locations  determined  in 
the  final  design  analysis. 
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Chordwise  Force  Distribution,  Secondary  Bending  Analysis,  x  ■  .  244 


Figure  193  Chordwise  Force  Distribution,  Secondary  Bending  Analysis, 


Since  F<j  varies  along  the  spar  chord,  the  spar  was  divided  into  56 
elements  and  an  Fd  was  calculated  for  each  element.  The  results  are 
summarized  in  Figures  192  and  193.  They  show  the  location  of  the 
spar  stations  and  the  chordwise  loading  for  each  of  the  elements. 

Hie  moments  and  deflections  are  found  by  considering  the  spar  as  an 
indeterminate  structure  (Reference  58,  Page  143).  See  Figure  194. 


Figure  194  Chordwise  Loading  Analogy 
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The  moments,  slopes,  and  deflections  have  been  plotted  versus  the 
mean  line  (NA)  of  the  section  and  are  shown  in  Figures  195  and  196. 

Flapwise  moments  of  intertia,  recalculated  for  the  deflected  spar  at 
each  of  the  sections  studied,  were  found  to  be  reduced  by  less  than 
2  percent  from  those  of  the  undeflected  section.  Since  the  maximum 
deflection  of  the  sidewall  was  negligible  (approximately  .  025  in  both 
cases),  no  further  analysis  was  considered  to  be  necessary. 

Hie  effects  of  secondary  bending  deflections  vary,  depending  on  the 
loading  conditions  which  cause  them.  Flight  loads  generally  are 
caused  by  airloads  and  inertia  forces  and  tend  to  bend  the  blade  into 
a  particular  elastic  curve  at  any  given  instant.  Thus,  any  effect 
which  reduces  flexural  stiffness  tends  to  reduce  the  applied  bending 
moment  and  thus  actually  reduces  blade  stresses.  In  steady  ground 
loading  conditions,  caused  by  the  weight  of  the  blade  or  steady  wind 
loads,  severe  secondary  deflections  could  cause  crippling  of  the 
structure.  Under  dynamic  loads,  however,  caused  by  towing  the 
aircraft  across  a  bumpy  field  or  by  gusty  winds,  the  effect  of 
secondary  bending  would  simply  be  to  reduce  the  stiffness  of  the 
blade,  allowing  it  to  "give"  with  the  load  and  thereby  reduce  stresses. 
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Figure  195  Moment,  Slope,  and  Deflection  Due  to  Secondary  Spar  Bending,  x  =  .224 


I 


d  x  103  (rad) 
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Figure  196  Moment,  Slope,  and  Deflection  Due  to  Secondary  Spar  Bending,  X  =  .  86 


ROTOR  HEAD  STRUCTURAL  ANALYSIS 


Development  of  Design  Loads 

The  design  loads  £or  the  main  rotor  head  and  control  system  can  be 
classified  into  three  major  categories: 

1.  Static  structural  design  loads 

2.  Fatigue  structural  design  loads 

3.  Bearing  design  loads 

Static  Structural  Design  Loads 

All  static  loads  presented  are  limit  loads;  i.  e.,  the  maximum  anticipated 
load  corresponding  to  a  given  condition.  The  two  conditions  considered 
in  this  analysis  are  the  starting  condition  and  rotor  overspeed. 

Fatigue  Structural  Design  Loads 

The  selection  of  a  design  load  for  fatigue  analysis  is  based  on  the  applica¬ 
tion  of  Miner's  cumulative  damage  concept  (Reference  36)  and  the 
established  curves  of  each  structural  material's  stress  versus  cycle 
(S-N)  curve  to  a  given  loading  spectrum.  This  procedure  is  necessary  in 
order  to  design  for  a  minimum  retirement  time  for  structural  components. 

The  standard  shape  of  the  S-N  curve  for  a  particular  material  is  estab¬ 
lished  by  fitting  the  general  equation (64)  to  large  quantities  of  available 
test  data  on  standard  specimens.  Such  data  were  obtained  from  Reference 
51,  Alcoa  test  results,  Sikorsky  Aircraft  test  results,  and  other  similar 
sources. 


S  =  E’  +  fr  <64> 

A  typical  S-N  curve  is  illustrated  in  Figure  197.  Note  that  the  curve 

which  lies  approximately  in  the  middle  of  the  test  data  scatter  and  * 

approaches  an  asymptote  E'm  as  the  number  of  stress  cycles  N  becomes 

infinite.  This  property  E'  (if  the  material  is  called  the  endurance  limit  of 

the  particular  type  of  specimen  tested.  The  subscript  m  indicates  that 

this  is  the  mean  endurance  limit,  since  it  is  the  asymptote  of  the  mean 

S-N  curve. 

If  a  standard  specimen  under  fatigue  loading  is  subjected  to  a  slight  rub¬ 
bing  or  chafing  due  to  metallic  contact  with  another  member,  the  stress- 
cycle  relationship  for  the  given  metal  changes  quite  markedly.  Such  a 
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chafing  condition  exists  in  bolted  connections,  lug-pin  joints,  interfer¬ 
ence  fit  surfaces,  and,  in  general,  wherever  metallic  surfaces  in  direct 
contact  are  exposed  to  relative  movement  or  elastic  deformation.  Hence, 
for  each  material  it  is  necessary  to  have  a  standard  S-N  curve  shape  for 
both  the  chafing  and  nonchafing  condition. 

t  In  the  process  of  establishing  a  design  load  for  a  component  of  given 


Figure  197  General  Standard  S-N  Curve 


materia1  and  chafing  environment,  it  is  convenient  to  work  with  a  non 
dimensional  S-N  curve  (Figure  198).  This  curve  is  obtained  directly 
from  the  standard  S-N  curve  by  dividing  the  shape  equation ( 64  )by  the 
material's  mean  endurance  limit  E'm. 


Figure  198  Nondimensionalized  S-N  Curve 
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Miner's  cumulative  damage  theory  provides  a  means  by  which  the  life  of 
a  structure  of  known  endurance  limit  can  be  predicted  for  a  given  loading 
spectrum.  For  example,  consider  a  specimen  of  known  mean  endurance 
limit  E’m  loaded  cyclically  at  some  level  Si  above  E'm  (see  Figure  199). 


Figure  199  Typical  Component  S-N  Curve 


Figure  200  Standard  S-N  Curve  Applied  to  Loading  Spectrum 


The  S-N  curve  predicts  that  the  mean  life  of  the  specimen  at  the  Si  load 
level  will  be  Ni  cycles.  Miner's  theory  claims  that  after  n^  cycles  at 
load  level  Si,  a  portion  of  the  virgin  specimen  life  equal  to  (ni/Nl)  is 
consumed. 

Consider  the  specimen  to  be  subjected  to  a  spectrum  of  loading;  i.e. ,  n^ 
load  cycles  at  load  level  Si,  n2  cycles  at  load  S2,  etc.  This  condition  is 
graphically  represented  in  Figure  200  and  shown  schematically  in  Figure 
201. 
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Figure  201  Rotor  Head  Fatigue  Design  Loads 

Miner's  theory  applied  to  this  type  of  fatigue  loading  spectrum  would 
predict  that  the  portion  of  the  virgin  specimen’s  life  consumed  is 


Failure  of  the  specimen  will  occur  when  this  fraction  equals  unity. 

The  foregoing  discussion  should  provide  the  necessary  concepts  for  an 
understanding  of  how  a  design  load  is  developed  from  a  given  loading 
spectrum.  It  is  an  iterative  process  in  which  a  mean  design  endurance 
limit  E'm  is  initially  assumed,  and  with  the  applicable  standard  nondimen- 
sional  S-N  curve,  a  life  is  computed  corresponding  to  the  given  loading 
spectrum.  If  the  computed  life  is  greater  than  the  required  replacement 
time,  then  the  assumed  design  endurance  limit  is  reduced  and  the  pro¬ 
cedure  is  repeated.  Conversely,  if  the  computed  life  is  less  than  that 
required,  the  assumed  endurance  limit  is  increased.  This  process  is 
repeated  until  a  life  equal  to  the  required  replacement  time  is  determined. 
The  mean  endurance  limit  corresponding  to  this  life  is  the  design  load 
level  to  which  the  component  is  designed.  Designing  the  component  for 
infinite  life  at  this  load  level  is  considered  equivalent  to  designing  for  the 
required  replacement  time  at  the  given  loading  spectrum. 

The  fatigue  design  loads  are  based  primarily  on  the  main  rotor  flapping 
and  power  spectra  as  given  in  Tables  LIII  and  LIV.  Basic  mission  re¬ 
quirements  were  used  to  develop  the  12-ton  and  20-ton  mission  profiles. 
Gross  weight  variation  during  a  mission  is  based  on  full  payload  outbound 
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and  no  payload  inbound  for  both  the  12-ton  and  20-ton  missions.  Addition¬ 
al  changes  in  gross  weight  during  a  mission  were  made  to  reflect  fuel 
usage. 

The  preliminary  main  rotor  flapping  spectra  for  the  heavy  lift  helicopter 
are  given  in  Table  LIU  for  both  the  12- ton  transport  mission  and  the 
20-ton  heavy  lift  mission.  The  longitudinal  center-of-gravity  range  of 
+2.0  ft.  at  takeoff  gross  weights  was  used  to  establish  flapping  angles. 

TABLE  LIU 

PRELIMINARY  MAIN  ROTOR  FLAPPING  SPECTRA _ 


12-TON  20-TON 

FLIGHT  REGIME  TRANSPORT  MISSION  HEAVY  LIFT  MISSION 


%  TIME 

(degrees) 

%  TIME 

pf (degrees) 

Warm-up,  takeoff 

1.8 

2.8 

4.9 

3.2 

and  climb 

Hover  (steady  state) 

4.4 

3.6 

29.3 

4.2 

Hover  (maneuvers) 

1.6 

4.2 

10.5 

4.9 

0.3 

6.6 

2.2 

7.6 

Cruise  (steady  state) 

75.8 

2.6 

43.82 

3.0 

Cruise  (maneuvers) 

12.0 

3.3 

6.9 

3.7 

3.5 

5.0 

2.02 

5.8 

0.6 

5.8 

0.36 

6.7 

mu 

106.  en 

The  heavy  lift  helicopter  power  spectra  are  likewise  given  in  terms  of  the 
two  missions  in  Table  LIV. 

It  was  assumed  that  the  heavy  lift  helicopter  would  be  utilized  75  percent 
of  the  time  for  the  12-ton  transport  mission  and  25  percent  of  the  time 
for  the  heavy  lift  mission.  This  assumption  allows  the  combing  of  the 
transport  and  heavy  lift  spectra  into  a  single  design  flapping  spectrum  and 
main  rotor  power  spectrum.  A  comparison  of  the  results  shows  great 
simUarity  of  the  HLH  spectra  to  those  computed  for  several  other  Sikor¬ 
sky  Aircraft  models. 
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Bearing  Design  Loads 


A  bearing  design  load  is  obtained  by  a  time  prorate  of  the  loading  spec¬ 
trum  and  the  oscillation  amplitude  spectrum.  The  oscillatory  frequency 
of  all  bearings  in  the  main  rotor  head  and  control  system  is  equal  to  the 
rotational  speed  of  the  main  rotor. 

TABLE  LIV 

PRELIMINARY  MAIN  ROTOR  POWER  SPECTRA 


12-TON  20-TON 

FLIGHT  REGIME  TRANSPORT  MISSION  HEAVY  LIFT  MISSION 

%  TIME  GW  MR  HP  %  TIME  GW  MRHP 


Warm-up  and  takeoff 

1.8 

65,800 

10, 975 

4.9 

78,750 

10, 976 

Hover  @  origin 

2.7 

65, 800 

8,060 

12.5 

78,750 

10,4% 

Cruise  out  @  95  kn 

- 

- 

- 

31.0 

77,788 

5, 245 

Cruise  out  @  110  kn 

49.7 

64, 140 

4,815 

- 

- 

- 

Hover  @  destination 

1.8 

62, 675 

7,494 

24.6 

76.975 

10, 190 

Cruise  back  @  130  kn 

42.2 

37,435 

3,869 

22.1 

36,292 

3,804 

Hover  on  return 

1.8 
TO O 

36,200 

3, 560 

4.9 

ICO 

35,897 

3,520 

METHODS  OF  STRUCTURAL  DESIGN  ANALYSIS 


The  preliminary  design  analysis  included  in  this  report  serves  as  a 
general  representation  of  the  methods  customarily  used  to  substantiate 
structurally  the  main  rotor  head  and  control  system  components. 

The  stress  analysis  is  divided  into  static  and  fatigue  sections.  The  static 
analysis  determines  that  no  permanent  distortion  or  fracture  of  compo¬ 
nents  will  result  from  application  of  maximum  loads  under  infrequently 
experienced  operating  conditions.  The  fatigue  analysis  determines  that 
components  will  operate  with  the  desired  structural  reliability  in  the 
presence  of  repeated  loadings. 

Static  Analysis 

Static  margins  of  safety  have  been  written  in  accordance  with  Reference 
(51).  Margins  of  safety  have  been  computed  against  both  yield  and  ulti¬ 
mate  fracture. 
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MS  (yield)  = 


1.15^72*8)2  +  (  * a  +  *b) 


2  -1 


The  material  properties  for  the  alloys  considered  in  this  study  are  given 
in  Table  I  V  (Reference  51). 


TABLE  LV 

MATERIAL  PROPERTIES 


PROPERTY 

MATERIAL 

Aluminum 

7075-T73 

Steel 

SAE  4130,4340 
(150  KSI  HT) 

Titanii.m 

6AL-4V 

(Annealed) 

*ty  (103  lb/in2)  L 

*tu  (103  lb/in2)  ^ 
rsu  (10  3  lb/in2 

E  (106  lb/in2) 

G  (106  lb/in2) 

w  (lb/in3) 

56 

52 

66 

61 

42 

10.3 

3.9 

0. 101 

132 

132 

150 

150 

95 

29.0 

11.0 

0.283 

120 

120 

130 

130 

76 

16.0 

6.2 

0. 160 

Fatigue  Analysis 


It  is  the  nature  of  metal  structures  that  the  application  of  a  continuously 
varying  load,  generating  stresses  considerably  below  the  yield  stress  of 
the  material,  may  cause  fracture  of  the  metal  aiter  a  finite  number  of 
stress  cycles,  depending  on  the  magnitude  of  the  applied  stresses.  The 
fatigue  analysis  is  the  method  by  which  it  is  analytically  demonstrated,  to 
a  desired  probability,  that  the  structural  component  will  not  fail  within  a 


\ 
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given  number  of  cycles.  Since  the  rotor  system  loads  are  at  the  same 
frequency  as  the  rotational  speed  of  the  rotor  shaft,  the  number  of  load 
cycles  can  be  expressed  in  terms  of  hours  of  aircraft  operation. 

The  working  (allowable)  endurance  limit  stress  at  some  point  in  a  critical 
cross  section  of  the  component  is  based  on  the  mean  material  endurance 
limit  stress,  the  size  of  effect  factor,  the  probability  factor,  and  the 
machining  factor. 

The  mean  endurance  limit  stress  of  a  standard  specimen  of  given  mate  - 
rial,  size,  and  surface  finish  is  experimentally  known.  For  the  steel  and 
aluminum  alloys  used  in  the  aircraft  industry  the  endurance  limits  are 
given  in  Reference  (51).  The  mean  endurance  limit  for  6AL-4V  titanium 
alloy  is  based  on  Sikorsky  Aircraft’s  testing  experience  with  this  mate  - 
rial,  Table  LVI  summarizes  the  mean  endurance  limits  used  in  the 
analysis  of  the  HLH  rotor  head  system. 


TABLE  LVI 

MATERIAL  MEAN  ENDURANCE  LIMIT  STRESS 


Material 

Alloy 

( *  en)m 

Aluminum 

7075-T73 

22,0001b/in2 

Steel 

SAE  4130,4340 
(150  ksi  HT) 

60, 000  lb/in2 

Titanium  6AL-4V 

(Annealed  Condition)  60, 000  lb/in2 

In  addition  to  the  general  material  endurance  limit  stresses,  the  special 
case  of  cyclicallyloaded  lugs  in  a  chafing  environment  has  been  extensive¬ 
ly  studied  (Reference  21 ).  Testing  was  accomplished  chi  standard  size 
lugs,  and  a  standard  lug  endurance  limit  nominal  stress  ( a  en)s  was 
determined.  From  this  result,  a  mean  endurance  limit  nominal  stress 
for  any  lug  (see  Figure  202)  can  be  determined  by  equation  (68). 


x  2.8  (d  +  0. 1166D)  ,t  „ 
(  a,>™  D  (1.0+  d) 


(68) 


This  relationship  includes  the  effects  of  both  lug  size  and  stress  concen¬ 
tration. 


v_d 

Figure  202  General  Lug  Configuration 


The  standard  endurance  limit  stress  for  lugs  with  chafing  is  given  in 
Table  LVII. 


TABLE  LVII 

STANDARD  ENDURANCE  LIMITS  FOR  LUGS  WITH  CHAFING 


Material 

Alloy 

( i  en)s 

Aluminum 

7075-T73 

1,880  lb/in2 

Steel 

SAE  4130,4340 
(150  ksi  HT) 

7,400  lb/in2 

Titanium 

6AL-4V 

11,400  lb/in2 

(Annealed  Condition) 

There  are  conflicting  experimental  data  concerning  the  effect  of  specimen 
size  on  material  endurance  limit  stress  (Reference  19,  Chapter  VIII). 

The  conservative  approach  of  assuming  a  reduction  in  material  endurance  « 
limit  stress  with  increase  in  component  size  has  been  followed  in  this 
analysis.  The  ratio  of  the  volume  of  highly  stressed  material  in  the  com¬ 
ponent  to  the  standard  specimen  volume  is  calculated  and  the  size  effect  . 

factor  (SEF)  is  then  obtained  from  a  standard  curve  of  SEF  versus  vol¬ 
ume  ratio  (see  Figure  203). 

For  machined  surface  finishes  employed  in  rotor  head  structural  compo¬ 
nents,  a  machining  factor  equal  to  0. 80  is  used,  and  is  based  on  various  tests 
comparing  machined  specimens  with  standard  polished  specimens. 
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Component  Volume/Spec imen  Volume 
Figure  203  Fatigue  Size  Effect 


If  a  component  is  to  be  designed  to  a  given  reliability,  the  scatter  of  test 
data  with  respect  to  the  standard  mean  S-N  curve  must  be  taken  into  account. 
This  is  done  by  applying  the  normal  distribution  concept  of  statistics  to 
the  test  data.  A  visual  representation  of  this  technique  is  shown  in 
Figure  204. 


The  allowable  endurance  limit  (E’)  is  obtained  by  reducing  the  mean 
endurance  limit  (E'm)  by  multiplying  it  by  a  probability  factor  (PF)  which 
accounts  for  both  the  given  material  and  the  desired  degree  of  structural 
reliability. 

The  heavy  lift  helicopter  rotor  system  will  be  designed  for  a  reliability 
of  99.99  percent  (a  failure  rate  of  1  in  10,000  specimens).  The  factors 
for  this  reliability  are  given  in  Table  LVIII 

TABLE  LVIII 

PROBABILITY  FACTORS  FOR  99. 99  PERCENT  RELIABILITY 


Probability  Factor  (PF) 

Material  Alloy  Solid  Sections  Hollow  Shafts 


Aluminum 

7075-T73 

0.519 

0.519 

Steel 

SAE  4130, 4340 
(150  ksi  HT) 

0. 630 

0.630 

Titanium 

6AL-4V 

0.630 

0.482 

(Annealed  Condition) 
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In  general,  conservative  idealizations  of  actual  design  geometries  are 
made  to  enable  use  of  the  stress  concentration  data  which  are  available 
in  the  literature  (References  38  and  41).  In  areas  where  the  theoretical 
stress  concentration  factor  (SCF)  is  unity,  an  SCF  equal  to  1.2  is  used. 
The  reason  for  this  practice  is  to  account  for  accidental  surface  marring 
and  future  salvage  operations  cm  the  component.  This  conservative 
t  approach  permits  component  design  to  zero  margins  without  compro¬ 

mising  the  in-service  integrity  of  the  aircraft.  Stated  otherwise,  the 
margins  can  be  considered  to  be  representative  of  aircraft  condition  in 
the  field. 

The  general  solution  for  fatigue  margin  of  safety  is  given  by  equation  (691 


MS  = 


Sikorsky  Aircraft’s  experience  with  the  fatigue  testing  of  6AL-4V  tita¬ 
nium  alloy  components  has  indicated  that  the  steady  stress  in  a  region  of 
stress  concentration  is  not  effectively  reduced  by  local  yielding,  as 
would  be  implied  by  equation(70).  The  margin  of  safety  for  this  titanium 
alloy  is  calculated  with  equation{70). 

MS=  (SCF)ts  (SCF)*  y  .  ^ 

*  ty  +  E'  '  1 

These  equations  are  based  on  the  Soderberg  relationship  between  steady 
stress  and  endurance  limit  stress  (Reference  46).  The  Soderberg  dia¬ 
grams  for  the  three  primary  structural  metals  considered  in  this  study 
are  given  in  Figure  205. 

When  the  critical  stress  location  of  a  cross  section  is  on  a  shot-peened 
surface,  an  additional  criterion  must  be  satisfied.  To  prevent  relief  of 
the  residual  compressive  stresses  acquired  from  shot-peening,  the 
maximum  stress  (i.e.,  the  sum  of  steady  and  vibratory  stress  magni¬ 
tudes)  must  be  not  greater  than  60  percent  of  the  minimum  yield  stress 
of  the  material. 
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* 


Steady  Normal  Stress  (ksi) 


Figure  205  Soderberg  Diagrams 
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CALCULATION  OF  DESIGN  LOADS 
Static  Structural  Design  Loads 
Starting  Condition 

The  rotor  is  designed  to  be  started  and  brought  up  to  speed  by  either  one 
r  or  two  engines.  The  maximum  torque  that  can  be  applied  by  two  engines 

at  any  rotor  speed  is  4, 500, 000  inch-pounds,  based  on  the  5-second  engine 
torque  rating.  Buildup  of  applied  torque  to  this  limiting  value  requires 
that  a  period  of  time  on  the  order  of  several  seconds  must  elapse.  Dur- 
2  ing  this  time  the  rotor  would  have  accelerated  sufficiently  for  the  blades 

to  move  away  from  the  lag  stops  under  the  influence  of  centrifugal  force. 

Critical  rotor  starting  loads  are  generated,  however,  with  the  blades 
against  their  lag  stops  and  with  no  centrifugal  relief  of  in-plane  moments. 
The  rotor  must  therefore  be  stationary  in  the  condition  represented  in  the 
analysis.  The  starting  torque  for  this  condition  is  taken  as  3, 500, 000 
inch-pounds,  which  is  estimated  to  be  at  least  50  percent  greater  than 
the  maximum  two-engine  torque  at  zero  speed.  For  the  six-bladed  rotor, 
the  starting  torque  is  assumed  to  be  distributed  to  only  four  of  the  six 
blades. 

It  should  be  noted  that  although  paragraph  3. 3. 1  of  Reference  52  is  not 
directly  applicable,  the  above  loading  assumptions  are  in  agreement  with 
the  spirit  of  that  specification. 


Figure  206  Blade  Shear  Distribution  Under  Starting  Condition 


The  applied  main  rotor  torque(Q)is  conservatively  assumed  to  be  reacted 
solely  by  the  inertial  forr.3  distribution  along  the  blades,  the  inertia  of  the 
rotor  hub  being  neglected.  The  blade  is  against  its  lag  stop  and  is  there¬ 
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fore  created  as  a  cantilever  beam  rigidly  built  in  at  the  lead-lag  pin. 


The  exact  inertial  load  distribution  along  the  blade  radius  (r)  is  quite 
complicated.  It  can  be  expressed  as  the  discontinuous  function 

q(r)  =  [mass/unit  length  @  r]  [tangential  acceleration  @  r] 

=  m(r)  r  <*<* 

The  inboard  portion  of  the  blade  is  much  heavier  than  the  outboard  por¬ 
tion.  Not  only  does  the  spar  taper,  but  there  is  a  considerable  concen¬ 
tration  of  mass  at  the  extreme  root  end  due  to  the  flapping  hinge,  sleeve 
and  spindle  assembly,  and  blade  cuff.  Hence  the  mass  per  unit  length 
term  m(r)  decreases  with  increasing  blade  radius  (r),  while  the  tangential 
acceleration  (r a,)  increases  linearly  with  increasing  blade  radius.  The 
blade  inertial  loading,  being  the  product  of  these  terms,  can  most  con¬ 
veniently  be  approximated  by  a  uniform  load  distribution  q(r)  =  q  for 
analytical  purposes  (see  Figure  206). 

The  reactions  V  and  Me  of  the  blade  at  the  lead-lag  hinge  are  evaluated 
below. 

V  =  /  ,  qdr  =  (71) 

J  d 

M  =/dVdr=  |  q(R-d)2  (72) 

The  torque  applied  to  an  individual  blade,  computed  at  the  shaft  center¬ 
line,  is 

1/4Q  =  Vd  +  Me 

=  q(R-d)d  +  1/2  q  (R-d)2 
=  1/2  q  (R2  -  d2) 

Solving  for  the  blade  distributed  load  (q), 

q  =  l(i^  52)  <73) 


The  load  reactions  at  the  lead -lag  hinge  for  the  critical  torque  are 

q  =  3, 500, 000  =  5.827  lb/in 

2  ((550.0)2  -  (46.8)3 

V  =  5.827  (550.0  -  46.8)  =  2930  lb 

Mc=  1/2  (5.827)  (550.0  -  46.  S)2  =  737,  200  in-lb 
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The  starting  moment  and  shear  at  any  radial  distance  (r)  from  the  shaft 
centerline  is  given  by  equations (74)  and(75). 


Vr  =  q  (R  -  r)  (74) 

Mr  =  1/2  q  (R  -  r)2  (75) 


Rotor  Overspeed 

The  design  maximum  rotor  speed  occurs  in  the  power-off  autorotative 
condition  (153  revolutions  per  minute).  A  design  limit  rotor  speed  equal 
to  1. 10  times  the  design  maximum  speed  (168  revolutions  per  minute)  will 
be  used  for  the  static  substantiation  of  the  rotor  system  in  the  overspeed 
condition.  Refer  to  Figure  119  for  the  centrifugal  force  at  design  limit 
rotor  speed  as  a  function  of  blade  radius. 

Fatigue  Structural  Design  Loads 

The  fatigue  structural  design  loads  are  developed  herein.  The  fatigue 
loading  of  the  heavy  lift  helicopter  main  rotor  head  and  control  system 
can  be  resolved  into  the  following  component  loadings: 

Centrifugal  force  (Fc) 

Normal  shear  force  (Vn) 

Chordwise  shear  force  (Vc) 

Damping  moment  (Md) 

Pitching  moment  (Mp) 

The  fatigue  design  loads  will  be  developed  in  detail  for  6AL-4V  titanium 
alloy  without  chafing.as  described  under  "Development  of  Design  Loads”, 
to  illustrate  the  approach  used.  Table  LX  at  the  end  of  this  section  lists 
the  design  loads  for  the  materials  and  chafing  conditions  considered. 

Centrifugal  Force 

With  the  main  rotor  blade  in  its  radially  outward  position  (i.  e. ,  perpen¬ 
dicular  to  the  main  rotor  shaft)  and  the  rotor  shaft  turning  at  normal 
power- cm  speed  (146  revolutions  per  minute),  the  centrifugal  force  at  the 
flapping  pin  is  115,000  pounds.  However,  since  the  blade  is  flapping  with 
respect  to  the  rotor  hub  (see  Figure  207),  the  blade  mass  is  continuously 

r»Vianrrin<T  itc  raHial  nncltinn  with  roc  nort  fn  fho  main  rnfnr  o  Via  ft  *T*Viiia 

the  rotor  head  experiences  a  varying  centrifugal  force. 


If  the  centrifugal  force  at  the  flapping  pin  (Fc)0,  the  steady  cone  angle 
(  ^s),  and  the  flapping  angle  ( 0W)  are  all  known,  then  the  centrifugal  force 
loading  of  the  blade  on  the  rotor  hub  can  be  determined. 


If  0v  <  0s  ,  then 

(Fc)  maximum  =  (Fc)0  cos  (  0  s  -  0v)  (76) 

(Fc)  minimum  =  (Fc)o  cos  (  0s  +  0v)  (77) 

If  0v  >  0b,  then 

(Fc)  maximum  =  (Fc)o  (78) 

(Fc)  minimum  -  (Fc)0  cos  (  0s  +  0v)  ^79) 

Now  let  us  determine  the  cone  and  flapping  angles.  Statistically,  the  cone 
angle  ( 0b )  is  givenby  the  relationship 

taa0B=  1/b  (Aircraft  GW)  -  blade  weight  (go) 

(Fc)  of  blade  at  0s 


Now,  aircraft  GW  =  55, 940  lb  (prorated  time) 
Blade  Weight  =  1100  lb 

b  =  number  of  blades  =  6 
(Fc)  o  =  115,000  1b 
Then,  tan  fs  = 

(115,000)  cos  08 


This  relationship  requires  an  iterative  solution,  since  the  unknown 
quantity  ( 0s)  is  given  in  terms  of  a  variable  cos  $ s  which  itself  is  a 
function  of  the  unknown. 


tan  0s 


0.0715 
COS  0  s 


The  iterative  solution  for  the  initial  assumption  of  Bs  =  0.0°  is  given  in 
Table  LIX. 


Note  that  for  the  small  coning  angle  involved  here  the  convergence  is 
essentially  attained  in  one  iteration. 


> 


p 


fc 


0.0715  _  _ 

B  cos  b  m  x  -  -  tm  -  arctan  x 

8  COS  Bn  ■ 


0.0°  1.000  0.07150  4  °  5’ 

4°  5'  0.9975  0.07168  4°  6* 

4°  6*  0.9974 _ 0.07169 _ 4°  6’ 


The  design  flapping  angles  are  based  on  a  component  replacement  time  of 
3, 600  hours,  the  particular  material  being  used,  and  their  environmental 
surface  condition.  Figures  208  through  210  show  plots  of  the  design 
flapping  angles  versus  replacement  times  for  steel  and  titanium  both  with 
and  without  chafing.  For  example,  the  design  flapping  angle  for  6AL-4V 
titanium  alloy  components,  not  subjected  to  a  chafing  environment,  is 
determined  by  referring  to  Figure  208. 

®v  =±5.8  degrees 


In  summary, 

♦  (Fc)<f  115,000  lb 

BS  =  4°  6' 

Bv  =  ±5°  48’ 

41 

Since  Bv>Bs  •  the  centrifugal  force  loading  is 

(Fc)  maximum  =  115,000  1b 
(Fc)  minimum  =  (115,000)  cos  (4°  6’  +  5°  48’) 
=  113,2001b 

Therefore,  Fc  =  (114, 100  ±  900)  lb 
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Life  (hours) 

Figure  208  Flapping  Angle  Versus  Structural  Replacement  Time,  Titanium  Without  Chafing 
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Life  (hours) 

Figure  209  Flapping  Angle  Versus  Structural  Replacement  Time,  Ste^l  without  Chafing 


Life  (hours) 

Flapping  Angle  Versus  Structural  Replacement  Time,  Steel  and  Titanium  with  Chafing 


Normal  Shear  Force 


The  steady  normal  shear  force  (Vn)s  is  given  simply  by  the  static  rela¬ 
tionship  below: 

(Vn)g  =  i  (Aircraft  GW)  -  blade  weight  (81 ) 

=  ^  (55,940)  -  1100 
=  8220  1b 

The  vibratory  normal  shear  is  determined  from  the  design  flapping  angle 
and  the  blade  centrifugal  force. 

(Vn)v  =  Fc  tan  (82) 

=  (114, 100)tan  (±  5°  48*) 

=  ±11,590  lb 


Chordwise  Shear  Force 


The  chordwise  steady  shear  is  based  on  the  time  prorated  main  rotor 
shaft  horsepower.  Assuming  that  all  the  blades  react  the  shaft  torque 
equally,  the  steady  chordwise  shear  force  is  given  by  the  formula 


i\j  \  _  63,025  (MRHP) 

'Vc's  ~  ed  Nb 

where  e^  =  hunting  hinge  offset  =  46. 8  in 

N  =  146  rpm 
b  =  6  blades 

MRHP  =  5230  horsepower  (2  engines) 


tyr  v  _  (63,025)  (5230) 
v  c's~  (46.8)  (146)  (6) 


8040  lb 


Hunting  results  from  the  Coriolis  accelerations  of  the  flapping  blade.  In 
normal  forward  flight,  the  advancing  blade  hunts  forward,  while  the  re¬ 
treating  blade  hunts  aft.  The  inflowing  air  stream  and  the  damper  mo¬ 
ments  oppose  this  motion,  causing  reduction  of  amplitude  and  modifying 
slightly  the  harmonic  character  of  the  motion.  The  amplitude  is  not 
strongly  dependent  on  the  amplitude  of  flapping  motion.  For  blades  of 
similar  design,  experience  has  consistently  shown  a  1:10  ratio  of  hunting 
co  flapping  amplitude  over  a  wide  range  of  blade  sizes  and  aircraft 
characteristics.  Thus,  the  design  hunting  amplitude  is  taken  as  ±  0. 6°. 


i-rwin* 
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(Vc)v  =  (Fc  @  hunting  hinge)  tan  fv  (84) 

where  Fc  @  hunting  hinge  =  112, 500  lb 
*v  =  ±0.6  deg 

(V^v  =  (112,500)  (±0.01047) 

=  ±1180  lb 


Damping  Moment 

The  damper  must  absorb  energy  from  the  dynamic  system.  For  a  wide 
variety  of  rotor  systems  designed  by  several  manufacturers,  the  maxi¬ 
mum  value  of  damper  moment  has  been  shown  to  be  directly  related  to 
blade  rotational  kinetic  energy;  for  equal  hunting  amplitudes  at  one  cycle 
per  rotor  revolution,  this  further  implies  absorption  by  the  damper  of  a 
constant  portion  of  the  blade's  hunting  energy,  which  is  a  rotational  basis 
for  load  prediction.  The  design  value  of  damper  moment  for  structural 
analysis  is  thus  taken  as 

Md  =  0.002  in2  (85) 

where  =  design  damping  moment 

I  =  blade  mass  moment  of  inertia  about  flapping  hinge 
(in-lb-sec2) 

n  =  normal  power-on  rotor  velocity  (rad/sec) 

For  the  heavy  lift  helicopter  rotor  system, 

I  =  127, 900  in-lb-sec2 
O  =  15.29  rad/sec 

The  design  damping  moment  is  then 

Md  =  (0.002)  (127,900)  (15.29)2 
=  ±59, 800  in-lb 

Some  degree  of  conservatism  is  indicated  by  the  fact  that  the  widespread 
landing  gear  of  the  heavy  lift  helicopter  provides  greater  freedom  from 
ground  resonance  than  on  most  helicopters,  which  would  in  turn  allow  the 
use  of  lower  damper  settings. 


I 
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Pitching  Moment 


9 


k 


Aeroelastic  analysis  of  the  blade  yields  pitching  moments  for  steady- state 
conditions.  For  control  system  design,  however,  an  empirical  method  is 
used  to  encompass  both  steady- state  flight  conditions  and  maneuver  condi¬ 
tions  for  which  the  rotor  may  not  be  equilibrated.  The  pitching  moment 
is  determined  on  the  basis  of  an  empirical  relationship  among  the  basic 
rotor  system  parameters  as  determined  from  flight  testing.  The  param¬ 
eters  of  the  ro:or  system  required  are 
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Rotor  Thrust  Coefficient 

_ (Rotor  Thrust)  _  _  T  (86) 

(Tip  Speed)2(Disk  Area)  (Air  Density)  “  (q  ft)2  T  R2p 


Rotor  Solidity 

(Number  of  Blades)  (Blade  Chord)  (Blade  Radius) 
(Disk  Area) 


(87) 

bcR 

*R2 


P  -  Advance  Ratio 

_  (Forward  Speed)  _  V 
(Tip  Speed)  n  R 


The  pitching  moment  coefficient  (Cmb]is 

Cmb  '  (89) 

c2Rq 

where 

(Mp)y  =  vibratory  pitching  moment,ft-lb 
c  =  blade  chord,  ft 
R  =  blade  radius. ft 
q  =  dynamic  pressure  =  ^  pv  ^ 

v  =  velocity  at  blade  tip  on  retreating  side 

=  nR  -  V, ft/ sec 
V  =  forward  velocity,  ft/sec 

p  =  air  density  =  0.0023  slugs /ft3 


Flight  test  data  from  all  models  of  Sikorsky  Aircraft  helicopters,  when 
reduced  to  the  quantities(cmj)/^Tjand  p,  yield  an  exponential  relation- 
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ship  between  them. 


in  order  to  determine  a  design  pitching  moment  for  the  heavy  lift  helicop¬ 
ter,  three  conditions  of  flight  were  investigated: 

(1)  32, 800  lb  GW  at  130  kn 

(2)  65, 800  lb  GW  at  110  kn 

(3)  78, 800  lb  GW  at  95  kn 

It  was  found  that  condition  (1)  gave  the  highest  pitching  moment.  The 
detailed  development  of  the  pitching  moment  for  this  condition  of  flight 
follows: 


CT  _  T 

•  ~  $*R)2  pRcb 

T  =  32,8001b 
D  =  15. 29  rad/sec 
R  =  550  in  =  45.8  ft 
p  =  0. 0023  slugs/ft3 

c  =  31  in  =  2. 58  ft 
b  =  6 


(90) 


Substitution  into  the  above  equation  gives 
C*-p 

-y-=  0.0402 

The  advance  ratio  is 

_  V 
**  flR 

V  =  (130  kn)  (1. 689 

OR  --  (15.29  H|)  (45.8  ft) 

U  =  0.314 

n 

From  the  parametric  curve  relating  (Cmh/— I)  and  ji,  a  value  of  0.27 
is  obtained  for  Cmb/C^  for  u  =  0. 314. 


)  =  219  ft/sec 
=  700  ft/sec 


— ■*! 


Ij 

=  0.27  £r  =  (0.27)  (0.0402)  =  0.0108 

9  i 

* 

=  J54>V_  =  0.0108  (91) 

Rc2q 

=  -  pv2  =  -  (0.0023)  (700-219)2 

2  2 

=  543  lb/ft2 

=  (0.0108)  (45.8)  (2.58)2  (543) 

=  ±  1790  ft-lb  =  21, 500  in-lb 

The  steady  pitching  moment  is  conservatively  taken  as  60 
vibratory  pitching  moment. 

(Mp)s  =  0. 60  (Mp)v 
=  12, 900  in-lb 

In  order  to  account  for  the  effective  moment  arm  of  the  control  rod  about 
the  pitching  axis,  it  is  assumed  that  the  true  angle  between  the  control 
rod  axis  and  the  horn  offset  at  the  maximum  and  minimum  blade  pitch 
angles  is  65  degrees. 


percent  of  the 

(>2) 


^mb 
Now,  Cmb 

q 

Then  (Mp)v 


Control  rod  load  =  -Pitching  Moment _ 

Effective  Moment  Arm 

_  (12,  900  ±  21, 500) 

9.0  sin  65° 

=  (1580  ±  2640)  lb 
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Figure  211  Swashplate  Assembly  Loading 


The  control  rod  vibratory  load  is  considered  to  be  a  pure  first  harmonic. 


If  Pi  =  PK  +  Pv  sin  i \> , 
then  P2  =  Ps  +  Pv  sin  (^+  60°) 

p3  =  P8+Py  sin  (<M-120°) 

P4  =  Ps  +  Pv  sin  (<^+  180°) 
P5  =  Ps  +  Pv  sin  (0+  240°) 
P6  =  Ps  +  Pv  sin  (<M-  300°) 


NOTE:  Points  1,  2,  3,  4,  5,  and  6 
correspond  to  loads  Pi,  P2, 
p3»  p4»  p5*  and  Pfc  perpen¬ 
dicular  to  the  plane  of  the 
paper  in  Figure  211. 


i 


t 


i 


Now  let  us  consider  static  equilibrium  of  the  rotating  swashplate  (see 
Figure  211). 

Sum  of  Vertical  Forces  (Fv) 

Fv  =  XPi 

=  6PS  +  Pv  |sin  y  +  sin  ( +  60°)  +  sin  ( 4*  +  120°)  +  sin 
(Ht  +  180°)  +  sin  +  240°)  +  sin  (*  +  300°)] 

Fy  =  6Ps  (94) 
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Moments  about  x  Axis  (Mx) 

—  =  Pi  cos^+  ?2  cos  (^4  60°)  +  P3  cos  (^4  120°)  +P4  cos 
R  (O' 4  180°)  4  P5  cos  v>+  240°)  4  P6  cos  (^+300°) 

Mx  =  0  (95) 

Moments  about  y  Axis  (My) 

Pi  sin  *l>  +  ?2  sin  (W  4  60°)  +  P3  sin  (<l>+  120°)  +  P4  sin 
(*+  180°)  +  P5  sin  (*4  240°)  4  ?6  sin  (*4  300°) 

2PVR  (96) 


My 

R 

My  = 


If  our  assumption  of  a  pure  first  harmonic  control  rod  force  is  accurate, 
then  we  should  expect  very  small  vibratory  loads  in  the  stationary  control 
system. 

For  the  heavy  lift  helicopter  control  system, 

R  =  22.2  in 

Ps  =  1580  lb 

Pv  =  2640  lb 

The  stationary  swashplate  loads  are 
Fv  =  6PS  =  9480  lb 

Mx  =  0 

My  =  2PV  Rs  =  117, 200  in  -lb 

The  assumption  of  a  pure  first  harmonic  vibratory  pitching  moment  in  the 
rotating  system  of  a  six-bladed  rotor  has  generated  only  steady  loads 
(Fv  and  My)  in  the  stationary  system.  In  reality,  the  vibratory  pitching 
moment  contains  higher  harmonics,  some  of  which  will  transfer  into  the 
stationary  system  as  vibratory  loads.  For  conservatism,  the  design 
stationary  swashplate  loads  are  therefore  taken  as 
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T  (thrust)  =  Fv  ±  0. 50  Fv 
M  (moment)  =  My  ±  0. 50  My 
or,  T  =  (0480  ±  4740)  lb 

M  =  (117,200  ±  58, 600)  in-lb 

The  stationary  swashplate,  Figure  212,  servo  loads  are  maximum  if  the 
swashplate  is  oriented  with  respect  to  the  y-axis,  so  that  the  single  servo 
must  resist  the  entire  moment  My. 


Figure  212  Stationary  Swashplate  Servo  Loading 

If  Pi,  ?2,  P3  are  loads  of  serves  1,  2,  and  3,  respectively,  then  static 
equilibrium  requires  that 

P1+P2+P3  =  t"'|  NOTE:  Points  1,  2,  and  3  correspond  to  loads 
[  Pi,  P2,  and  P3  perpendicular  to  the 

P2  =  P3  f  plane  of  the  paper  in  Figure  212. 
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Solving  these  equations  for  the  applied  loads  Fy  and  My,  the  servo  loads 
are 

Pi  =  (-4290  ±  2150)  lb 

P2  =  P3  =  (6890  ±  3450)  lb 


Table  LX  shows  a  summary  of  the  design  fatigue  loads  calculated  for 
titanium  without  chafing.  A  comparison  is  shown  with  steel  without 
chafing  and  steel/titanium  with  chafing. 

STATIC  STRESS  ANALYSIS 


Starting  Condition 

Section  A-A  of  Figure  213  -  Sleeve  with  Integral  Control  Arm 

In  order  to  determine  the  loads  on  this  section,  an  assumption  is  made  as 
to  the  transfer  of  load  from  sleeve  to  spindle.  To  be  conservative,  let 
50  percent  of  the  moment  at  this  radial  location  be  transferred  through 
Section  A-A. 


Loads  at  Section  A-A,  r  =  56. 8  in 


Vr 

Mr 


28731b 
708,600  in-lb 


Refer  to  Equations 
71  and  72  Page  360 


For  9  sinusoidal  distribution  of  moment  at  Section  A-A,  the  maximum 
bearing  force,  per  inch  of  circumference,  between  the  shoulder  and 
stack  bearing  is  given  by 


9max 


M 

irR2 


(97) 


For  the  inboard  sleeve  shoulder,  see  Detail  E  of  Figure  213. 


M  =  0.50  Mj.  =  354,300  in-lb 

R  =  4.37  in 

qmax  "  jr'(4."37j2  "  5910  111/111 

The  corresponding  moment  distribution  on  Section  A-A  is 
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STRESS  ANALYSIS 


Figure  213  Sleeve  with  Integral  Control  Arm 


«• 


M  =  qd 

Let  r  -  0.1  in 

q  =  qmax  =  5910  lb/in 

d  =  0.42  in 

t  =  0. 46  in 

M  =  (5910)  (.42) 

=  2480  in-lb/in 


- 


1 


t LH+Min 

r 


Detail  E  of  Figure  213 


The  maximum  stress  in  the  cylinder  is  calculated  using  the  formula  (case 
11,  Table  XIII,  Reference  44). 


4  =  4  2  +  4  jj 

max  a  u 


«a  =  3l  =  75.£42  =  12, 850  lb/in2 
t  (.46) 

*b  *  rr-  =  *  70, 320  lb/in2 


(T46P 

M  S  (yield)  =  1. 15  (  ia  +  lb) 


-  1 


120.000  _ _ 

1.15(12, 850  +  70, 320) 


=  +0.25 
MS  (ultimate)  = 


L5  Qi.+JL) 

\*tu  «bu  / 


-  1 


"  5 /  l2,850+  70,320  \ 
\130,000  190,000/ 


-1 


=  +  0.42 
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Loads  at  Section  B-B,  r  =  63. 8  in 


'9'^-SVWx  Cjr.r 


6  (2249  in-lb  ) 

oM  in  o 

“ - ilrf -  63, 800  Ul/in^ 

1 

1.15  <  *a  +  *b) 

120,000 _ 

1.15  (11,600  +  63, 800) 

=  +  0. 38 


*b  = 
MS  (yield)  = 


Section  B-B  of  Figure  213 

r  at  Section  B-B  =  63. 8  in 


(Fc)cr  =  144,0001b 
.  (Fc)cr  144,0001b 

a  ■  T~  rWiSr 


=  20, 700  lb/in2 

MS  (ultimate)  =  —  -1 

1.5  #a 


130,000 

1.5(20,700) 


=  +3.19 


Starting  Condition 
Section  A-A  of  Figure  214 

The  load  in  Section  A-A  is  due  to  the  moment(Mc)  about  the  hunting  hinge. 
The  force  (Pj)  which  must  react  this  moment  is  in  a  direction 
approximately  parallel  to  the  longitudinal  axis  of  the  spindle. 

_  Mc_  737,200  in-lb 
Pd  "  9.0  "  9.0  in 


=  81,910  1b 


380 


The  loads  on  Section  A-A  are 

V  =  y-  =  40,9601b 

M  =  5.4  —  =  221,220  in-lb 
2 


The  section  properties  are 


A 


c 

lx 


Stress 


=  2. 28  in2 
=  1.8  in 

=  J_  (1.8)  (3.6)3  -  j_  (1.4)  (3.0)3  = 
12  12 

jb  =  Mc_  (221,200  in- lb)  (1.8  in) 

I  3.85  in* 

-  103.400  lb/in2 


3.85  in4 

% 
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w 


*ty 

MIS  (yield)  =  -\15  lh  -1 

120,000 

1.15(103,400)  1  | 

=  +  0.01  I 

i  i 

i 

Section  B-B  cf  Figure  214  . 

It  is  conservatively  assumed  that  30  percent  of  moment  at  this  radial 
secuuu  is  transferred  through  the  spindle  nut  to  Section  B-B. 

Loads:  r  at  Section  B-B  =  63. 3  in 

Vr  =  2835  lb 

Mr  =  690, 000  in-lb 

Section  Properties 

A  =  4.33  in2 

I  =  11.5  in4 

c  =  2.45  in 

Stress  *b  =  .3 

I 

=  44, 100  lb/in2 

MS  (yield) 


( 

» 

I 

i 

* 


(.  3)(690, 000  in-lb)(2. 45  in) 
11.5  in4 
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«* 


f 


& 


Section  C-C  of  Figure  214 

Loads:  r  at  Section  C-  C  =53.0  in 


Vr  =  2895  lb 

Mj.  =  719, 500  in-lb 


Section  Properties 

A  =  7.14  in2 
I  =  22. 9  in* 


c 

Stress:  *b 


MS  (yield) 


2.75  in 

MfC  (719, 500  in-lb)(2.75  in) 
I  22.9  in* 

86, 400  lb/in2 


_ . 

1.15  *b 


120,000 

1.15  (86,400) 

=  +0.20 


Damper  Arm  Lugs 

The  ultimate  transverse  load  is  given  by  the  formula  (page  167,  Reference 


22) 

p,tru 

= 

*Hru  Abr  Ftu 

Now 

Ai  = 

(.80)(1.0)  =  0.8  in2 

a2  = 

(.  50)(1.0)  =  0.5  in2 

A3  = 

(.  50)(1.0)  =  0.5  in2 

A4  = 

(.70)(1.0)  =  0.7  in2 
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See  Detail  E  of  Figure  214 


6 

Aav  = 

3  111 

Ai  A2  A3  A4 

Abr  = 

(dXt)=  (1.0)  (1.0)=  1.0  in2 

Aav 

0.65 

Abr 

1.0  “  °’65 

=  =  0.65  in2  (98) 


Detail  E  of  Figure  214  (Damper  Arm  Lug) 


f 

1 


Since  at  present  no  data  exist  on  the  static  strength  of  transversely 
loaded  titanium  lugs,  it  is  assumed  that  the  efficiency  factor  for  titanium 
lugs  is  the  same  as  for  steel  lugs. 


Ktru 


0. 87  (Figure  17,  page  168,  Reference  22) 


Therefore,  P'tru 


MS(ultimate) 


(0.87)  (1.0)  (130,000) 

113, 100  lb 
Ptru 

1.5  Ptr  _1 
113,100 

1.5  (53,440/2)  _1 

+  1.82 


Rotor  Over  speed 
Section  B-B  of  Figure  214 
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r  at  Section  B-B  =  63. 3  in 
(Fc)cr  =  144,500  1b 


Stress: 


'a 


MS  (ultimate) 


(Fc)cr  _  144,500 

A  =  4.33 

33, 400  lb/in^ 


130,000 
1.5  (33, 400) 


Detail  F  of  Figure  214  (lug) 

(Fc)cr  81  hinge  a**8  =  152, 000  lb 

From  Reference  21,  the  SCF  for  the  lug,  Kt,  io  (see  Detail  F  of  Figure  214) 


1.666D  _  _ 1.666  (8.4) 

Kt  "  d  +  0. 1166D  "  5. 2  +  (.  1166)  (8. 4) 

=  2.26 
KtP 

Stress:  *  =  — — 

A 

p  -  Mcr 

2 

A  =  (D-d)t 


=  76,0001b 
=  2.4  in4 
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-  (2-26>(76'°°°>  =  71,600  l‘j/in2 


MS  (ultimate)  = 


2.4 
&  tu 
1.5  *a 

130,000 
1.5  (71.600) 


=  +0.21 


Starting  Condition 
Outboard  Lug,  Figure  215 

The  load  in  the  outboard  lug  is  due  to  the  damper  reaction  force  Pd. 

^  737, 200 

Pd  =  9.0  "  9.0 


=  81,9101b 

The  lug  is  analyzed  such  that  only  70  percent  of  the  lug  width  is  consid¬ 
ered  to  be  effective  due  to  the  stress  flow  pattern  from  the  inboard 
flapping  lugs  to  the  outboard  lug. 

Lug  Stress  Concentration  Factor: 


1.666D 

d  +  0. 1166D 


=  1.59 


Stress:  i  = 


KtPd  _  1.59  (81,910) 

A  ~  0.70(8.4)  (8.85-8.25) 

36, 900  lb/in2 


MS  (ultimate)  = 


130, 000 
1.5(36,900) 


=  +1.34 
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Flapping  Lug  of  Figure  215 

The  flapping  lugs  must  react  the  moment  about  the  flapping  hinge  offset. 
Loads:  r  at  flapping  hinge  offset  =  36  in 

Vr  =  2994  lb 

Mr  =  769,600  in-lb 


Lug  Force: 


P 


Mr 

io~4 


769, 600 
10.4 


=  74,000  1b 


**  ••• 


i 


l 


Lug  Stress  Concentration  Factor: 

K  =  1.666D 

1  d  +  0. 1166D 


2.01 


Stress:  4  = 


MS  (ultimate)  = 


—  (2.01)  (74,000) 

A  (0.9)  (8.75-6.25) 

66, 100  lb/in^ 


130,000 
1.5  (66,100) 


=  +0.31 


Rotor  Overspeed 
Outboard  Lug 

i 

r  at  Outboard  lug  -  46, 8  in 
(Fc)cr  =  152, 000  lb 

Again,  the  lug  is  assumed  to  be  70  percent  effective  due  to  stress  flow 
from  the  flapping  lugs  to  the  outboard  lug. 

1 

! 

i 
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Stress: 


Ktp  1.59  (152,000) 

A  0.70  (8.4)  (8.85-8.25) 

=  68, 500  lb/in2 


MS  (ultimate) 


*tu 

1.5(a) 


130,000 
1.5  (68,500) 

=  +0.26 


Flapping  Lug 


r  at  flapping  lug  =  36.0  in 


(Fc)Cr  =  159,000  1b 


Lug  Force: 


P 


(Fc)cr 

2 


=  79,5001b 


Stress: 

j  =  M  (2.01)  (79,500) 

A  (0.90)  (8.75-6.25) 

=  71,000  lb/in2 


MS  (ultimate) 


130,000 
1.5  (71,000) 
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+  0.22 


"5 


i 


Mr  =  769,600  in -lb 

The  lug  is  assumed  to  be  only  70  percent  effective  due  to  the  stress 
flow  from  the  flapping  hinge  lugs  into  the  lug. 


Lug  Load:  In  order  to  analyze  the  lug  using  existing  lug  data,  an 

effective  lug  force  equivalent  to  the  applied  moment 
must  be  found.  Figure  217  illustrates  the  definition 
of  this  effective  lug  force  P. 


! 

I 


! 


I 


I 
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If  only  n  percent  of  the  lug  is  considered  to  be  effective 
the  equivalent  lug  would  be  shown  in  Figure  218. 


then 


(1  - 


Figure  218  Effective  Lug  with  Efficiency  Factor 


» 


The  equivalent  lug  load  is 
P  =  M 

eq  “(I-  i/2)t 


=  141,200  1b 


769.000 


^  2)(8'4) 


Lug  Stress  Concentration  Factor: 

Kf  =  1.666D 

d  +  0. 1166D 


1. 666f  9.91 

8.  3  +  0. 1166  (  9.9) 


=  1.74 


Ooo) 
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Stress: 


KtPeq.  _  (1. 74)  (141, 200) 

*  "  ~(0. 35X8. 4X1. 70) 

49,140  lb/in2 


MS(  ultimate) 


*tu  -l 
1.5(1) 

130.000  _1 

1.5(49,140) 


=  40.76 


Section  A -A  of  Figure  216 
Loads: 


r  at  Section  A-A  =  30. 2  in 


Vr  =  29941b 
Mr  =  787,000  in-lb 


Section  Properties  : 

A  =  9.4  in2  OD  =  8. 9  in 

I  =  86. 1  in4  ID  =  8. 2  in 


Stress: 


Mrc  _  (787, 000)  (4. 45) 

I  86. 1 

40, 680  lb/in2 


MS  (ultimate) 


130,000  -1 

1.5(40,680) 


Section  B-B  of  Figure  216 


« 


Loads:  r  at  Section  B-B  =  19. 1  in 

Vr  =  2994  1b 
Mr  =  820,200  in -lb 
Section  Properties: 

OD  =  11. 3  in 


ID  3  10. 3  in 
A  =  17.0  in2 
I  =  248. 0  in4 


Stress: 


Mrc  _  (820,200X5.65) 

I  248.0 


MS  (ultimate) 


18, 690  lb/in2 
*tu  “1 
1.5* 


130,000 

=  1.5(18, 690T  _1 

=  +3.74 


Rotor  Overspeed 

Hub  Arm  Lug 

(Fc)cr  =  159,000  1b 

The  lug  is  assumed  to  be  only  70  percent  effective. 

Stress:  ,  _  KtP  _  1.76  (159,000) 

A  0. 70  (8.  4)(1. 65) 

=  28,  800  lb/in2 


3  95 


rrMW+fc* 


3 


m 


Sfer  ^  ... 


MS  (ultimate)  =  _1 


.  130.000  -1 

"  1.5(28,800) 

=  +  2. 00  | 

\ 

Section  A-A  of  Figure  216 


(F^cr 

=  159,0001b 

• 

Mr 

=  (Fc)cr^)  =  (159, 000)  (0.5) 

j 

=  79,500  in -lb 

J 

S 

1 

I 

*a 

=  (YCr  =  JlBiPOQ-  =  16, 900  lb/in2 

•b  .Of.  <79'  SMH4-  45>  „  4,110  u,/jn2 


The  allowable  bending  modulus  of  rupture  is  taken  as  190, 000  lb/in2 


MS  (ultimate) 


1 _ -1 

1-5/  *a 

\4tu  *bu  J 

. .  1  "I 

175/16.^00  1  4,110  \ 

(130,000  *190,000  / 


=  +3.37 
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Droop  Stop  (Figure  216) 


The  droop  stop  must  react  the  total  weight  moment  of  the  blade. 
The  reaction  force  (P)  on  the  droop  stop  surface  is 

Blade  Weight  Moment  about  Flapping  Hinge 
Moment  Arm 

160,700  in-lb 
5.8  in 

=  27,7001b 

Applying  an  inertia  factor  of  4. 0  on  this  load, 

P  =  4.0(27,700)  =  110,800  1b 

Section  C-C  of  Detail  D  of  Figure  216 

For  purposes  of  analysis, the  Section  C-C  is  considered  to  be 
reduced  in  size  so  as  to  assure  a  conservative  design  analysis. 

Section  Properties  : 

A  =  2. 66  in^ 

I  =  1.08  in4 

c  =  0.  34  in 
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Loads  on  Section  C-C: 


V(8hear)  =  110, 800  lb 

M  =  (0. 8)V  =  88, 600  in -lb 

Stress:  iK  =  =  (88, 600)  (0. 35) 

b  1.08 


=  28, 700  lb/in2 

MS  (ultimate)  =  * 

130,000  -1 
“  1. 5  (28,  700) 

=  +2.02 


Fatigue  Analysis 

Sleeve  with  Integral  Control  Arm  ( Figure  213) 

Lugs 

Load:  The  pair  of  lugs  on  the  control  arm  must  react  the  full 
design  control  rod  load. 

Lug  Dimensions:  D  =  2.0  in 

d  =  0.875  in 

t  =  0.  3  in  (single  lug  of  pair) 

Lug  Analysis:  The  Heywood  lug  (Reference  21)  analysis  is  used, 

since  a  chafing  condition  can  possibly  exist  between 
the  lug  and  bushing. 

The  mean  endurance  limit  ( Jen)m  (Equation  68,  page  353)  is 

2.  8  [0. 875  +  0. 1166  (2. 0)]  (±  11, 400) 

Uen>m  "  2.0  a.  0+0. 875) 

=  ±  9430  lb/in2 

3  98 


The  working  endurance  limit  is 


4 


% 


*en  =  @*F)  (*  en)m  (PF=probability  factor) 

=  (0. 482) (±9430) 

=  ±4545  lb/in^ 

Nominal  lug  stress: 

J  _  Control  Rod  Load  (1580  +  2640) 

"2  t  (D-d)  =  I(0.3)(2.U-.88) 

=  (2350  ±  3930)  psi 


MS 


*s  <v 


2350  3930 


120,000  +  4545 


=  +0.13 


Section  C-C  (a)  of  Figure  213 

The  shear  center  (SC)  of  the 
channel  section  is  found  using 
the  formula  given  below  (page 
104,  Reference  47). 

1  bi  ,  X 

2  _  W 


where  aw  = 
af  = 


,  1  aw 

1  +?*f 

area  of  web 

area  of  a  flange 


1».8 


ft 


o.3 -n 


r 

L.O.: 


v _ 

s 


N  A 


2.1  (bi) 

Section  C-C  (a)  of  Figure  213 
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aw 

af 

e 


=  0. 3(4.8)  =  1.44  in2 
=  0. 3(2.1)  =  0.63  in2 


1(1.8) 

2 _ 

1  +1141 

6  0.63 


=  .065  in 


Loads  on  Section  C-C: 

V  =  Control  rod  load  =  (1580  ±  2640)  lb 
M  =  8.5V  =  (13, 430  ±  22, 440)  in-lb 
T  =  (2.0  -  e)  V  =  (2130  ±  3560)  in-lb 
Section  Properties  : 

A  =  (0.3)  (9.0)  =  2.7  in2 
I  =  -J2“  [(2* 4)  (4> 8)3  ‘  (2‘  1)  (4* 2)3  ]  =  9. 15  in4 


Computation  of  J  (see  Section  C-C  (b)  of  Figure  213) 
(Reference  44, page  178,  cases  19  and  20) 


Section  C-C  (b)  of  Figure  213 


Now  Kj 


k2 


a 


J 


»w[f- 

f|  “  0. 0263^ 


0.0648 

0.0199 


cd3^-0.105|)(l-  ^p)] 

(2. 1)(0.  3)3  ||  -  0. 105^l\j  =  0. 0180 


~  (o.  07  +  0. 076  —  ^ 
b  \  b) 

0.3  [°* 07  +  °* 076  (o 7T~ )  ]  =  °* 133 

2  [0. 020  +  0. 018  +  0. 133  (.  5)4  ] 

2  (0.046) 

0.092  in 


Stress:  T 


i 


™  =  (6940  ±  11,600)  lb/in2 
M£.=  (3520  +  5890)  lb/in2 


Principal  Stress:  The  formula  for  calculating  the  principal  stress 
for  an  element  under  two-dimensional  stress  is 
given  in  most  strength  of  materials  books  (page  57, 
Reference  47). 
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4x  +  *  y 
2 


i  p(principal  stress)  = 


ix  =  (3520  ±  5890)  Ib/in2 

ly  =  0 

f  xy  =  (6940  ±  li,  600)  lb/in2 


v^P 


+  rxy^ 


(102) 


A  conservative  approach  is  to  compute  the  principal  stress  due  to 
maximum  and  minimum  component  stresses  separately  and  then  assume 
that  the  principal  stresses  act  on  the  same  plane.  In  general,  the 
maximum  and  minimum  principal  stress  resultants  do  not  act  on  the 
same  plane.  A  vector  representation  of  these  stress  resultants  shows 
that  the  most  critical  stress  condition  exists  if  they  act  on  the  same 
plane. 

(*x)max  =  3520  +  5890  =  9410  lb/in2 
(rxy>max  *  6940  +  11,600  =  18, 540  lb/in2 

And’  <*p>max  *  +  (18, 540) 2 

=  23, 800  lb/in2 

=  3520  -  5890  =  -  2370  lb/in2 
=  6940  -  11,600  =  -  4660  lb/in2 

_  -2370  W(- 2370)2  (-4660)2 

2  "  4  + 

=  -4810  lb/in2 
The  principal  stress  (4p)  is  therefore 
«p  =  (9500  ±  14,300)  lb/in2 


( *x)min 
^xy^min 

And,  (*p)niin 
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Working  Endurance  Limit: 

*en  =  (SEF)(MF)(PF)(*en)m 
where  SEF  =  size  effect  factor 
MF  =  machining  factor 
PF  =  probability  factor 

The  control  arm  at  Section  C-C  (c)  of  Figure  213  is  treated  as  a 
cantilevered  beam  of  length  L  =  8. 0  inches,  and  constant 
cross  section  C-C  over  this  length  is  assumed. 


A  (highly  stressed  material) 


=  1. 72  in2 


V  =  AL  =  13. 8  in3 


The  volume  ratio  is 

V  (component) 

V  (specimen) 


13.8 
0. 009 


1530 


The  SEF  is  now  obtained  from  Figure  203,  which  is  a  plot  of 
size  effect  factor  versus  volume  ratio. 


SEF  =  0.74 


The  working  endurance  limit  is  now  determined. 
*en  =  (0.74)  (0.80)  (0.630)  (±60, 000) 

=  ±22, 400  lb./in2 
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(103) 


1 


-1 


MS  = 


(SCF)ig 
— " - + 


(SCF)*V 


(104) 


(1. 2)(9,  500)  (1.2X14,300) 

120,000  +  22,400 


Section  D-D  of  Figure  213 


The  shear  stress  for  a  thin -walled 
rectangular  closed  box  cross  section 
under  torsion  is  found  using  the 
formula  given  below  (page  276, 
Reference  47). 

r  A  =  T/(2bhtl) 

,B  =  T/(2bht2) 


Section  D-D  of  Figure  213 


Loads  on  Section  D-D  of  Figure  213 
V  =  control  rod  load  =  (1580  ±  2640)  lb 
M  =  4.1V  =  (6480  ±  10,  820)  in -lb 
T  =  10.8  V  =  (17,060  ±  28,510)  in-lb 
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Hie  critical  stress  condition  occurs  at  point  A. 


*  A  = 


Me  (6480  +  10, 820X2. 5) 
I  16.9 

=  (960  ±  1600)  lb/in2 


m 


& 

s 


Section  Properties:  A  =  (0.  3)  (16.  4)  =  4. 92  in^ 


=  17  [(3. 8X5. 0)3 -(3. 2X4. 4)3] 


=  16. 9  in4 


2bhti 


(17,060  ±  28,510) 
2(3. 5X4. 7)(0.  3) 


=  (1730  ±  2890)  lb/inz 

By  inspection, it  can  be  stated  that  the  margin  of  safety  at  Section  D-D 
is  high  (i.  e. ,  greater  than  +4. 0).  Such  a  high  margin  of  safety  is 
necessary  since  stiffness  rather  than  strength  is  the  design  criteria 
in  this  region  where  the  control  arm  mates  with  the  sleeve  cylinder. 

Section  B-B  of  Figure  213 

Loads:  The  design  loads  for  titanium  without  chafing  apply. 

P  =  Fc  +  Vc  +  Vn 
=  (115,  350  ±  1950)  lb 
M  *  =  ±59,800  in-lb 

Section  Properties : 

A  =  6. 98  in^ 


I 

c 


63. 6  in4 


=  4. 40  in 
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s 


s-  ■rPr'—‘^.-  -*r®» 

f 


Nominal  stress : 

P  Me 
1  =  A  +  I 

..  (115, 350  ±  1950)  ^  (±59,800X4.40) 
6.98  60” 

=  16, 530  ±  4420  lb/in2 


The  working  endurance  limit  stress  is 

*en  =  (SEFXMFXPFX«er^m 

=  (0. 80)(0. 80)(0. 482X±60, 000) 

=  ±18, 510  lb/in2 

An  SCF  equal  to  2. 5  is  assumed  at  the  thread  relief  groove. 

MS  =  - - -  1 

(SCF)i  (SCF)i 

-  +  - 

4ty  *en 

.  _ 1 _  -1 

(2. 5)(16, 530)  +(2.5)(4420) 

120,000  18,510 


=  +0.06 

Lugs  A  of  Bell  Crank, Figure  219 
Lug  Dimensions :  D  =  2.0  in 
d  =  0.  875  in 

t  =  0.  3  in  (single  lug  of  a  pair) 

Since  these  lugs  are  identical  to  the  control  arm  lugs  and  the  applied 
loading  is  the  same,  these  lugs  will  have  the  same  margin  of  safety. 

MS  =  +0.13 


40  6 


5 


* 


i 


Lugs,  B  of  Figure  219 
Lug  Dimensions :  D  =  2.2  in 
d  =  0.88  in 

t  =  0. 45  (single  lug  of  pair) 

Lug  Analysis:  The  Heywood  lug  analysis  is  used,  since  a 
chafing  condition  exists  between  the  lug  and 
bushing. 

The  mean  endurance  limit  ( ien)m  for  the  lug  is 
x  -  2.8  [0.88  +  0.1166(2.2)] 

'*en'm  2.2(1. +0.88)  (  ’  ' 

=  ±8770  lb/in2 

The  working  endurance  limit  is 

<en  *  (PFX  ie„)m  *  <0.482X±8770) 

-  ±42301b/in2 


Nominal  lug  stress: 

?2 


<  = 


2t  (D-d) 

=  (2290  ±  3820)  lb/in2 


(2720  ±  4540) 

2(0. 45)(2. 2-0. 88) 


MS  = 


1 

*8  + 
w 


iy 

Jen' 


-1 

-1 


2290 


120,000 


3820 

4170 


-  +0.07 
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Section  A -A  of  Figure  219 


M  =  8.6  ?x  =  (13,590  ±  22,710)  in-lb 
T  =  0. 2  Pj  =  (316  ±528)  in-lb 


Stress  at  point  A  of  Section  A-A  of  Figure  219: 

4  -  ME.  -  (13, 590  ±22, 710)(L4) 

I  2.06 

=  (9240  ±15, 400)  lb/in2 
T  =  Th  =  (316  ±  528X0. 2) 

"T”  0.021 

=  (3010  ±  5030)  lb/in2 
Principal  Stress: 


N°w  jx  =  (9240  ±  15,  400)  lb/in2 

by  =  0 

■t  xv  =  (30i0  ±  5030)  lb/in2 
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7 


Then  ( i  p)maY  =  27, 000  lb/in^ 

( *p)min  *  *6800  lb/in2 
or  ,  =  (10, 100  t  16,900)  lb/in2 

Working  endurance  limit: 

*en  -  (SEFKMFXPFK*en)m 

where  SEF  =  0.74 
MF  =0.80 
PF  =  0.63 

j  =  (0. 74X0. 80X0. 63X±60, 000) 
=  ±22,  400  lb/in2 

MS  =  - - -  -1 

(SCF)48  +  (SCF)<V 

4  ty  4  en 

=  1 _  -1 

(1.2X10,000)  (1. 2X16, 900) 

120,000  22,400 

=  0.0 
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2.8 


4 


)► 


r 


Section  B-B  of  Figure  219 
A  =  1. 58  in^ 

I  =  2.16  in4 

c  *  1.  35  in 

J  =  0.021  in4 


IZZZ7ZZZJ 


-M 


N.A.  2.7 


7YZT7H- 


0.2(typ) 


Section  B-B  of  Figure  219 


Loads  on  Section  B-B  of  Figure  219: 

V  =  P2  =  (2720  ±  4540)  lb 

M  =  4. 0  P2  =  (10, 880  ±  18, 160)  in-lb 

T  =  0.2  P2  =  (544  ±  908)  in-lb 

Stress  at  point  A  of  Section  B-B: 

Me  =  (10, 880  ±  18, 160)  (1. 35) 

*  I  2.16 

=  (6800  ±  11,  350)  lb/in2 

T  =  Th_  (544  ±  908)(0. 2) 

J  0.021 

=  (5180  ±  8650)  lb/in2 

/ 

Principal  Stress: 

fa*?  +  ,  xy2 

Now  4  x  =  (6800  ±  11,  350)  lb/in2 

*  y  =  0 

Tvv  =  (5180  ±  8650)  lb/in2 

xy 
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* 
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Then  ( 4  pJmax  =  25, 600  lb/in^ 

(  *p)min  =  -6-400  lb/in2 

OTj  4  p  =  (9600  ±  16,000)  lb/in2 

Working  endurance  limit: 

=  22, 400  lb/in2 


MS  = 


(1. 2)  9600  (1. 2)(16, 000) 

120,000  22,400 


=  +0.05 


Lug,  Pivot  of,  Figure  219 
Lug  Dimensions: 

D  =  2.8  in 
d  =  2.2  in 


t  =  2.  8  in 

Lug  Analysis:  The  Heywood  lug  analysis  is  used,  since  a  chafing 
condition  exists  between  the  lug  and  bushing. 

The  mean  endurance  limit  for  the  lug  is 


,  V  2.8  [2.20  +  0.1166(2.8)]  (±11,400) 

enm  "  2.8(1.  +2.2) 


=  ±9000  lb/in^ 


The  working  endurance  limit  is 

4en  =  <PF)Oen>m  =  <•  482)(±9000) 
=  ±4340  lb/in2 


Control  Rod  Load  P  =  1580  ±  2640  lb 


Lug  A  of  Figure  220 
Lug  Dimensions: 

D  *  2. 30  in 
d  =  1. 375  in 
t  =  0.65  in 


Lug  Analysis :  The  Heywood  lug  analysis  is  used,  since  a  chafing 
condition  exists  between  the  lug  and  bushing. 

The  mean  endurance  limit  ( *en)m  is 

=  2_J_  [1. 375±ail66J2:,3)] 
l*en>m  2.3(1  +  1.375)  K±  ’ 

=  ±  9600  lb/in2 

The  working  endurance  limit  is 


4en  =  (PF)(*en>m  =  <•  482)(±9600) 
=  i  4630  lb/in2 


Nominal  lug  stress: 

4  =  _P _  =  (1580  ±  2640) 

”  t(D-d)  0.65(2.3-1.375) 

=  (2630  ±  4390)  lb/in2 

m  =  2630  4390 

120, 000  +  4630 

=  1-0.03 


Lug  B  of  Figure  220 
Lug  Dimensions: 


r 


414 


* 


D  =  2. 500  in 
d  =  1. 563  in 
t  =  0. 65  in 

Lug  Analysis:  Tie  Heywood  analysis  is  used,  since  a  chafing 
condition  exists. 

The  mean  endurance  limit  is 


,  .  2.8  [1.563  +  0.1166(2.5)] 

<en  m - 2.~5  <r.l-  i.^3) - J  <ill-40°) 


=  ±  9240  lb/in2 


The  working  endurance  limit  is 

<*en>  =  (PFK*en)m  =  (0. 482X±9240) 


=  ±  4450  lb/in^ 


Nominal  lug  stress: 

i  _  JP _  _  (1580  ±  2640) 

t(D-d)  "  0.65(2.50-1.563) 

=  (2590  ±  4330)  lb/in2 

m  =  2590  *  4330  1 

120,000  4450 

=  +0.01 

Section  A-A  of  Figure  220 

1  2  ? 

A  =  J  *  (0. 5)  =  0. 196  in^ 


f 

ft 
?  , 
4 


415 


Stress: 


P  (1580  ±  2640) 

"  A  ”  0.T96 

=  (8060  ±  13,470)  lb/in2 

Working  endurance  limit: 

‘en  5  (SEFKMFXPFX.en)m 


Size  effect  factor: 

Since  the  control  rod  is  under  pure  axial  tension,  the  volume  of  highly 
stressed  material  is  essentially  equal  to  the  total  volume  of  the 
control  rod.  The  volume  r«»tio  is 

V  ( control  rod)  _  4. 5  _  ^ 

V  (specimen)  0. 009 


The  SEF  is  obtained  from  Figure  203: 

SEF  =  0.77 

The  working  endurance  limit  is 

4  n  =  (0. 77)(0. 80)(0. 630X±60>  000) 

Cl! 

=  ±  23, 300  lb/in2 

Stress  Concentration  Factor  =  1.5 

m  =  (1.5X6060)^  (1.5K  13,470) 
120,000  23,300 

=  +0.03 


« 
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Material:  6AL4iV  Titanium  Alloy  (Annealed  Condition) 


Figure  221  Transfer  Link 


Transfer  Link, Figure  221 
Lug 

Lug  Dimensions:  D  =  3. 1  in 
d»l.  375  in 
t  =  0.75  in 

Lug  Analysis :  The  Heywood  lug  analysis  is  used,  since  a  chafing 
condition  exists. 


The  mean  endurance  limit  is 

v  _  2.8  ft.  375  +  0. 1166  (3. 1)J  (±11,400) 
1  en'm  ”  3. 1  (1.  +  1. 375) 

=  ±7530  lb/in2 


The  working  endurance  limit  is 

*en  *  <PFX*en>m  ’  <.«2X*7530) 
=  ±3630  1b/ta2 


Nominal  lug  stress: 

P _  _  (2720  ±  4540) 

4  =  t(D-d)  '  0.75(3.1-1.375) 

=  (2100  ±  3510)  lb/in2 


MS  = 


2100 

120,000 


3510 

3630 


=  +0.01 


Section  A -A  of  Figure  221 

2 

Section  Properties:  A  =  0.70  in 

I  =  0.018  in4 

The  Euler  buckling  load  for  a  column,  both  ends  of  which  are  pinned, 
is  taken  from  basic  Strength  of  Materials  texts 

Pcr  =  ^  7t2(16.0  x  106)  (0.018) 

L  (575)2 


=  94,000  lb 
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The  maximum  design  compressive  force  in  the  link  is  7,  260  lb.  The 
nominal  stress  at  section  A -A  is 


P  (2720  ±  4540) 

* =  A  =  0.7 

=  (3890  ±  6490)  lb/in2 

The  working  endurance  limit  stress  is 

*en  =  <SEFXMFXPFX*en)m 

=  (0.70)(0.80)(0.630X±60,000) 

^  ±21, 200  lb/in2 

An  SCF  equal  to  2.0  is  assumed. 

MS  =  - - -  -1 

2.0(3890)  2.0(6490) 

120,000  +  21,200 

=  +0,  47 

The  high  margin  of  safety  is  necessary,  since  any  eccentricity  of 
loading  will  induce  bending  stresses  in  the  link. 


0 
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1.290  DU. 

-*.1$  M.r 

m 


6AL-ii?  Titanium  ^  U3i*0  Steel,  150  Ksi 
Alloy  /  heat  treatment 


L, 


Figure  222  Adjustable  Control  Rod 


Adjustable  Control  Rod, Figure  222 

Lug,  Spherical  Rod  End  Bearing 
Dimensions:  D  =  2.  30  in 

d  =  1. 375  in 
t  =  0.  70  in 
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Lug  Analysis:  The  Heywood  lug  analysis  is  used,  since  a  chafing 

condition  exists  between  the  outer  ring  of  the  bearing 
and  the  lug. 

The  lug  analysis  is  the  same  as  the  primary  control  rod  lug  analysis; 
therefore,MS  of  the  lug  is  equal  to  +  0. 03. 

Section  A-A  (Rod-End)  of  Figure  222 
A  =  \rr  [(1. 00)2  -  (0. 60)2] 

=  0. 50  in2 

Nominal  Stress: 

,  P  ( 1580  ±  2640) 

"  s  0. 50 

=  (3160  ±  5280)  lb/in2 

Working  endurance  limit: 

ien  =  (SEF)(MF)(PFX  *en)m 

=  (0.  82)(0. 80)(0. 482)(±60, 000) 

=  ±  19,000  lb/in2 

Stress  Concentration  Factor: 

For  a  screw  thread,  an  SCF  of  3. 0  is  used. 


(SCF)  i  s 

(SCF)  iv 

+  - 

4ty 

4en 

1 

(3.0)(3160) 

(3. 0)(5280) 

120, 000 

19,000 

+  0.09 
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Section  B-B  (Barrel)  of  Figure  222 


A  =  [(1.30)2  -<1.10)2] 

=  0. 38  in2 

Nominal  Stress: 

i  =  P  _  (1580  ±  2640) 

A  0.38 

=  (4160  ±  6950)  lb/in2 

Wox/dng  endurance  limit: 

,en  =  (SEFKMFKPFX  ien)m 

=  (0. 82)(0. 80)(0. 630X  ±60, 000) 

=  ±  24,  800  lb/in2 

Stress  Concentration  Factor:  SCF  =  3. 0 

MS  =  - 1  #  ■  -  -1 

^  S  (SCI)ly 

-T -  +  - T - 

•ty  *en 

=  - 1 -  -1 

4160  (3.0X6950) 

132, 000  +  24, 800 

=  +0.12 


Rotating  Swashplate,  Figure  223 

Rotating  Swashplate  Loading 

i  =  an  index  referring  to  a  given  rotating  star  lug  and 
control  rod 

Pi  =  load  in  i1*1  control  rod 
«x  i  =  phase  angle  of  control  rod 

^  =  azimuth  of  reference  blade 


4  22 


Lugs,  Control  Rod  of  Figure  223 
Lug  Dimensions: 


D  =  3. 60  in 
d  =  LOO  in 
t  =  1.00  (single  lug) 


Figure  223  Rotating  Swashplate 


*v*er 


3r 


n 


t 


Lug  Analysis:  For  this  fatigue  analysis,  the  transversely  loaded  lug  is 
analyzed  as  an  axially  loaded  lug.  This  is  considered 
to  be  a  conservative  approach  when  the  lug  dimensions 
exceed  specified  limits. 

The  mean  endurance  limit  stress  for  the  lug  is 

2.8  [1.00  +  0.1166(3.6)]  (±1800) 

3.6(1.  +1.0) 

=  ±994  lb/in2 


(  4  ed  m  “ 


The  working  endurance  limit  is 


4en  =  <PFX*en)m  =  <0.519)(±994) 
=  ±  516  lb/in2 


Nominal  Lug  Stress: 

i  =  F  _  (1580  ±  2640) 

"  2t  (D-d)  2(1. 0)(3. 6-1.00) 

=  (304  ±  508)  lb/in2 


MS 


_ 1 _  -1 

4  s _  *v 

4  ty  4en 


304  508 

56,000  +  516 

=  +0.01 


Section  A -A  (Typical  Ring  Cross  Section)  of  Figure  223 
The  cross  section  A  -  A  is  idealized  as  a  tubular  section. 
A  =  6. 78  in2 
I  =  24.  87  in4 
J  =  12.  43  in4 
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The  critical  loading  of  a  ring  cross 
section  is  calculated  using  a  Sikorsky 
computer  program  based  on  the 
inextensional  theory  for  thin  circular 
rings.  The  maximum  loading  deter* 
mined  from  this  computer  program 
is  shown  graphically  in  F igures 
225  and  226  and  summarized  as 
follows: 


Section  A-A  of  Figure  223 
(Effective  Ring  Cross  Section) 

Mr  =  (-5330  ±  5530)  in-lb 
Mz  =  (-2320  ±  4120)  in -lb 
Mt=  (-4950  ±  7050)  in -lb 
Vz  =  (790  ±  1340)  lb 

The  critical  stresses  occur  at  point  A  (Figure  224). 

4  (Mz  Mr)  c  _  (5813  ±  6890)  (2.9) 

=  i  24. 8? 

=  (679  ±  803)  psi 

r  Mtc  (4950  ±  7050X2. 9) 

1  J  ~  1274 3" 

=  (1155  ±  1645)  lb/in2 

The  shearing  stress  ( T  2)  at  point  A  due  to  the  vertical  shear  Vz 
is  given  by  the  formula 

r  _  Vz 


Now,  a 

b 

v 


A  o 

2  =  3.  39  in2 

0. 80  in 
3. 44  in 


(D-d) 

2rm 


Figure  224  Vertical  Shear  Loading  Geometry, 
Section  A -A,  Rotating  Swashplate 


Therefore  r  -  1790*  1340X3.39X3.44) 
i  nererore,  2  (24.87)(.80) 

=  (463  ±  785)  Ib/in2 

Summarizing,  the  stresses  are 


i  =  (679  ±  803)  lb/in2 


;_2 


r=  +  r 2  =  (1618  ±  2430)  lb/in 

The  principal  stress  is 

*p  =  (1992  ±  2910)  lb/in2 
The  working  endurance  limit  stress  is 

4en  =  (SEFXMF)(PFXien)m 

=  (0.68X0. 80X0. 519X±22, 000) 

=  ±6210  lb/in2 

An  SCF  equal  to  2.0  will  be  assumed: 


MS  = 


*s  (SCF)  *  v 
+ 


-1 


ity 


*en 
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Vertical  Shear  x  10“3  (lb  ) 


1992  (2.0X2910) 

35^500  +  5210 — 

=  +0.028 


Figure  225  Shear  on  Critical  Ring  Cross  Section, 
Rotating  Swashplate 
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Figure  226  Bending  Moments  on  Critical  Ring  Cross 
Section,  Rotating  Swashplate 
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Stationary  Swashplate,  Figure  227 


Lugs,  Servo 
Lug  Dimensions: 

D  =  4. 0  in 
d  =  1. 0  in 
t  =  1. 25  in 

Load:  P  =  (6890  ±  3450)  lb 

Lug  Analysis:  The  lug  is  sized  using  the  Heywood  lug  analysis, 

since  a  chafing  condition  exists  between  the  lug  and 
bushing. 

The  mean  endurance  limit  stress  for  the  lug  is 

_  2, 8  [1. 0  +  0. 1166  (4. 0)]  (±  1880) 

(«en>m  =  4.0  (1.0+ 1.0) 

=  ±965  lb/in2 

The  working  endurance  limit  stress  is 

*en  =  <PF><‘en>m  »  (0. 519)(±965) 

=  ±501  lb/in2 

Nominal  Lug  Stress : 

a  _  _  P_  _  (6890  ±  3450) 

2t  (D-d)  "  2  (1.25)  (4. 0-1.0) 

=  (955  ±  494)  lb/in2 


4ty  4en 
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Material:  7075-T73  Aluminum  Alloy 


= - 1 - -1 

955  494_ 

56, 000  501 

=  0.0 

Section  A -A  of  Figure  227 
Section  Properties ; 


Section  A-A  of  Figure  227 

Loads  on  Section  A-A: 

V  =  P  =  6890  ±  3450  lb 

M  =  14. 2  P 

=  97, 840  ±  48,  990  in-lb 

Nominal  stress  at  point  A: 

,  _  Me  _  (97,  840  ±  48, 990)  (2. 5) 

I  28.1 

=  (8700  ±  4360)  lb/in2 
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Working  endurance  limit  stress  is 


<en  =  <SEFXMFXPFX,en)m 

=  (0. 70X0. 80X0. 519X±22, 000) 
=  ±6390  lb/in2 


is 

(SCF)  *  v 

ity  1 

*en 

1 

8700 

+  (1.2)(4360) 

56, 000  6390 

=  +0.02 


Section  B-B  of  Figure  227 

The  internal  loads  at  the  critical  ring  section,  of  which  section  B-B 
is  representative,  are 

Vz  =  (2420  ±  1350)  lb 

Mr  =  (93,660  ±  49,230)  in-lb 

Mt  =  (-41,520  ±  22,920)  in-lb 

Mz  =  (-25,080  ±  13,  440)  in-lb 

Z 


Section  B-B  of  Figure  227 


The  cross  section  is  conservatively  idealized  as  a  hollow  rectangular 
section.  The  properties  of  the  section  are 

A  =  16. 0  in2 

Ir  =  123. 0  in2 

cr  =  4. 5  in 

Iz  =  25. 5  in4 

cz  =  1.75  in 

J  =  64. 3  in4 


The  critical  stresses  occur  at  point  A. 


(93, 660  ±  49, 230)  (4. 5)  (25, 080  ±  13, 440)  (1. 75) 

123.0  +  25. 5 

=  (5150  ±  2720)  lb/ in2 


The  working  endurance  limit  stress  is  ±  6120  lb/in2 
An  SCF  equal  to  2. 0  will  be  assumed. 


MS 


_ 1 _ -1 

5150  (2. 0X2720) 

120, 000  +  6210 


+  0.08 


Flapping  Hinge  (Figure  228) 


The  known  applied  loads  on  the  flapping  hinge  using  the 
design  loads  for  titanium  without  chafing  are 


Pr 


Vc 


(114,900  ±  8300)  lb 


(106) 
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The  loads  Ri  and  R2  are  determined  considering  equilibrium  of  the 
bell -crank  pin. 

RX  =  (4030  ±  6720)  lb 

«2  =  (880  ±  1470)  lb 

The  flapping  lug  forces  Pi  and  P2  are  determined  considering 
equilibrium  of  the  flapping  hinge. 

I  Fh  =  Pi  +  P2  -  Ri  cos  31°  +  R2  cos  31°  -  Pr  =  0 
I  Mo  *  10. 4  P2  +  10. 4  R2  cos  31°  -  5.  2  Pr  -  10. 8  Vc  =  0 


Solving  these  equations  for  Pi  and  P2  gives 
?l  =  (52,560  ±  8680)  lb 
P2  =  (65, 040  ±  4120)  lb 


Outboard  Lug  of  Figure  228 

The  outboard  lug  is  assumed  to  be  only  70  percent  efficient. 
Lug  Dimensions:  D  =  8.85  in 

d  =  8. 25  in 
t  =  8.  4  in 


Lug  Stress  Concentration  Factor: 


SCF 


1. 666  D 
d  + 0.1166  D 


1.59 


TheLugLoad  P  is 

P  =  Pr+>  Vc  =(115,200  ±  8340)  lb 


I 
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Figure  228  Flapping  Hinge  Fatigue  Loading 
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Lug  Nominal  Stress 

^  P _ =  (115,200  ±  8340) 

0. 7t  (D-d)  ””  0.7  .5.4)  (8.85-8.25) 

=  (32, 650  ±  2360)  lb/in2 

The  working  endurance  limit  stress  is 
4en  =  (SEFKMF)(PFK4en)m 

=  (0. 75X0. 80)(G.  482X±60, 000) 

=  ±  17, 350  lb/in2 

^  =  "(SCF)*s  1  (SCF)iv  _1 

*en  *en 

.  1 _  ,  _i 

"  (1. 59X32, 650) "  (1. 59)(23@y 
120,000  17,350 

—  +0. 54 


Flapping  Lug  of  Figure  228 
Lug  Dimensions:  D  =  8.75  in 

d  =  6. 25  in 
t  =  0.  90  in 
Lug  Stress  Concentration  Factor: 


SCF 


1.666  D 
d  +  0.1166  D 


=  2.01 


Lug  Nominal  Stress: 


4  _  Pi  _  (52, 560  ±  8680) 
t(D-d)  (0. 9)(8. 75-6. 25) 
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/> 


% 


=  (23,  360  ±  3860)  lb/in2 

The  working  endurance  limit  stress  (ien)m  is  ±  17,  350  lb/in2 

m  =  2.01  (23,360)  1  2.01  (5860)  _1 

120,000  +  17,350 


=  +0.19 

Spindle  (refer  to  Figure  214) 


The  design  loads  for  titanium  without  chafing  apply. 
Pi  =  Fc^Vn+>  Vc 
=  (113,800  ±  1100)  lb 


Me  =  Mtf  =  ±  59,  800  in-lb 


Pd 


Md  _  (±59,800)  _ 
9.0  9.0 


±6640  lb 


p2  =  pi  +  pd  =  (ll3,800  ±  7740)  lb 


Section  A -A  of  Figure  214 

The  load  on  Section  A -A  is  due  to  the  damper  force  Pd.  The  loads 
on  Section  A -A  are 

pd 

V  =  y  =  ±  3320  lb 
r  Pd 

M  =  5.  4  ~2  =  ±  17,930  in-lb 

Section  Properties : 

A  =  2. 28  in2 
I  =  3.  85  in4 
c  =  1.  8  in 
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Nominal  Stress: 


,  =  Me  =  (*  17  930X1.8)  _  8380  2 

1  3.85  1 

Ibe  working  endurance  limit  stress  is 

4en  =  (SEFXMFXPFXien)m 

=  (0.75X0.80)(0.630X±60  000) 

=  ±22, 680  lb/in2 


MS  = 


_ *en 

(SCF)  iv 

22,680 

(1.2)(8380) 


-1 


-1 


«  +  1.25 


Section  B-B  of  Figure  214 

It  is  conservatively  assumed  that  30  percent  of  the  moment  is 
transferred  from  the  stack  bearings  through  the  spindle  nut  to 
Section  B-B. 

Loads:  P  =  Pi  =  113,  800  ±  1100  lb 

M  =  0.  30  Mc  =  ±  17,  940  in-lb 
Section  Properties : 

A  =  4.  33  in2 
c  =  2.  45  in 
I  =11.5  in4 
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Nominal  Stress: 


(113,  SQO  ±  1100)  (17, 940X2.  45) 

4.33  +  11.5 

=  (26, 280  ±  4070)  lb/in2 

The  working  endurance  limit  stress  is 

<en  =  (SF.FKMFXPFK  *en)m 

=  (0. 80)(0. 80)(0. 482K±60, 000) 

=  ±18, 510  lb/in2 

The  SCF  at  the  thread  relief  fillet  is  2. 0. 

m  =  (2. 0)(26, 280)  (2. 0X4070) 

120,000  18,510 

=  +0.14 

Section  C-C  of  Figure  214 
Loads:  P  =  P  =  (113, 800  ±  1100)  lb 
M  =  M,j  =  ±  59, 800  in-lb 
Section  Properties  : 

A  =  7. 14  in2 
C  =  2. 75  in 
I  =  22. 9  in4 
Nominal  Stress: 
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(113, 800  ±  1100)  t  (±59, 800)(2. 75) 

7.14  22.9 

4  =  (15, 940  ±  7260)  lb/in2 
The  working  endurance  limit  stress  is 
4en  =  (SEF)(MFXPF)<  4  en)m 
=  (0. 75X0. 80X0. 482X±60, 000) 

=  ±17, 350  lb/ir.2 

An  SCF  equal  to  1. 7  is  assumed,  since  the  load  in  the  spindle  must 
flow  from  the  cylindrical  shank  into  the  extending  damper  arms. 

MS  =  077X15,940)  \l.  7)(7260)~ 

120,000  +  17,350 


=  +0.06 

Damper  Arm  Lugs,(See  Detail  E  of  Figure  214) 
Lug  Dimensions:  D  =  2.0  in 

d  =  1.0  in 
t  =  0. 7  in 


Lug  Analysis:  The  Heywood  lug  analysis  is  used,  since  a  chafing 

condition  can  possibly  exist  between  the  lug  and  bushing. 


The  mean  endurance  limit  stress  for  the  lug  is 

.  L8M+£-iiM£9fl(t  n,4oo) 

*en  2.0  [1.0+ 1.0] 

=  ±  9840  lb /in2 


The  working  endurance  limit  stress  is 

(4en)  =  (PF)(4en)m  =  (0.  482)(±9840) 

=  ±4740  lb/in2 
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Stt: 


Nominal  Lug  Stress: 

4  Pd  ±6640 

2t  (D-d)  “  2(0. 7)(2. 0-1.0) 

i 

=  ±4740  lb/in2 


4740 

4740 


=  0.0 


r 


Lugs,  (See  Detail  F  of  Figure  214) 

Me 
9.0 

(113, 800  ±  7740) 


P2 

Load:  P  =  —  + 
2 


=  (56, 900  ±  10, 510)  lb 


±59,800 

9.0 


Lug  Dimensions: 

D  =  8. 4  in 
d  =  5. 2  in 
t  =  0. 75  in 

Chafing  will  be  precluded  from  the  spindle  lugs  by  utilizing  bonded 
washers  and  bushings. 

Lug  stress  concentration  factor  is 

=  1. 666  D  _  1.666(8.4) 

"  d  +  0. 1166D  ’  5. 2 +  (0.1166X8.  4) 

=  2.26 
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Nominal  Lug  Stress: 

4  =  P  _  (56,  900  ±  10, 510) 
”  t  (D-d)  0.75(8.4-5.2) 

=  (23, 700  ±  4380)  lb/in2 
The  working  endurance  limit  stress  is 

4en  =  (SEF)(MFKPFK*en)m 
=  (0. 80)(0. 80)(0. 630X±60, 000) 
=  ±24, 190  lb/in2 


MS  = 


Kc 


‘ty 


Kc  *y 

— r, 


-l 


*en 


1 


(2. 26)(23, 700)  (2. 26X4380) 

120,000  +  24,190 


-1  =  ±0.16 


Hub  Arm,  Figure  229 
Steel  Bolts  (Flange  Bolt  Circle) 

The  design  loads  for  steel  without  chafing  apply. 
Fc  =  (114,000  ±  1000)  lb 
Vn  =  (8220  ±  13,020)  lb 
V  =  (8040  ±  1310)  lb 
Md  =  ±59, 800  in -lb 
P3  *  (3150  ±  5250)  lb 
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Center  of 
Rotation 
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f 

f 

The  loads  on  the  bolt  circle  are  (See  Detail  C  of  Figure  229) 

P  =  Fc  -  P3  cos  31°  =  (111.  300  ±  5550)  lb 
Mj.  =  31.2  Vc  +  Md  =  (250, 800  ±  100, 700)  in-lb 
Mf  =  20. 4  Vn  +  15. 6  (P3  sin  31°) 

=  (193, 000  ±  307, 700)  in-lb 

In  addition  to  the  above  loads  there  is  a  twisting  moment  (Mr)  which 
is  generated  by  the  chordwise  shear  load  (V^.  Consider  the  twisting  * 

moment  at  the  flapping  hinge  (Ta). 

(Ta)max  =  (Offset  between  hinges)  sin  (*max)  (vc)max 

=  (10.  8)  sin  (4°  6*  +  5°  48’)  (8040  +  1450) 

=  17, 620  in -lb 


(Ta)min  =  (Offset  between  hinges)  sin  (*min)  (Vc)min 
=  (10. 8)  sin  (4°  6’  -  5°  48*)  (8040-1450) 

=  -2110  in-lb 

Therefore,  T  -  9, 870  ±  11, 980  in-lb 

d 

Note  that  the  normal  and  chordwise  shear  loads  are  taken  out  on  the 
tubular  arm  flange  shoulder  and  hence  are  not  resisted  by  the  bolts. 


Bolt  Circle  Data: 


Detail  C  uf  Figure  229 (Hub  Arm  Bolt  Circle) 
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The  bolt  load  is  based  on  die  assumption  of  a  linear  relationship  between 
bolt  load  and  its  distance  rom  the  neutral  bending  axis. 


Ph  (axial  bolt  load)  =  —  4-  — M 

n  nr 

where  M  =  Me  +*  Mf 

=  (260,820  ±  324,000)  in -lb 

_  (111,  300  ±  5550)  2  (260,820  ±  324,000) 

b  12  +  12(7.50) 

=  (15,080  ±  7660)  lb 

For  a  1.250 -inch-diameter  bolt,  the  nominal  stress  is 

P  15, 080  ±7660 
4  =  A  "  1.227 

=  (12, 290  ±  6240)  lb/in2 


The  working  endurance  lim  stress  is 
4en  =  (SEF)(MF)(PF)(4en)m 
SEF  =  0. 80 
MF  =  1. 00 
PF  =0.63 

4  _  =  (0. 80)(1. 00)(0. 63K±60, 000) 

vll 

=  ±30, 240  lb/in2 

MS  =  _ 1 _ 1 

4s  (SCF)4V 

4ty  *en 

=  - I -  -1 

12,  290  t  (3.5X6240) 

132,000  30,240 

=  ±0.22 
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Lug  (flapping  hinge) 


£ 


The  lug  is  assumed  to  be  70  percent  effective.  The  formula  for 
equivalent  lug  force  is  given  by  the  equation 

p  - p  i  M 

eq  2  +  (1  -  ,/2)  t 

where  P  ■  axial  force  on  lug 

M  s  applied  moment  on  lug 
t  =  width  of  barrel  lug 
1  assumed  efficiency  of  lug 

Note  that  the  equivalent  lug  has  a  width  equal  to  (nt/z).  The  use  of 
a  split  journal  sleeve  bonded  to  the  inner  surface  of  the  lug  eliminates 
chafing  of  the  lug.  The  loads  for  titanium  without  chafing  apply. 

Fc  =  (114, 100  ±  900)  lb 

Vn  =(8220  ±  11,590)  lb 

Vc  =  (8040  ±  1180)  lb 

=  ±  59, 800  in-lb 

The  loads  on  the  lugs  are 

p  =  Fn  *  vn  =  (114,  950  ±  1750)  lb 

M  =  Mj  +  10. 8  Vc  =  (86,  830  ±  72, 540)  in-lb 

Lug  Dimensions: 

D  =  10. 0  in 

d  =  8.  3  in 

t  =  8.  4  in 
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The  equivalent  lug  force  is 

n  (114, 950  ±  1750)  .  (86, 830  ±  72, 540) 

2  (l.-0.70/2)(8.4) 

=  (73, 380  ±  14, 160) 

Lug  stress  concentration  factor:  SCF  =  1. 76 
Equivalent  lug  dimensions: 

D  =  10. 0  in 
d  =  8.  3  ir. 
tgq  =  2. 94  in 

The  working  endurance  limit  stress  is 
(*en^  =  (SEF)(MFXPF)(4en)m 

=  (0. 70)(0. 80)(0. 482)(±60,000) 

=  ±16, 200  lb/in^ 

The  nominal  equivalent  lug  stress  is 

Peq _  _  (73,  380  ±  14,  160) 

4  ”  tgq  (D-d)  “  2.94(10.0-8.3) 

=  (14, 690  ±  2830)  lb/in2 

m  9  17757147690)  X76(ZB50) —  _1 
120, 000  +  16, 200 

=  ±0.91 


4  47 


* 


Section  A -A  of  Figure  229 

The  design  loads  for  titanium  without  chafing  apply. 
Loads:  r  at  Section  A -A  =  30. 2  in 

P  =  (116, 800  ±  5550)  lb 
Mc  =  16. 6  Vc  +  Mjj 

=  (133,  460  ±  79,  390)  in-lb 
Mf  =5.8  Vn+ 1.0(P3  sin  31°) 

=  (49,  300  ±  69, 920)  in-lb 

A  resultant  bending  moment  Mr  is  computed: 

Mr  =  Mc4*Mf 

=  (132, 730  ±  105,  790)  in  -lb 
Section  Properties : 

A  =  9.  4  in^ 

I  =  86. 1  in4 
c  =  4. 45  in 
Nominal  Stress: 


_  (116, 800  ±  5550)  (1 32, 730  ±  105, 790)(4. 45) 

9.4  80 

=  (19, 500  ±  6300)  lb/in2 

The  working  endurance  limit  stress  is 
,en  =  (SEF)(MF)(PF)(*en)m 

=  (0. 70)(0. 80)(0. 482)(±60, 000) 

=  ±16, 200  lb/in2 
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An  SCF  equal  to  1. 8  will  be  assumed. 


(1. 8)(19, 500)  (1. 8)(6300) 

120,000  +  16,200 

=  0.0 

Section  B-B  of  Figure  229 

The  design  loads  for  titanium  without  chafing  apply. 
Loads:  rat  Section  B-B  =  19. 1  in 

P  =  (116, 800  ±  5550)  lb 
Mc  =  27. 7  Vc  +  Md 

=  (222, 700  ±  92,490)  in-lb 
Mf  =  16.9  Vn+  12. 1  (P3  sin  31°) 

=  (158, 500  ±  228, 500)  in -lb 
A  resultant  bending  moment  Mr  is  computed. 

Mr  = 

=  (230, 490  ±  246, 500)  in-lb 
Section  Properties : 

A  =  17. 0  in2 
I  =  248.0  in4 
c  =5.65  in 
Nominal  Stress: 
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.  (116, 800  ±  5500)  (23 u,  190  ±  246, 500K5. 6.) 

17.0  +  248.0 

=  12, 120  ±  5940  lb/in2 
An  SCF  equal  to  2. 0  will  be  assumed. 

m  *  (2.0X12,120)  .  (2. 0X5940)  1 

liO.COO  +  16, 200 

=  +0.07 


( 

I 

I 
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Static  and  Fatigue  Analyses  of  Hub,  Structure, 

Alternate  Design 

Static  Analysis 

In  the  analysis  of  the  central  hub  assembly,  a  conservative  idealization 
of  the  structure  is  made  in  order  to  verify  the  strength  of  the  design 
(see  Figure  230). 

The  conical  shell  portion  of  the  structure  is  replaced  by  a  flat  circular 
plate  built  in  at  the  cylinder.  The  entire  steady  normal  shear  load 
(Vn)s  is  assumed  to  be  carried  by  this  plate.  This  is  a  conservative 
approximation,  since  a  conical  shell  has  considerably  greater 
strength  under  normal  shear  loading  than  does  a  circular  plate  of 
equal  thickness. 

The  upper  and  lower  stiffening  rings  are  assumed  to  react  the  entire 
centrifugal  and  hub  moment  load  distributions  in  the  radial  direction. 

Radial  Load  Distribution  on  Stiffening  Rings 

If  the  centrifugal  load  is  assumed  to  be  shared  equally  between  the 
upper  and  lower  stiffening  rings,  the  distributed  radial  load  is 
1 

q  _  T  (total  centrifugal  load) 

2ttR  ' 

-  6  (*V-> 

4ttR 


F 


450 


fir 

l 

t 


The  radial  load  distribution  due  to  the  hub  moment  (HM)  is  assumed  to 
vary  sinusoidally  around  the  stiffening  ring.  If  the  rings  are  offset  a 
distance  (y),  then  the  sinusoidally  distributed  load  q2(i)  is 


A* 

y  f  q2(0  sin  #  Rd  0  =  HM 
o  ! 

where  q2(#)  =  (q2)max  sin  » 

(^max  yR  /  sin2  #  d  •  =  HM 

J  I2i 

(q2>max  yR  If  '  -f  sin  2»] 


=  HM 


(108) 


or  finally,  (^2)^  = 


HM 

»yR 


(109) 


The  radial  load  distribution  around  the  stiffening  rings  is  (Figure  231) 

\  *  91+92 


_  6Fc  HM 
4  irR  iryR 

The  maximum  radial  load  is 

Fc 

(*lr)max  =  1*5  v  ^  + 


sin  » 

HM 

wyR 


(m) 
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Tlie  stiffening  rings  will  be  analyzed  by  assuming  a  uniform  radial 
load  equal  in  magnitude  to  (qr)max* 

Shear  Load  Distribution  on  Lower  Ring  Plate  of  Figure  232 


The  total  normal  shear  load  6(Vn)g  is  to  be  carried  solely  by  the 
lower  ring  plate  which  is  built  in  at  the  inner  and  outer  edges. 

a  -  6  (Vn>s 
"  2ira 


(112) 


The  in -plane  shear  load  distribution  in  the  plate  on  sonic  radial  section 
(r)  is 


% 


| 
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Note  that  there  is  a  net  unbalanced  in -plane  load  on  the  stiffening 
ringa  These  loads  must  be  reacted  by  the  upper  hub  plate  and 
lower  ring  plate.  If  the  stiffening  rings  are  considered  to  be  split 
from  the  plates,  Lien  this  unbalanced  force  must  be  reacted 
solely  by  compression  on  one  side  of  the  plate  (see  Figure  233). 


«Tn>. 


Figure  232  Shear  Load  Distribution  on  Lower  Ring  Plate 


Figure  233  Compressive  Load  Distribution  Between  Stiffening  Ring 
and  Corresponding  Ring  Plate 


Then,  for  equilibrium  of  the  stiffening  ring, 

f  (0)  8^n  0  0  ~  Fng{  =  —y— 

qc(0)  *  Wmax  sin  0,  then 
jn 

J  (^c)max  R  sin^O  d  $  =  Fnet 
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V  2Fnet  .  2  (HM) 

'  c'max  -  -Jr-  -  —gj- 

Starting  Condition  (Static) 

Load:  r  at  central  hub  assembly  flange  =  15. 6  in 
T  =  3, 500, 000  in-lb 
Fc=0 
HM  =  0 


(U4) 


The  components  of  the  idealized  central  hub  structure  are  now  analyzed 
for  the  above  loads. 

Stiffening  Rings 

TT  .  .  Fc  .  HM 

lVmax  -  10  „R  T  if  Ry 
but  Fc  =  0 

HM  =0 

Therefore,  the  stiffening  rings  do  not  take  any  load  in  the  starting 
condition. 

Lower  Ring  Plate  of  Figure  230 


The  lower  ring  plate  is  assumed  to  carry  the  entire  starting  torque. 

The  maximum  shear  load  occurs  at  the  section  r  =  b  (see  Figure  232). 

<0S>  r  *  b  =  (115) 

3, 500, 000 
"  2jt(9.3)2 

=  6440  lb/in2 

Tbe  shear  stress  is 

9s  6440 

s  "H“  0. 6 

=  10, 700  lb/in2 


¥ 


I 

i 

> 
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MS  (ultimate)  =  ±  5  T  -1 

8 

=  76,000 
"  1.5(10,700) 

=  +3.73 

Rotor  Overspeed  (Static) 

Load:  r  at  central  hub  assembly  =  15. 6  in 

Fc  =  199, 700  lb 
T  =  2, 258, 000  in-lb 
HM  =0 


Stiffening  Ring,  Lower,  of  Figures  230  and  232 
The  radial  load  distribution  is 


(9r)max  =1-5 


(199,700) 
ir  (14. 5) 


=  6580  lb/in 


Splitting  the  ring  along  a  diameter  and  imposing  the  condition  of 
static  equilibrium  gives  the  relationship 

2iA  =  2R  (<Jr)max 
4  -  R  (9r)max 
A 

_  (14. 5)(6580) 

3.0 

=  31, 800  lb/in2 


(116) 
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The  tangential  load  distribution  is 

2,258,000 
2jt(14.  5)2 

=  1710  lb/in 
The  shear  stress  is 

as  _  1710 
r  '  TT  =  0T 

=  2850  lb/uv 


Figure  234  Stress  in  Stiffening  Ring 


The  principal  stress  is 

4P  =  T  +  + 


2 

i 


-  32, 100  psi 


MS  = 


1.5«p  1 

130,000 
1.5  (32, 100) 


=  +1. 70 


Alternate  Design 
Hub-Fatigue  Analysis 

The  design  loads  for  titanium  without  chafing  apply, 
rat  central  hub  assembly  =  15. 6  in 
Fc  =  (119,000  ±  900)  lb 
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<vn)8  =  8220  lb 

T  =  2,258,000  in-lb 
Mh  -  1,252,000  in-lb 

Stiffening  Ring(s),  See  Figures  233  and  234 

The  radial  load  distribution  is 

Fe  Mh 

(<lr)max  =1*5  *r  *  ^Ry 

1.5  (119,000  ±900)  1,252,000 

=  (14.5)  *  (14. 5)(16. 0) 

=  (3920  ±  1750)  lb/in 

The  axial  hoop  stress  in  the  ring  is 

,  _  R  (9r)max  (14. 5)(3920  ±  1750) 

*=  A  *  TO 

=  (19,000  ±  8500)  lb/in2 

The  tangential  load  distribution  is 

T  _  2,252,000 
s  "  2  nR2  ~  2tt(14.  5)^ 

=  1710  lb/in 

The  shear  stress  is 

%  1710 

r  =  h  =  “O 

=  2850  lb/in2 
The  principal  stress  is 

.  =  (19,500  ±  8300)  lb/in2 
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M 

m 

~£- 

J; 

The  working  endurance  limit  stress  is 

‘en  "  <SEF)(MFi(PFXlen)m  j 

=  (0. 80)(0. 80X0. 630X±60, 000) 

} 

* 

=  ±24, 200  lb/in2 
The  SCF  is  equal  to  2. 0 

'i 

MS=  2.0(19,500)  |  2.0(8300)  1 

120,000  24,200 


=  0.0 

Lower  Ring  Plate  of  Figure  232 

The  normal  shear  load  distribution  is 

q  =6  <Vn)s  _  6  (8220) 

n  2  ira  2tt(14.  5) 

=  541  lb/in 


The  in -plane  shear  load  distribution  is 
T  _  2,258,000 
2irr2 


%  = 


359,400  ..  .. 
-~2 -  lb/in 


The  maximum  stress  condition  in  the  lower  circular  plate  structure 
occurs  at  the  built-in  inner  boundary.  The  equation  for  the  bending 
stress  is  given  on  page  113,  case  6,  Reference  56. 


For 


1.6,  = 


0.24P 

“hZ“ 


P  =  2iraqn  =  2rr(14.5)(541) 
=  49, 300  lb 
h  =  0.  o  in 


4  59 


4 


0. 24  (49, 300)  =  32,900  lb/in2 

b  (0.6)2 

The  in -plane  shear  stress  is 

r  -  qs@  r  =  9,3  in  359,400 
h  =  (0. 6X9. 3)2 

=  6900  lb/in2 
The  principal  stress  is 
4  p  =  34,  300  lb/in2 


_  130,000 
1. 5  (34,  300) 
=  +1.53 


-1 


A  high  margin  of  safety  is  tolerated  in  this  area  because  although  the 
entire  hub  moment  HM  is  assumed  to  be  reacted  by  the  stiffening  rings 
with  supporting  structure,  in  actuality  some  of  the  moment  would  be 
carried  by  the  built-in  lower  ring  plate. 

Hub  Cylinder  (See  Detail  A  of  Figure  230) 

The  cylinder  structure  must  transmit  the  total  rotor  head  lift  to  the 
main  rotor  shaft. 


DetcU  A  of  Figure  230  (Hub  Cylinder) 
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The  axial  cylinder  load  distribution  (p)  is 

6<vn)s  .  6(8220) 

P’  2ir  '  2  t(7. 6) 

=  103  lb/in 

The  end  moment  distribution  (Mq)  is 

Mq  =  1.5  p  =  155  in-lb/in 

The  stress  in  the  cylinder  is 
_  2yrp  6  Mq 
A  t? 

2  .r(7. 6K103)  6(155) 

=  5  75  +  (0. 12)2 

=  65, 400  psi 

J30, 000 

1.5  (65,400) 

=  +0.32 

Hub  Plate  of  Figure  230 

The  hub  plate  must  react  the  compi  essive  loading  due  to  the  hub 
moment.  The  radial  compressive  lccd  distribution  on  the  plate  is 

n  -  l^h  .  2(1,252,000)  (117) 

irry  v (8.0)  (16.0) 

=  6230  lb/in 


The  stress  in  the  plate  at  r  =  8. 0  inches  is 
=  jc  +  6Mq  _  %  4.  6eqc 


6230  6  (0.  34)  (6230) 

0. 36 +  (0.  36)2 

=  115,  400  lb/in2 


MS 


120,000 

115,400 


=  +0. 04 


Cfr  s 


i 
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AIRCRAFT  AEROELASTIC  AND  FLUTTER  ANALYSES 
AND  DYNAMIC  STABILITY _ _ 


CONCLUSIONS 


The  aeroelastic  analysis  of  the  HLH  blade  indicates  that  the  present  design  * 
gives  reasonable  stress  levels  and  stable  responses  for  the  envelope  of 
flight  conditions  investigated.  The  HLH  rotor  blade,  with  its  coincidence 
of  the  blade  center  of  gravity  and  the  aerodynamic  center  of  pressure  at 
the  blade  quarter  chord,  in  conjunction  with  a  high  first  torsional  natural 
frequency,  precludes  the  possibility  of  classical  flutter  of  the  advancing 
blade,  even  at  velocities  well  in  excess  of  those  experienced  in  operation. 

A  substantial  margin  of  stability  exists,  indicating  freedom  from  stall 
flutter  in  all  operating  conditions.  This  inherent  stability  results  pri¬ 
marily  from  the  high  first  torsional  frequency  of  the  HLH  blade  and  the 
low  disk  loading  of  the  HLH  rotor  system.  The  stability  boundary  of 
torsional  divergence  over  the  range  of  operating  speeds  shows  that  the 
operating  conditions  for  the  HLH  blade  are  well  removed  from  the  un¬ 
stable  region,  thus  precluding  the  possibility  of  torsional  divergence  in¬ 
stability.  The  lag  clamper,  designed  to  operate  with  a  relief  valve  setting 
equivalent  to  59,  800  inch-pounds  of  moment,  will  provide  damping  rates 
far  in  excess  of  the  value  required  to  provide  freedom  from  pitch-lag 
instability  under  all  operating  conditions.  The  fuselage  landing  gear  con¬ 
figuration  and  geometry  (designed  with  S-64  experience)  and  the  reason¬ 
able  range  of  acceptable  stiffness  parameters  obtained  from  the  ground 
resonance  analysis  show  that  the  HLH  design  will  be  free  from  ground 
resonance  for  all  operating  conditions.  The  HLH  rotor  system  possesses 
excellent  inherent  stability  and  control  in  the  presence  of  a  turbulent, 
unsteady  flight  environment. 

The  study  of  HLH  stability  and  control,  with  an  appropriately  assumed 
fuselage,  demonstrated  the  feasibility  of  such  a  design  from  a  handling 
qualities  viewpoint.  Iteration  of  design  parameters  such  as  offset,  shaft 
incidence,  and  tail  incidence  results  in  acceptable  attitude  and  control 
positions  throughout  the  flight  regime.  Investigation  of  control  power 
and  damping  shows  that  the  resulting  design  follows  predicted  trends  for 
gross  weight  variation  and  compares  favorably  with  existing  criteria. 

The  only  areas  noted  which  may  require  further  investigation  are  the  ^ 

effects  on  the  pilot  response  of  vertical  fuselage  bounce  and  the  relative 
position  of  the  pilot  with  respect  to  the  roll  axis.  A  step-by-step  compar¬ 
ison  with  MIL-H-8501-A  shows  that  the  HLH  meets  or  exceeds  the  speci¬ 
fications  in  all  major  respects.  Consideration  of  size  everts  and  compar¬ 
ison  with  the  CH-54A  indicate  that  improvements  in  handling  qualities  can 
be  expected,  even  without  basic  configuration  changes,  and  that  improve- 
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ments  incorporated  in  the  HLH,  such  as  the  80-square-foot  horizontal 
stabilizer,  will  further  enhance  these  improvements.  The  use  of  root 
locus  techniques  provides  an  estimate  of  handling  qualities  improvement 
with  an  automatic  flight  control  system.  Finally,  a  comprenensive  side- 
by-side  comparison  of  all  major  aircraft  characteristics  with  the  opera¬ 
tional  CH-54A  shows  ample  verification  of  analytical  data  by  correlation 
with  empirical  data  indicating  a  firm  basis  for  the  conclusions  reached. 

HLH  BLADE  AEROELASTIC  ANALYSIS 

The  aeroelastic  response  of  the  HLH  blade  to  forward  flight  conditions 
was  based  on  the  fully  coupled  flatwise-edgewise-torsional  analysis  of 
helicopter  rotor  blades  developed  at  Sikorsky  Aircraft  (References  18 
and  59).  A  rapidly  convergent  iterative  procedure,  which  takes  into 
account  blade  stall,  is  used  to  put  the  rotor  in  trim.  Elemental  blade 
lifts  and  drags  are  computed  using  NACA  0012  wind  tunnel  airfoil  data, 
which  include  Mach  number  effects.  A  relaxation  method  is  used  to 
initiate  the  coupled  flatwise-edgewise-torsional  response.  Blade  motions 
are  coupled  to  the  aerodynamic  excitation.  Rotor  blade  dynamics  are 
determined  using  a  set  of  complex  equations  based  on  an  extension  of 
Myklestad's  analysis  for  rotating  beams  (Reference  37).  The  analysis 
takes  into  account  24  flatwise,  edgewise,  and  torsional  degrees  of  free¬ 
dom  with  coupling  due  to  blade  twist.  This  analysis  has  been  fully  pro¬ 
grammed  for  the  IBM  DCS- 7040/7090  computer. 

The  general  rotor  system  aeroelastic  problem  can  be  subdivided  into  three 
major  categories:  (1)  air  mass  dynamics,  (2)  calculation  of  aerodynamic 
loads,  and (3)  rotor  blade  dynamics.  The  rotor  disk  is  considered  to  be 
moving  at  the  proper  forward  tilt  to  provide  enough  propulsive  force  to 
overcome  the  net  drag  of  the  aircraft.  A  sufficient  lift  force  must  be 
produced  to  support  the  aircraft,  and  there  must  be  cyclic  pitch  to  keep 
the  rotor  in  equilibrium.  Certain  assumptions  are  made  to  initiate  the 
analysis,  such  as  an  approximate  coning  angle,  an  estimate  of  the  rotor 
drag,  and  an  estimate  of  the  radial  position  of  the  resultant  thrust  vector. 
These  approximations  do  not  affect  the  final  accuracy,  since  they  are 
corrected  by  an  iteration  technique. 

For  a  high-speed  flight  condition,  constant  inflow  through  the  rotor  disk 
is  taken.  The  blade  is  subdivided  into  24  mass  elements.  For  each 
azimuth  interval  of  10  degrees,  the  blade  is  considered  set  at  two  blade 
angles  which  bracket  the  expected  blade  pitch  angles.  Blade-element 
aerodynamic  lifts  and  drags  are  then  computed  from  which  the  moment 
of  the  thrust  vector  about  the  flapping  hinge  is  calculated  as  a  function 
of  blade  angle  and  azimuth  position.  Stall  and  reverse  flow  effects  are 
taken  into  account  by  using  two-dimensional  airfoil  data.  The  cyclic 
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pitch  necessary  to  maintain  the  rotor  system  in  equilibrium  is  then  cal¬ 
culated  by  an  iteration  to  enforce  the  condition  that  the  first  harmonic 
thrust  moment  about  the  flapping  hinge  is  zero.  Final  determination  of 
cyclic  pitch  yields  angle-of-attack  distribution,  rotor  drag,  location  of 
the  resultant  thrust  vector,  thrust  moments,  and  resolved  thrusts  and 
drags  on  the  24  blade  elements  for  each  azimuth  interval.  A  harmonic 
analysis  is  performed  on  this  loading,  and  the  steady  plus  the  first  11 
harmonics  of  blade  loading,  thrust  and  drag  are  obtained  in  complex 
form. 

Harmonics  of  the  airload  distribution  are  now  introduced  into  the  blade 
dynamic  analysis.  These  harmonics  give  rise  to  the  vibratory  responses 
of  the  blade.  Analysis  for  the  flexible  blade  dynamics  is  an  extension  of 
Myklestad’s  analysis  for  rotating  beams  and  provides  24  flatwise,  edge¬ 
wise,  and  torsional  degrees  of  freedom  with  coupling  due  to  twist. 

Equations  are  in  a  complex  form  to  allow  for  aerodynamic  damping  and 
phasing  of  aerodynamic  loads.  Boundary  conditions  at  the  tip  of  the  blade 
require  that  the  shear  and  bending  moments  be  zero.  At  the  root  of  the 
blade,  the  boundary  conditions  require  that  the  moment  about  the  flapping 
hinge  be  zero,  that  the  moment  about  the  drag  hinge  be  equal  to  the  damper 
coefficient  times  the  angular  velocity,  and  that  the  angular  twist  at  the 
root  equal  the  product  of  the  blade  torsional  moment  and  the  control 
system  flexibility.  Total  forced  response  of  the  blade  is  determined  by 
superposition  of  separate  harmonics  of  the  blade  dynamic  response. 

This  yields  the  azimuthal  distribution  of  moments,  torques,  deflections, 
twist,  and  stresses  at  each  of  the  24  blade  stations  for  the  10-degrec 
azimuth  intervals. 

The  natural  frequency  diagrams  for  the  HLH  blade  are  given  in  Figures 
235  and  236.  It  can  be  seen  that  the  first  three  flatwise  and  edgewise 
natural  frequencies  are  well  removed  from  the  primary  exciting  fre¬ 
quencies  of  the  rotor  system.  This  placement  of  natural  frequencies  in 
the  blade  design  is  primarily  responsible  for  the  nonresonant  character¬ 
istics  of  the  HLH  rotor  system.  The  first  five  flatwise  and  edgewise 
normalized  mode  shapes  are  given  in  Figures  237  and  238.  The  radial 
flatwise  moment  distribution  at  azimuth  locations  (0  degrees,  90  degrees, 
180  degrees,  270  degrees)  is  shown  for  the  three  standard  flight  condi¬ 
tions  in  Figures  239  through  241.  The  steady  and  vibratory  components 
of  the  flatwise  blade  stress  are  given  in  Figures  242  and  243.  Figure 
244  shows  the  flatwise  moment  variation  with  azimuth  at  the  45-percent 
radius  station.  Figures  245  through  248  show  plots  of  cyclic  pitch, 

Mach  number,ang\e  of  attack  and  flapping  angle  versus  azimuth  position. 
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Figure  236  Natural  Frequency,  Edgewise  Bending 
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Figure  238  Edgewise  Natural  Frequencies  and  Mode  Shapes 
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Figure  239  Flapwise  Moment,  Condition  3,  Dynamic  Analysis 
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Figure  240  Flapwise  Moment,  Condition  2,  Dynamic  Analysis 
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Figure  244  Flapwise  Moment,  Dynamic  Analysis 
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Figure  246  Mach  Number  Versus  Azimuth  Position,  Dynamic  Analysis 


Figure  247  Angle  of  Attack  Versus  Azimuth  Position,  Dynamic  Analysis 


The  aeroelastic  analysis  of  the  HLH  blade  indicates  that  the  present  design 
gives  reasonable  stress  levels  and  stable  responses  for  the  envelope  of 
flight  conditions  investigated. 

CLASSICAL  FLUTTER  ANALYSIS 


Classical  flutter  is  a  self-excited  oscillation  of  a  lifting  surface  initiated 
by  the  coupling  of  aerodynamic,  elastic,  and  inertia  properties  of  a  rotat¬ 
ing  blade  subjected  to  aerodynamic  inflow.  This  phenomenon  is  character¬ 
ized  by  an  available  energy  supply  and  a  zero  or  negatively  damped  elastic 
system  and  is  manifested  by  a  destabilizing  coupling  of  aeroelastic  modes 
which  are  normally  uncoupled.  Major  terms  which  provide  coupling  are 
structural  unbalance,  inertia,  and  effective  aerodynamic  stiffness.  Cou¬ 
pling  may  cause  the  uncoupled  torsion  and  bending  mode  frequencies  to  ap¬ 
proach  each  other.  This  proximity  allows  some  modes  to  transfer  energy 
into  other  modes,  thus  creating  an  unstable  condition. 

The  flutter  stability  analysis  of  the  HLH  rotor  blade  was  based  on  the 
superposition  of  normal  blade  vibration  modes  in  Lagrange’s  equations  of 
motion.  The  degrees  of  freedom  considered  were:  (1)  rigid  body  blade 
flapping  (154  cycles  per  minute),  (2)  first  flatwise  bending  mode  (384 
cycles  per  minute),  and(3)  first  torsional  mode  (1210  cycles  per  minute). 
The  flight  conditions  studied  were  146-revolutions-per-minute  rotor  speed, 
sea  level  flight,  blade  located  instantaneously  at  90-degree  azimuth  angle, 
and  forward  velocities  of  0,  100,  200,  and  300  knots. 

The  generalized  aerodynamic  forces  and  moments  are  derived  from  thin 
airfoil,  nonstationary,  incompressible  flow  theory  and  are  defined  using 
Theodorsen's  lift  deficiency  functions  (Reference  54).  Mach  number 
effects  are  not  considered,  since  compressibility  tends  to  increase  the 
flutter  stability  boundaries  in  the  supersonic  region  where  the  center  of 
pressure  moves  aft  of  the  shear  center.  All  damping  present  is  assumed 
to  be  primarily  aerodynamic  in  nature,  but  provision  is  made  in  the  analy¬ 
sis  for  some  small  amount  of  mechanical  and  structural  damping.  The 
effect  of  preceding  blade  wakes  is  neglected  in  the  main  flutter  analysis. 
However,  for  the  hovering  case,  the  influence  of  blade  wake  on  aero¬ 
dynamic  flutter  stability  is  analyzed  using  Loewy's  (Reference  32)  aero¬ 
dynamic  coefficients. 

The  analytic  procedure  used  in  the  HLH  classical  flutter  analysis  is  as 
follows.  From  an  assumed  value  of  flutter  frequency,  a  velocity  distri¬ 
bution  consisting  of  forward  flight  and  rotational  speed  defines  the  span- 
wise  distribution  of  the  reduced  frequency  parameter.  Generalized  aero¬ 
dynamic,  inertia,  dissipation,  and  elastic  matrices  are  calculated  and 
coupled  with  the  dynamic  system.  An  exponential  solution  is  chosen  to 


represent  the  oscillatory  generalized  airfoil  motions,  and  a  resulting 
characteristic  flutter  polynomial  with  real  coefficients  is  obtained  from 
which  three  complex  conjugate  roots  are  determined.  These  roots  cor¬ 
respond  to  the  flutter  frequencies  and  damping  associated  with  three 
degrees  of  freedom. 

Freedom  from  classical  flutter  was  established  by  the  presence  of  posi¬ 
tive  aerodynamic  damping  for  all  modes  at  all  velocities  as  shown  in  ^ 

Figure  249.  Reduction  of  the  torsional  natural  frequency  to  a  minimum 
value  by  changing  the  root  spring  constant  showed  some  small  decrease 
in  the  stability  margin.  The  use  of  Loewy's  aerodynamic  coefficients, 
based  on  induced  velocities  from  previous  wakes,  indicated  an  increase  * 

in  stability  for  the  least  stable  root. 

The  HLH  rotor  blade  with  its  coincidence  of  the  blade  center  of  gravity 
and  the  aerodynamic  center  of  pressure  at  the  blade  quarter  chord,  in 
conjunction  with  a  high  first  torsional  natural  frequency,  precludes  the 
possibility  of  classical  flutter  of  the  advancing  blade,  even  at  velocities 
well  in  excess  of  those  experienced  in  operation. 

STALL  FLUTTER  ANALYSIS 

Stall  flutter  is  a  self-excited  oscillation  which  occurs  on  a  lifting  surface 
operating  in  a  region  of  stalled  flow.  This  instability  depends  on  the 
appreciable  reduction  of  blade  aerodynamic  torsional  damping  due  to 
blade  stalling.  This  loss  of  damping  leads  to  transient  pitch  oscillations 
produced  by  the  stall  generated  aerodynamic  pitching  moments.  Although 
transient  oscillations  can  become  appreciable,  they  are  not  likely  to  lead 
to  destructive  instability,  since  these  self-excited  oscillations  do  not 
build  up  with  time  but  periodically  appear  and  disappear  once  per  revolu¬ 
tion.  This  can  be  attributed  to  the  inherent  aerodynamic  damping  in  a 
helicopter  rotor  blade  and  the  fact  that  it  is  not  a  fixed  incidence  device. 

The  HLH  rotor  blade  was  analyzed  for  stall  flutter  instability  under  the 
following  operating  conditions:  (1)  78, 750  pounds  gross  weight,  95  knots; 

(2)  65, 800  pounds  gross  weight,  110  knots; (3)  32, 800  pounds  gross  weight, 

130  knots.  Mach  numbers  and  blade  angles  of  attack  were  determined  * 

for  the  above  flight  conditions  from  an  aeroelastic  analysis  of  the  HLH 
rotor  system. 

r 

The  flutter  parameter  was  obtained  from  the  blade  Mach  numbers  at  the 
80-percent- radius  station  by  the  expression 

#*<*•>  -  [A0/bs  "«]  MN  (  •{■ )  (118) 
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Figure  249  Classical  Flutter,  Dynamic  Analysis 


where 


A0  =  velocity  of  sound 
bs  =  blade  semi- chord 

=  first  blade  torsional  natural  frequency 
MN  =  Mach  number 

Figure  250  shows  the  stall  flutter  stability  boundary  and  the  region  of 
HLH  rotor  operation  as  a  function  of  blade  pitch  angle  and  flutter  param¬ 
eter.  The  stall  flutter  boundary  was  obtained  from  the  experimental 
work  of  Norman  D.  Ham  (Reference  20)  on  the  stall  flutter  characteristics 
of  model  helicopter  rotors  and  the  study  of  the  effect  of  mean  incidence 
on  flutter  by  A.  Regier  and  G.  Rainey  (Reference  43).  It  can  be  observed 
that  a  substantial  margin  of  stability  exists,  indicating  freedom  from 
stall  flutter  in  all  operating  conditions.  This  inherent  stability  results 
primarily  from  the  high  first  torsional  frequency  of  the  HLH  blade  and 
the  low  disk  loading  of  the  HLH  rotor  system. 

TORSIONAL  DIVERGENCE 


Torsional  divergence  represents  the  state  where  the  work  done  by  the 
external  aerodynamic  forces  in  twisting  the  blade  exceeds  the  associated 
change  in  elastic  strain  energy.  This  divergence  is  a  result  of  the  re¬ 
verse  flow  over  the  retreating  blades.  The  lift  forces  generated  act  at 
what  is  normally  three-quarter  chord,  and  the  action  of  the  lift  force 
is  destabilizing.  The  borderline  case  of  neutral  stability  is  defined  by 
the  requirement  that  the  external  work  be  equal  to  the  change  in  strain 
energy  during  an  arbitrary  displacement. 

Neglecting  compressibility  and  local  chordwise  effects,  an  analysis  for 
the  torsional  divergence  characteristics  of  the  HLH  rotor  blade  was  per¬ 
formed  (Reference  5).  The  torsional  divergence  limit,  u  =V/(1  R, 
may  be  found  by  using  the  following  divergence  criterion 


2GJ0  _ 


ii  — 
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n  =  1 
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Figure  250  Stall  Flutter,  Dynamic  Analysis 


where 


P  =  mass  density  of  air 

Co  =  reference  value  of  blade  chord 

e0  =  reference  elastic  axis  offset 

GJo  =  reference  value  of  torsional  stiffness 

rg  =  first  torsional  mode  shape 

It  was  found  that  for  forward  velocities  in  excess  of  500  knots,  excessive 
torsional  response  of  the  blade  was  induced  in  the  stall  region.  The  sta¬ 
bility  boundary  in  Figure  251  shows  that  the  operating  conditions  for  the 
HLH  blade  are  well  removed  from  the  unstable  region,  thus  precluding 
the  possibility  of  torsional  divergence  instability.  The  above  results 
were  obtained  using  the  Torsional  Divergence  computer  program  developed 
at  United  Aircraft  Research  Laboratories. 

PITCH-LAG  INSTABILITY 


The  principal  cause  of  this  instability  is  negative  pitch-lag  coupling.  The 
HLH  blade  was  analyzed  for  the  possibility  of  pitch-lag  instability,  and 
the  values  of  damping  required  to  stabilize  the  system  were  calculated. 
Based  on  the  Pei  Chi  Chou  stability  criteria  (Reference  10),  the  required 
damping  is  a  function  of  the  collective  pitch  angle,  the  steady  coning  angle, 
and  the  pitch-lag  and  pitch-flap  coupling  characteristics.  The  expression 
for  the  damping  required  for  stability  is  given  by 


where 

9  0  =  steady- state  pitch  angle 
P0  =  steady- state  coning  angle 
K^g  =  pitch-flap  coupling 
=  pitch-lag  coupling 

IM  =  mass  moment  of  inertia  about  vertical  hinge 
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For  positive  pitch-lag  coupling,  the  above  relation  shows  that  the  system 
is  stable  even  for  zero  lag  damping.  For  negative  pitch-lag  coupling,  the 
positive  lag  damping  required  can  be  obtained  from  the  above  inequality. 

Figure  252  shows  the  pitch-lag  coupling  characteristics  of  the  HLH  blade. 

It  can  be  seen  that  positive  pitch-lag  coupling  exists  for  values  of  lag 
angle  up  to  10  degrees.  In  this  range  no  lag  damping  is  required  for  sta¬ 
bility.  For  lag  angles  greater  than  10  degrees  a  small  amount  of  negative  1 
pitch-lag  coupling  is  present.  The  critical  lag  damping  values  associated 
with  this  condition  for  three  flight  conditions  are  given  in  Figure  253. 

This  indicates  that  the  ’ag  damper,  designed  to  provide  a  damping  rate  of 
102,000  ft-lb-sec,  will  provide  hydraulic  damping  far  in  excess  of  the  » 

value  required  to  provide  freedom  from  pitch-lag  instability  under  all 
operating  conditions. 

GROUND  RESONANCE 

Ground  resonance  is  an  instability  produced  by  a  coupling  between  the 
pendular  oscillations  of  tne  main  rotor  blades  about  their  lag  hinges 
and  the  rigid  body  oscillations  of  the  fuselage  resting  on  its  landing 
gear.  Coleman  (Reference  11)  established  methods  for  determining  the 
range  of  rotor  speeds  during  which  ground  resonance  would  occur  assum¬ 
ing  no  damping  in  the  system.  Deutsch  (Reference  14)  derived  an  expres¬ 
sion  for  the  product  of  blade  and  fuselage  damping  to  eliminate  the  unstable 
band. 

Basically,  ground  resonance  occurs  when  there  is  a  coincidence  or  near 
coincidence  of  a  rigid  body  airframe  mode  with  the  frequency  difference 
between  rotor  speed  and  the  blade  edgewise  pendular  mode.  Thus, 
adequate  separation  of  the  airframe  modes  from  this  exciting  frequency 
will  provide  freedom  from  ground  resonance. 

For  the  HLH  rotor  system,  the  normal  operating  speed  is  at  146  revolu¬ 
tions  per  minute,  with  the  first  edgewise  pendular  frequency  at  49  cycles 
per  minute.  This  results  in  a  ground  resonance  exciting  frequency  of 
97  cycles  per  minute,  which  must  be  avoided  by  airframe  modes.  To 
determine  the  ground  resonance  requirements  for  the  HLH  design,  a  , 

preliminary  investigation  of  the  effects  of  landing  gear  stiffness  on  air¬ 
frame  modes  for  the  proposed  HLH  airframe  geometry  was  made.  Pre¬ 
dicted  weight,  mass  moment  of  inertia,  and  dimensions  for  this  config¬ 
uration  were  used.  Landing  gear  stiffness  values  were  evolved  from 
the  CH-54A  Skycrane  design. 

The  coupled  roll  and  lateral  rigid  body  natural  frequencies  of  the  HLH 
fuselage  are  given  by  the  following  frequency  equation! 
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Lag  Angle  (deg  ) 


Figure  252  HLH  Pitch  Coupling,  Blade  Angle  Versus  Lag  Angle 
for  Various  Cone  Angles 


(121) 


where 

Kfo  =  total  lateral  spring  rate 

Kg  =  total  roll  spring  rate 

M  =  mass  of  aircraft 

Ir  =  roll  mass  moment  of  inertia 

a  =  vertical  height  of  the  center  of  gravity 

A  similar  expression  is  applicable  for  determining  the  coupled  pitch  and 
fore-aft  rigid  body  natural  frequencies. 

Figure  254  summarizes  the  effects  of  landing  gear  spring  rate  variations 
on  the  rigid  body  fuselage  modes.  It  can  be  seen  that  using  stiffness 
values  of  about  2.2  to  2.8  times  the  stiffness  values  for  the  CH-54A  will 
give  an  adequate  margin  of  stability  from  ground  resonance. 

The  fuselage  landing  gear  configuration  and  geometry  for  the  HLH  should 
pose  no  design  difficulty  based  on  the  experience  gained  with  the  CH-54A 
Skycrane@.The  range  of  acceptable  stiffness  parameters  obtained  from 
the  ground  resonance  analysis  is  reasonable  with  respect  to  current 
design  practices.  Therefore,  based  on  these  results,  the  present  HLH 
design  will  be  free  from  ground  resonance  for  all  operating  conditions. 

HLH  GUST  RESPONSE 

An  ansi  ys is  was  conducted  to  evaluate  the  response  character  of  the  HLH 
rotor  system  subjected  to  a  30-foot-per- second  gust  during  the  forward 
flight  of  95  knots. 

The  gust  response  analysis  was  conducted  by  utilizing  a  United  Aircraft 
digital  computer  analysis  which  calculates  rotor  excitation  and  response 
at  small  azimuthal  intervals  as  the  blade  rotates.  Briefly,  the  method 
used  to  define  the  response  of  the  system  due  to  gusts  consists  of  speci¬ 
fying  a  change  in  the  rotor  inflow  over  the  entire  disk  from  the  steady - 
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Figure  254  HLH  Ground  Resonance 
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state  forward  flight  condition.  The  transient  rotor  response  character¬ 
istics  are  then  defined  for  a  number  of  cycles  following  the  gust  applica¬ 
tion  during  which  the  rotor  returns  to  a  steady -state  condition. 

Figure  255  gives  the  first  and  second  harmonic  changes  in  the  blade  flap¬ 
ping  angle  as  a  result  of  applying  a  30-foot-per-second  gust  loading  for 
one  rotor  revolution.  The  rapid  decrease  in  the  flapping  angle  within  a 
few  cycles  demonstrates  the  basic  stability  of  the  HLH  rotor  system.  Af¬ 
ter  ten  rotor  cycles  or  four  seconds  from  the  initial  disturbance,  rotor 
blade  motions  have  returned  to  their  previous  steady -state  values. 

Figure  256  shows  the  transient  stress  magnification  resulting  from  the 
gust  loading.  Sixty -percent  stress  magnification  is  present  over  a  small 
number  of  rotor  revolutions,  but  these  stresses  diminish  rapidly  due  to 
the  damping  inherent  in  the  system  and  the  pilot's  response  to  readjust¬ 
ment  of  controlled  collective  and  cyclic  pitch.  These  transient  stress 
levels  are  well  within  the  elastic  limit  erf  the  structural  material  of  the 
blade,  and  a  pure  elastic  deformation  erf  the  rotor  due  to  the  influence  of 
a  gust  leading  results. 

These  results  indicate  that  the  HLH  rotor  system  possesses  excellent 
inherent  stability  and  control  in  the  presence  erf  a  turbulent,  unsteady 
flight  environment. 
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Figure  255  Gust  Response  Analysis  -  Flapping  Angle 
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Figure  1:56  Gust  Response  Analysis  -  Transient  Stress  Magnification 


AIRCRAFT  AERODYNAMIC  STABILITY  AND  CONTROL 


For  this  analysis,  the  geometric  solution  for  the  HLH  rotor  system 
underwent  further  aerodynamic  analysis  in  conjunction  with  an  assumed 
fuselage.  Fuselage  properties  were  estimated  from  the  general 
arrangement  layout  and  from  similarity  to  existing  models.  The  major 
properties  are  listed  in  Table  LXI  with  those  of  the  CH-54A  to  show  a 
comparison  of  the  two  machines  and  to  provide  a  basis  for  comparative 
analysis  of  certain  flying  qualities. 

TABLE  LXI 


COMPARISON  OF  HLH  AND  CH-54A  MAJOR  PROPERTIES 


Main  Rotor 

HLH 

CH-54A 

Blade  Radius,  ft 

45.8 

36.0 

Number  of  Blades 

6 

6 

Blade  Chord,  ft 

2.58 

1.97 

Solidity  Ratio 

.1076 

.1046 

Normal  Tip  Speed,  ft/sec 

700.0 

696.0 

Twist,  Linear,  deg 

-8.0 

-8.0 

Airfoil  Section 

0012. 

0012. 

Offset,  ft 

3.0 

2.0 

Shaft  Incidence  in  X-Z  Plane,  deg 

2.0 

3.0 

Shaft  Incidence  in  Y-Z  Plane,  deg 

-3.0 

-3.0 

Blade  Inertia  About  Flapping  Hinge, 

10, 765. 

3546. 

slug-ft^ 

Blade  Mass  Moment,  dug -ft 

409. 

160.6 

Location 

FS  550,  WL  300 

FS  336,  WL  257.5 

Tail  Rotor 

Blade  Radius ,  ft 

11.4 

7.5 

Number  of  Blades 

5 

4 

Blade  Chord,  ft 

1.125 

1.125 

Solidity  Ratio 

.1571 

.1910 

Normal  Tip  Speed ,  ft/sec 

7oao 

656.0 

Twist,  Linear,  deg 

-&0 

-10.0 

Airfoil  Section 

0012 

0012 

Delta  Three  Hinge  Angle,  deg 

45 

45 

Location 

FS  1246,  WL  300 

FS  864,  WL  249 
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TABLE  I XI  (cont'd) 

COMPARISON  OF  HLH  AND  CH-54A  MAJOR  PROPERTIES 


Aerodynamic  Surfaces 

HLH 

CH-54A 

2 

Horizontal  Tail  Area,  ft 

80 

26 

Aero  Center 

FS  1246,  WL  300  FS  843,  WL  262 

Incidence,  deg 

5 

0 

Vertical  Tail  Area,  ft^ 

84 

29 

Aero  Center 

FS  1186,  WL  240  FS  814,  WL  208 

Incidence,  deg 

0 

0 

Weights  and  Inertias,  HLH 

GW  Ix_ 

i.  ll 

FSCG 

WLCG 

36000  34,400 

140,000  117,500  526-574 

233 

65800  121,000 

494,000  415,000  526-574 

178 

78750  155, 900 

635,000  533,000  526-574 

154 

Weights  and  Inertias,  CH-54A 

GW 

h-  h. 

FSCG 

WLCG 

38000  36, 800 

194,000  181,700  328-346 

161 

Control  Kinematics,  HLH 

Item 

Stick  Travel 

Pitch  Range 

Linkage 

inches 

@ .75R  deg 

deg/in 

Longitudinal  Cyclic 

13 

-12  to  +14 

2.0 

Lateral  Cyclic 

13 

-  9  to  +  7 

1.23 

Collective 

11 

-  2  to +14 

1.454 

Tail  Rotor  Pitch  (Pedals) 

5 

-  5  to  +25 

6.0 

Control  Kinematics,  CH-54A 

Item 

Stick  Travel 

Pitch  Range 

Linkage 

inches 

@  .75R  deg 

deg/in 

Longitudinal 

12.6 

-12  to +14 

2.06 

Lateral  Cyclic 

13.0 

±7.8 

1.20 

Collective 

10.42 

1.25  to  15.75 

1.39 

Tail  Rotor  Pitch  (Pedals) 

4.91 

-6  to  +20 

5.29 
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DESIGN  TECHNIQUES  AND  PHILOSOPHY 


Wind  tunnel  data  for  the  similarly  configured  CH-54A  were  used  exten¬ 
sively  in  the  estimation  of  HLH  fuselage  aerodynamics.  Comparison  of 
projected  areas  was  used  to  yield  both  lift  and  side  force  curves.  Drag 
curves  were  used  directly  with  appropriate  variation  of  the  minimum 
drag  point  inserted  in  the  trim  program.  The  development  of  minimum 
drag  is  discussed  in  Reference  41,  where  it  is  shown  that  very  little 
difference  in  absolute  magnitude  of  the  minimum  drag  point  exists.  Also, 
lift  variation  with  angle  of  attack  is  small.  Modification  of  pitching 
moment  curves  to  reflect  the  relative  increase  in  tail  area  was  made 
linearly.  The  vertical  tail  also  shows  a  relative  increase  in  area.  The 
ratio  of  vertical  tail  area  to  total  projected  side  area  for  the  CH-54A  is 
.0874,  while  that  for  the  HLH  is  .1014.  Because  of  this,  the  yawing 
moment  was  estimated  as  improved  to  the  point  that  the  slope  was  made 
zero.  This  leaves  variation  of  yawing  moment  with  sideslip  a  pure 
function  of  tail  rotor  aerodynamics  -  a  reasonable  assumption  at  this 
stage  of  design.  Figures  257  through.  261  show  the  CH-54A  data,  and 
Figures  262  through  264  show  the  predicted  data  for  the  HLH.  Because 
the  digital  computer  trim  program  interpolates  linearly  between  actual 
test  data  points,  the  CH-54A  curves  are  shown  as  a  number  of  straight 
line  segments,  exactly  as  the  computer  would  use  the  data.  One  of  the 
basic  requirements  in  the  selection  of  parameters  for  a  crane-type  hel¬ 
icopter  is  the  ability  to  spend  considerable  time  in  hover.  The  HLH  has 
been  configured  to  carry  pod -type  loads  as  well  as  single -point  winch 
loads.  The  fixed  pod  loads  allow  large  variation  in  CG  location,  both 
laterally  and  longitudinally.  Therefore,  special  consideration  of  CG 
variation  was  used  in  defining  certain  parameters. 

In  hover,  nose-up  attitude  (8f)  of  6.0  degrees  is  considered  as  a  design 
boundary,  based  on  a  collection  of  pilot  comments  through  the  years. 

Roll  attitude ($) near  zero  is  also  desirable  for  a  centrally  slung  load. 
Variation  of  flapping  hinge  offset  (e)  significantly  affects  the  aircraft 
attitude  for  a  given  CG.  In  forward  flight,  variation  of  shaft  incidence 
(ig)  and/or  tail  incidence  (it)  can  be  used  to  keep  flapping  (ajs)  equally 
distributed  for  fore  and  aft  CG  locations.  It  would  then  appear  that 
there  are  tour  design  parameters,  e,  is,  it,  and  lateral  shaft  tilt  (ijJ, 
which  can  be  varied  to  satisfy  three  design  requirements, 

4>f  (hov)’  als(fwd  However,  the  fourth  design  requirement  is 
moderate  tail  lift.  An  effort  must  be  made  to  keep  CLt  well  below  stall 
and  preferably  distributed  plus  and  minus  with  CG  variation.  Figures 
265  and  266  represent  a  composite  of  the  major  variables  for  the  longi¬ 
tudinal  solution.  Since  longitudinal  CG  variation  is  more  common,  this 
was  used  first  to  settle  on  e,  is,  and  it. 
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Data  Expanded  to  Pull  Scale  from  Wind  Tunnel  Testa 
UAC  24x6  Subsonic  Wind  Tunnel 

1/20  Scale  Model  .  I - 

Tested  at  q  -  25.6  lb/ft  2  . 


Angle  of  Attack,  af  (deg  ) 


Figure  257  Lift/q  Versus  Angle  of  Attack,  CH-54A 


Figure  258  Drag/q  Versus  Angle  of  Attack,  CH-54A 
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Pitch  Moraent/q  x  10"3  (ft  3) 
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Data  Expanded  to  Full  Scale  from  Wind  Tunnel  Tests 
UAC  1x6  Subsonic  Wind  Tunnel 
1/20  Scale  Model 
Tested  at  q  ■  25.6  lb/ft  2 
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Angie  of  Attack,  af  (deg  ) 

Figure  259  Pitch  Moment/q  Versus  Angle  of  Attack,  CH-54A 
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Side  Force/q  x  10“2  (ft  2) 
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Data  Expanded  to  Full  Scale  from  Wind  Tunnel  Tests 
UAC  1x6  Subsonic  Wind  Tunnel 
1/20  Scale  Vodel 
Te'  ted  at  q  =  25.6  lb/ft  * 
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Figure  260  Side  Force/q  Versus  Yaw  Angle,  CH-54A 
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Data  Sxpanded  to  Full  Scale  from  Wind  Tunnel  Tests 
UAC  2i  x  6  Subsonic  Wind  Tunnel 
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Figure  261  Yaw  Moment/q  Versus  Yaw  Angle,  CH-54A 
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Figure  262  HLH  Lift/q  Versus  Angle  of  Attack 


t 


502 


Pitch  Manent/q  x  10-3  (ft  3) 


Figure  263  HLH  Pitch  Moment/q  Versus  Angle  of  Attack 
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Yaw  Angle,  fa  (deg  ) — *-Nose  Right 

Figure  264  HLH  Side  Force /q  Versus  Yaw  Angle 
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Figure  265  HLH  Comparison  oi  Pitch  Attitude  and  Cyclic  Required 
for  Various  Shaft  Tilts,  Offsets  and  CG  Locations 
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V  -  110  kn 
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Figure  266  HLH  Comparison  of  Longitudinal  Trim  Characteristics  for 
Various  Shaft  and  Tail  Incidences  Versus  CG  in  Level  Flight 
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An  equal  fore  and  aft  CG  displacement  was  assumed  and  pitch  attitude  was 
examined.  Using  the  hov^r  pitch  attitude  criterion,  increased  offset 
would  allow  increased  CG  variation  (see  Figure  265).  The  3-foot  offset 
was  chosen  to  provide  good  longitudinal  CG  travel  and  to  maintain  good 
rotor  characteristics,  in  terms  of  control  sensitivity  and  gust  response. 

In  forward  flight,  either  shaft  incidence  or  tail  incidence  reduces 
flapping,  but  note  that  a  change  of  2  degrees  in  shaft  incidence  is  almost 
equivalent  to  10  degrees  of  tail  incidence  variation  on  the  flapping  plot 
(Figure  266)  at  110  knots.  Increased  offset,  while  reducing  the  level  of 
flapping  in  forward  flight,  yields  equivalent  net  shaft  moments  for  a 
given  trim  and  CG  condition.  Calculations  showed  that  for  ig  =  0,  a  tail 
incidence  of  +  18  degrees  was  necessary  to  yield  equal  ±  flapping  distri¬ 
bution  with  equal  ±  CG  for  both  hover  and  110  knots.  This,  however, 
would  yield  poor  tail  lift  and  pitch  attitude  in  forward  flight.  A  shaft 
incidence  of  +2°  and  tail  incidence  of  +5°  wer?  finally  chosen. 

Next,  variation  of  lateral  CG  was  carried  out  to  select  i^.  Figure  267 
shows  lateral  cyclic  and  roL1  angle  vs  lateral  CG  in  hover  at  GW  =  65800 
pounds  with  a  fixed  load.  Lateral  shaft  tilt  of  -3  degrees  yielded  the 
desired  roll  attitude.  Figure  268  shows  the  effect  of  gross  weight  on 
these  parameters,  while  Figure  269  is  a  similar  plot  for  the  CH-54A. 
Figures  276  through  278  show  the  trim  values  in  forward  flight,  where 
additional  benefits  of  lateral  shaft  tilt  appear  in  terms  of  minimum  slip- 
roll  combinations  about  the  origin. 

Trim  solutions  for  level  flight,  climb  at  1500  ft/min  and  autorotation  at 
constant  tip  speed  of  700  ft/sec  were  calculated  by  using  a  comprehensive 
digital  computer  program  on  the  IBM  7094  at  the  United  Aircraft  Re¬ 
search  Laboratory,  East  Hartford,  Connecticut.  This  program  uses  the 
Bailey  "t"  coefficient  technique  of  Reference  6  in  conjunction  with  wind 
tunnel  data  for  a  given  configuration.  The  results  of  the  trim  calcu¬ 
lations  at  the  three  "design"  weights  for  fore  and  aft  CG's  are  presented 
in  Figures  270  through  278.  Similar  plots  for  the  CH54A  were  gener¬ 
ated  at  one  gross  weight  with  fore  and  aft  CG  for  comparison  (Figures 
279  through  281.)  Cross  plots  of  cyclic,  attitude,  and  rate  of  climb 
versus  collective  pitch  were  then  made  for  the  HLH,  and  the  static 
stability  plots  (Figures  282  and  283)were  taken  at  constant  lines  of 
collective. 

The  computer  program  cited  above  contains  a  derivative  routine,  useful 
for  dynamic  stability  computations  as  well  as  the  major  trim  iteration. 
Once  the  final  configuration  was  chosen,  this  routine  was  used  to  gener¬ 
ate  a  complete  set  of  derivatives  for-  the  HLH.  Reference 29describes 
the  equations  for  these  derivatives.  Next,  solution  of  simultaneous 
linear  differential  equations,  in  groups  of  three,  was  performed  and  the 
roots  of  the  characteristic  equations  were  determined.  The  longitudi¬ 
nal  solutions  used  the  x ,  z,4>§  degrees  of  freedom,  while  the  lateral- 
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HLH  Comparison  of  Roll  Attitude  and  Cyclic  Required 
for  Various  Lateral  Shaft  Tilts  and  C  G  Locations 
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Figure  274  HLH  Longitudinal  Trim  Characteristics 
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Figure  282  HLH  Longitudinal  Static  Stability 


Figure  283  HLH  Longitudinal  Static  Stability 
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directional  used  y,  4>,  t .  Addition  of  the  CH-54A  Automatic  Flight  Control 
System  (AFCS)  (see  Figure  284)  with  gains  modified  by  factors  0.5,  1.0, 
and  2. 0  was  investigated  to  give  an  indication  of  the  pilot  unburdening  to 
be  expected  of  a  typical  AFCS.  Figures  285  through  287  are  root  locus 
plots  (see  Reference  16)  which  show  these  effects  for  the  longitudinal 
cases.  Note  that  the  use  of  rate  plus  proportional  feedback  AFCS  yields 
i  a  desirable  solution  within  the  range  of  gains  considered  for  every  case. 

However,  an  alternate  stabilization  system  is  the  type  used  in  the  Marine 
CH-53A.  Since  this  system  embodies  many  improvements  over  the  CH- 
54A  system,  it  has  been  selected  as  the  basis  for  the  HLH  AFCS  design. 
Since  the  lateral  solution  is  stable  without  AFCS  in  all  but  the  hover  case, 
only  a  plot  of  basic  roots  for  various  velocities  is  shown  in  Figure  288. 
Similar  plots  for  the  CH-54A  are  shown  in  Figures  289  through  291.  The 
final  step  in  the  dynamic  analysis  used  selected  transfer  functions  from 
the  root  locus  study  with  factors  of  1.0  for  the  CH-54A  type  AFCS  in 
development  of  time  histories.  Figures  292  through  297  show  pitch  rate 
and  load  factor  versus  time  for  given  inputs.  The  responses  displayed 
are  typical  for  either  pilot  inputs  or  gust  inputs  at  the  speeds  cited. 

Figures  298  and  299  show  roll  angle  for  given  inputs  and  may  be  in¬ 
terpreted  similaily.  A  review  of  the  trim  plots,  plus  attention  to 
particular  points  not  shown  such  as  collective  to  hover  at  6000  feet, 

95°  F,  led  to  selection  of  control  sensitivities  and  ranges  similar  to  the 
CH-54A.  Note,  however,  that  the  collective  range  was  opened  up 
somewhat.  Experience  with  previous  Sikorsky  designs  indicates  that 
the  high-speed,  low -gross -weight  autorotation  case  at  constant  tip  speed 
is  ignored  in  practice,  and  so  a  trade-off  of  revolutions  per  minute  is 
made  to  keep  control  sensitivity  within  bounds.  The  predicted  high 
collective  pitch  for  hot  day  hover  is  12.7  degrees  at  .75R,  and  an 
additional  10  percent  was  allowed  at  this  point. 

Reference  to  the  plot  of  lateral  cyclic  versus  CG,  Figures  268  and  269, 
shows  that  offsetting  the  range  1  degree  yields  significant  gain  in  right  CG 
travel  for  both  HLH  and  CH-54A.  Figure  300  shows  the  effect  of  CG  on 
longitudinal  cyclic,  and  again  offsetting  the  range  is  desirable.  A  margin 
of  20  percent  on  forward  cyclic  based  on  required  velocities  yielded  14 
degrees  forward  cyclic.  Note  that  10  percent  was  allowed  to  satisfy 
Reference  4  and  10  percent  was  allowed  for  recovery  from  a  positive 
.  pitch  rate  at  high  forward  velocity.  Experience  shows  that  the  combi¬ 

nation  of  allowances  is  desirable  here. 

The  growth  of  fixed-wing  aircraft  would  indicate  that  the  dimensions  of 
the  KLH  do  not  present  any  size-effect  problems.  Predictions  for 
structural  deflections  of  the  HLH  rotor  support  this  theory.  Even  the 
problems  associated  with  the  man-machine  size  ratio  seem  to  be 
mastered  for  aircraft  in  forward  flight.  The  area  of  particular  interest, 
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Figure  284  CH-54A  AFCS  Transfer  Functions 
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Figure  286 

Longitudinal  Characteristics,  HLH  Root  Locus  Survey,  60  Knots 
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Figure  288  Lateral-Directional  Characteristics,  HLH  Root  Locus  Survey 


Figure  289  Longitudinal  Characteristics,  CH-54A  Root  Locus..  AFCS  Off 
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Figure  290  Longitudinal  Characteristics,  CH-54A  Root  Locus,  AFCS  on 
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Figure  294  HLH  Longitudinal  Time  History  for  Pull  and  Return  at  60  Knots 


Longitudinal  Time  History  for  Pull  and  Return  at  110  Knots 
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Figure  299  HLH  Lateral  Time  History  for  Pull  and  Hold  at  110  Knots 


then,  must  be  the  effect  of  size  in  hovering. 

A  recent  study  for  the  U.  S.  Army  (Reference  27)  indicates  that  even 
this  area  will  not  present  a  problem.  In  fact,  that  report  concludes  that, 
assuming  the  growth  factors  described  therein  are  followed,  "The  maxi-  n 
mum  angular  error  due  to  a  disturbance  decreases  with  (increasing)  size. 
Slopes  were  calculated  from  Reference  27  and  drawn  through  the  calculated 
CH-54A  points.  Figures  301  and  302  show  the  "trend"  lines  erf  that  report. 
Note  that  the  actual  HLH  pitch  and  yaw  damping  are  slightly  better  than 
trend  lines,  while  the  roll  damping  is  right  on  the  trend  line. 

Since  the  trend  lines  have  been  followed  within  reason,  the  conclusions 
of  Reference  27  should  also  hold.  That  is,  increases  in  vehicle  inertia 
yield  increases  in  the  vehicle  characteristic  time,  and  this  increase 
allows  more  time  for  a  pilot  to  assess  and  correct  deviations  from  the 
desired  point.  Maintenance  of  constant  ratios  of  control  power  and 
damping  to  inertia  are  not  necessary.  In  practice.  Reference  27 
indicates  that  the  resulting  angular  displacement  is  the  significant 
factor,  being  the  quantity  which  the  pilot  must  control,  and  this  is 
essentially  constant  with  size. 

A  recent  paper  on  handling  qualities  of  flying  cranes  (Reference  9)  pointed 
out  that  the  translational  degrees  of  freedom  are  of  significant  interest  in 
crane  operation.  Most  hovering  tasks  for  a  crane  require  positioning  of 
a  load  on  a  spot  on  the  ground.  Ideally,  the  cranie  should  maneuver  in 
the  x  and  y  directions  without  attitude  changes.  It  is  shown  that  cyclic 
pitch  control  allows  this  type  of  maneuver;  and  in  the  limit,  a  zero 
offset  plus  location  of  the  CG  at  the  rotor  head  would  yield  no  attitude 
changes  during  hover  translational  maneuvers.  The  HLH  configuration, 
like  the  CH-54A,  uses  low  rotor  offset  and  high  hard  points  for  loads, 
thus  approaching  the  ideal  case  without  losing  the  desirable  attitude 
retention  that  offset  affords  with  CG  variation.  Figure  303  is  a  plot  of 
amplitude  ratio  versus  frequency  for  longitudinal  translation  of  the  HLH, 
using  the  method  of  Reference  9.  The  conclusions  reached  therein, 
which  point  out  the  desirability  of  cyclic  pitch  for  che  hovering  task,  are 
again  implied,  and  the  total  amplitude  ratios  for  the  HLH  appear  adequate 
in  comparison  with  the  curve  for  the  CH-54A.  At  lower  frequencies,  the 
fuselage  attitude  contribution  to  translation  is  less  for  the  HLH,  a 
desirable  feature  in  a  crane.  Note  also  that  the  frequency  limitation  due 
tc  ’  !ade  degree  of  freedom  in  Reference  9  was  shown  at  .  52  times  the 
CF  IA  rotor  frequency.  Above  this  frequency,  the  analysis  of  that 
repv/vt  would  have  had  to  include  the  blade  degree  of  freedom.  Using  the 
same  factor  for  the  HLH,  only  a  small  reduction  in  upper  frequency  was 
imposed  on  the  analysis.  Assuming  the  140-foot  "maximum  radius" 
rotor  of  Reference  27 ,  the  resulting  amplitude  ratio  would  apparently 
become  very  highly  attitude  -  oriented  within  the  analytical  boundaries. 
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Another  interesting  dynamic  phenomenon  associated  with  large  aircraft 
involves  linear  accelerations  at  the  pilot's  seat.  It  is  believed  that 
among  the  cues  which  reach  the  pilot  in  attitude  control  is  the  effect  of 
angular  pitch  acceleration  on  the  vertical  acceleration  at  Ms  position. 

For  the  same  angular  acceleration,  the  HLH  forward  facing  pilot  will 
receive  1.82  times  the  vertical  acceleration  of  the  CH-54A  pilot. 
Similarly,  the  aft-facing  pilot  will  receive  1.65  times  the  vertical 
acceleration  of  his  counterpart.  The  probable  result  of  this  added  cue 
could  be  better  attitude  control  plus  a  tendency  to  keep  control  inputs  to 
a  minimum.  The  roll  situation  is  reversed,  however,  since  the  pilot  in 
the  aft-facing  seat  is  below  the  principal  axis  of  roll.  This  acceleration 
cue  could  conceivably  cause  control  reversal.  A  comparison  of  flight 
experience  of  the  experimental  S-60  crane  with  the  CH-54A  (Reference  9) 
showed  that  the  problem  was  less  critical  in  the  latter  even  though  the 
relative  position  of  the  pilot  should  have  been  more  critical.  The 
conclusion  reached  therein  is  that  visual  reference  was  probably  more 
important  in  roll  control,  a  factor  which  had  been  greatly  improved  in 
the  CH-54A.  The  improved  visibility  plus  useful  fuselage  references, 
such  as  wide  main  landing  gear,  of  the  CH-54A  have  been  carried  over 
in  the  HLH. 

AUTOMATIC  FLIGHT  CONTROL  SYSTEM 

As  previously  stated,  the  CH-54A  automatic  flight  control  system,  or 
AFCS,  has  been  shown  to  be  suitable  for  the  HLH.  Improvements  in  the 
state  of  the  art  since  the  design  of  the  CH-54A,  including  many  of  the 
features  developed  for  the  newer  CH-53A  system  will  be  incorporated  into 
the  AFCS  for  the  HLH.  While  quantitative  definition  of  the  HLH  system 
parameters  has  not  been  undertaken  in  this  study,  the  system  can  be 
generally  described  with  considerable  accuracy. 

The  AFCS  operates  through  a  set  of  electro -hydraulic  servos  to  provide 
stabilizing  inputs  to  the  aircraft  flight  control  system.  Attitude  hold 
is  provided  by  redundant  pitch  and  roll  channels  while  heading  is  main¬ 
tained  by  a  nonredundant  yaw  channel.  Either  of  two  modes  of  altitude 
retention,  barometric  or  radar,  may  be  selected  at  the  pilot's  discretion 
to  supplement  the  pitch,  roll  and  yaw  stabilization. 

All  four  channels  have  limited  authority  (inner  loop)  control,  character¬ 
ized  by  small  AFCS  servo  outputs  which  provide  stabilizing  corrections 
without  moving  the  pilot's  flight  controls.  The  roll,  yaw,  and  altitude 
channels  have,  in  addition,  rate  limited  (outer  loop)  control  characterized 
by  stick  or  pedal  motion  for  larger  corrections.  The  outer  loop,  which 
operates  through  the  stick  trim  amplifier  in  altitude  and  with  an  open 
loop  spring  in  yaw,  is  responsible  for  the  elimination  of  steady- state 
errors  by  virtue  of  the  integral  nature  of  its  control.  The  roll  outer  loop 


system,  which  also  operates  through  the  stick  trim  amplifier,  provides 
for  the  extension  of  system  control  beyond  the  limited  authority  of  the 
roll  inner  loop  but  in  a  proportional  manner. 

Engagement  of  the  AFCS  servos  is  effected  by  means  of  switches  located 
on  the  AFCS  control  panel.  Pitch  and  roll  AFCS  servos  are  engaged 
simultaneously,  provision  being  made,  however,  for  engaging  either  the 
number  1  or  number  2  servos.  The  nonredundant  yaw  and  altitude  servos 
are  also  switched  on  and  off  simultaneously  with  a  single  switch  on  the 
control  panel.  Engagement  of  any  combination  of  AFCS  servos  facilitates 
manual  control  of  the  aircraft  (without  AFCS)  by  the  addition  of  hydraulic 
boost  between  the  pilot's  controls  and  the  primary  flight  servos. 

By  engaging  the  appropriate  pitch  and  roll  AFCS  and  servo  switches  (see 
Figure  304),either  number  1  or  number  2  pitch  and  roll  AFCS  electronics 
can  be  channeled  to  its  respective  number  1  or  number  2  pitch  and  roll 
servos.  The  aircraft  is  normally  flown  in  the  "ON-ON"  configuration^ 
i.e.,  all  switches  of  Figure  304  are  closed. 

When  engaged,  the  pitch  channel  uses  the  vertical  gyro  as  a  reference, 
deriving  both  proportional  and  rate  signals  from  its  output  (see  Figure 
305).  The  one  additional  dynamic  input  to  the  pitch  channel  is  the 
pitch  stick  position  sensor,  which  establishes  the  reference  point  about 
which  the  AFCS  operates.  Dual  CG  trims  are  provided  to  allow 
compensation  for  aircraft  loadings. 

The  roll  channel  (see  Figure  306)  derives  its  proportional  signal  from 
the  vertical  gyro,  but  due  to  aircraft  roll  response  characteristics  this 
channel  utilizes  a  rate  gyro  for  dan. ping.  The  requirement  for  large 
bank  angles  predicates  the  use  of  a  roll  gyro  synchronizer  to  null  the 
gyro  signal  while  a  bank  angle  is  being  commanded  if  stick  trim  release 
or  beeper  trim  is  utilized.  When  the  desired  bank  angle  is  established, 
deviations  from  that  angle  are  passed  through  the  synchronizer  to  the 
AFCS.  Because  the  rate  gyro  output  is  not  synchronized  during  bank 
angle  commands,  the  aircraft  responds  as  a  rate  damped  system.  That 
is,  the  stick  returns  to  its  original  position  after  the  establishment  of  a 
bank  angle,  while  the  aircraft  displays  well  damped  response  character¬ 
istics.  The  outer  loop  system  is  employed  here  to  extend  the  AFCS 
authority  by  repositioning  the  stick  as  a  function  of  roll  attitude  and  to 
allow  banks  initiated  against  the  stick  trim  for  automatic  return  to  trim 
upon  stick  release  by  the  pilot. 

The  yaw  channel  may  be  engaged  with  any  selected  mode  of  pitch  and  roll 
stabilization  by  engaging  the  yaw/altitude  AFCS  in  addition  to  yaw/altitude 
servos  (see  Figure  307).  Operation  of  the  yaw  channel  includes  tne  use 
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Figure  305  Pitch  Channel  Block  Diagram 
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Figure  306  Roll  Channel  Block  diagram 
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Figure  307  Yaw /Altitude  Switcl 


of  a  pedal  switch  activated  synchronizer  to  enable  the  pilot  to  change  his 
heading  reference  merely  by  putting  his  feet  on  the  pedals.  The  heading 
reference  is  provided  by  the  compass  system,  while  rate  damping  is 
provided  by  a  rate  gyro. 

In  addition  to  the  normal  pitch,  roll,  and  yaw  model  of  stabilization,  an 
automatic  coordinated  turn  mode  is  provided  (refer  to  Figures  306  and 
308).  The  coordinated  turn  circuitry  utilizes  an  accelerometer  and  roll 
rate  gyro  to  sense  lateral  acceleration  and  roll  rate,  both  of  which  are 
necessary  inputs  to  the  yaw  channel  during  the  coordinated  turn  mode  of 
operation.  With  an  airspeed  greater  than  60  knots,  initiation  of  an 
automatic  coordinated  turn  by  a  commanded  roll  attitude  and  one  or  more 
energized  pedal  switches  gates  both  roll  rate  gyro  and  lateral  acceler¬ 
ometer  signals  to  the  yaw  channel  while  synchronizing  the  directional 
gyro  signal.  A  rate  of  turn  is  then  commanded  and  increased  until  the 
lateral  accelerometer  output  is  zero,  at  which  point  the  turn  is 
coordinated. 

The  altitude  retention  capability  of  the  aircraft  provides  two  modes  of 
altitude  hold  (see  Figure  309),  either  of  which  may  be  energized  when  the 
yaw/altitude  servo  and  electronics  are  engaged.  Barometric  altitude  hold 
utilizes  a  barometric  controller  as  an  input  to  both  inner  and  outer  loops 
of  control,  the  altitude  reference  being  that  at  engagement.  The  baro¬ 
metric  altitude  hold  may  be  disengaged,  when  desired,  by  energizing  the 
collective  trim  release  trigger  on  the  collective  stick  or  by  depressing  a 
button  on  the  AFCS  control  panel. 

The  radar  altitude  mode  permits  the  selection  of  an  altitude  reference  by 
means  of  a  dial  on  the  AFCS  control  panel.  The  engagement  of  the  radar 
mode  automatically  disengages  the  barometric  altitude  mode.  Disen¬ 
gagement  of  the  radar  altitude  mode  may  be  effected  by  means  of  a  radar 
altitude  off  button  on  the  collective  stick  which,  if  energized,  automat¬ 
ically  reengages  the  entire  collective  channel  as  in  the  barometric  al¬ 
titude  mode. 

COMPLIANCE  WITH  MIL-H-8501-A 


This  section  presents  a  comparison  of  the  Sikorsky  HLH  to  the  MIL-H- 
8501 -A  (Reference  4)  requirement.  Paragraphs  are  numbered  to 
correspond  with  the  reference.  The  data  presented  are  for  hover  and 
forward  flight.  Fuselage  aerodvnamic  data  were  estimated  using  wind 
tunnel  data  for  the  CH-54A  and  reflected  the  expected  improvement 
in  pitching  moment  due  to  a  greater  tail  volume  coefficient.  Figures 
257  through  264  present  the  estimated  data  and  comparable  CH-54A  data. 
Trim  characteristics  with  various  CG's  and  gross  weights  plus  root  loci 
for  the  critical  aft  CG,  are  presented.  Table  LXI  contains  control  system 
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travel  and  ranges.  Discussion  of  the  paragraphs  of  MIL-H-8501-A  follows. 

3. 2  Longitudinal  Characteristics 

3. 2. 1  As  indicated  by  the  trim  curves  shown  in  Figures  270  through 
275,  the  HLH  is  capable  of  obtaining  steady,  smooth 

flight  over  a  speed  range  from  -30  knots  to  +130  knots. 
Throughout  this  speed  range  the  HLH  exhibits  a  sufficient 
margin  of  control  power  to  produce  at  least  10  percent  of  the 
maximum  attainable  pitching  moment  in  hover  to  control  the 
effects  of  longitudinal  disturbances  The  HLH  control  system 
is  hydraulically  and  irreversibly  pcwered  and  hence  is  free 
from  objectionable  shake,  vibration,  and  roughness  at  all 
speeds. 

3. 2. 2  Comparison  of  the  HLH  longitudinal  dynamic  stability  in 
hover.  Figure  285,  with  that  of  the  CH-54A,  Figures  289 
and  290,  shows  dynamic  similarity.  These  results,  coupled 
with  similar  control  sensitivities,  indicate  that  the  HLH,  as 
well  as  the  CH-54A,  can  be  hovered  with  less  than  ±1  inch  of 
control  deflection. 

3. 2. 3  The  controls  of  the  HLH  are  powered.  A  control  force  trim 
system  permits  trimming  the  cyclic  stick  force  gradients  to 
any  desired  neutral  position.  This  system  consists  of  a 
spring  loaded  strut  and  an  actuating  cylinder  such  that  the 
spring  can  be  adjusted,  or  "beeped.  "  by  the  pilot  to  a  new 
zero  force  location.  From  the  zero  force  position,  a  small 
breakout  force  is  provided  by  a  spring  preload  and  a  slight 
amount  of  system  friction  to  prevent  unattended  stick  motion 
following  external  disturbances.  After  the  breakout  force  is 
overcome,  force  gradients  are  smooth  and  uniform.  If  the 
cyclic  stick  is  moved  to  a  new  position  and  the  stick  tiim 
button  depressed,  the  stick  will  remain  in  this  new  setting 
when  the  button  is  released.  The  longitudinal  control, 
therefore,  is  self-centering  at  the  trim  position.  There  can 
be  no  stick  "jump"  when  the  trim  system  is  actuated,  since 
the  trim  position  coincides  with  .he  stick  position  on  ielease 
of  the  "beeper"  trim  button. 

3.  2.4  The  longitudinal  stick  force  gradient  meets  the  specification 
requirements  with  a  gradient  of  .  5  pound  per  inch  for  all  the 
trim  conditions  and  speeds  specified  in  3.  2.  J  (see  part  3  of 
Table  LXII).  There  are  no  undesirable  discontinuities  in  the 
force  gradient,  and  the  gradient  is  positive  in  slope  and  es¬ 
sentially  linear  throughout.  Figures  282  and  283  show  the 
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gradients  at  forward  and  aft  CG's  at  gross  weight  equal  to 
65,  800  pounds.  They  were  generated  by  cross  plots  of  the 
trim  curves  and  are  typical  of  all  weights.  However,  similar 
plots  may  be  generated  from  Figures  270  through  275  for 
other  gross  weights  if  desired. 

3. 2. 5  The  similarity  of  the  HLH  design  to  that  of  all  other  Sikorsky 
designs  insures  the  ability  of  this  aircraft  to  perform  safe 
accelerations  and  decelerations  from  hover  to  Vmax  and  back. 

3. 2. 6  As  can  be  seen  in  Part  1  of  Table  LXII,  the  force  and  position 
gradients  are  such  that  the  variation  of  the  stick  position 
through  the  speed  range  and  maneuvers  specified  produces 
maximum  forces  within  the  range  required  by  Table  II  of 
paragraph  3. 2. 6,  Reference  4. 

3. 2.7  As  shown  in  Part  2  of  Table  LXII,  the  breakout  forces, 
including  friction  forces  of  the  longitudinal  control  system,  are 
within  the  range  required  by  Table  II  of  paragra  '  3. 2. 6, 
Reference  4. 

3.2.8  Since  the  flight  controls  are  power  operated,  there  are  no  con¬ 
trol  force  coupling  or  objectionable  transient  forces  in  any 
direction  following  rapid  cyclic  or  collective  stick  deflections. 

3. 2. 9  The  rotor  follows  the  stick  motion  with  a  delay  of  less  than 
one  rotor  revolution.  The  angular  acceleration  will  be,  in  the 
desired  sense,  within  0.  2  second  following  the  initiation  of  a 
maneuver. 

3. 2. 10  Figures  270  through  275  show  static  trim  solutions  for  the  HLH 
in  level  flight,  climb  at  1500  feet  per  minute,  and  autorotative 
descent.  In  general,  all  the  requirements  of  this  section  may  be 
demonstrated  by  reference  to  these  figures.  At  low  gross 
weight,  longitudinal  stick  excursion  for  autorotative  entry 
appears  marginal,  and  stick  slope  tends  to  flhtten  at  low 
velocity  for  cei tain  loadings.  However,  comparison  with  the 
CH-54A,  Figures  279  and  280,  shows  considerable  similarity 

in  trends.  In  particular,  variation  of  attitude  with  velocity 
has  been  improved  appreciably  for  the  HLH.  This  is  a  direct 
result  of  the  relative  increase  in  horizontal  tail  area  chosen 
for  this  design. 

3. 2. 11  Figures  285  through  287  are  root  loci  for  the  HLH  longitudinal 
characteristics  at  normal  gross  weight  and  aft  CG.  In  general, 
the  aft  CG  is  critical  for  dynamic  stability.  Note  that  the  time 


to  double  amplitude  for  the  110-knot  case  is  smallest,  at  3. 3 
seconds,  but  the  period  of  oscillation  is  29  seconds.  Both 
the  hover  and  60-knot  cases  have  20-second  periods.  This 
meets  the  requirements  of  this  paragraph  without  stability 
augmentation.  Addition  of  the  CH-54A  AFCS  with  gains 
modified  by  factors  of  0. 5,  1.0,  and  2.0  are  shown  to  give  an 
indication  of  the  pilot  unburdening  to  be  expected  of  a  typical 
AFCS. 

3. 2. 11. 1  Figures  293,  295,  and  297  show  time  histories  of  the  HLH 
for  longitudinal  pull  and  hold  inputs.  The  normal  acceler¬ 
ation  and  angular  velocity  time  histories  without  AFCS  are 
concave  downward  almost  from  the  start  of  the  maneuver 

at  60  knots  but  not  at  110  knots.  With  AFCS,  the  time 
histories  are  satisfactory. 

3. 2. 11. 2  Figures  292,  294,  and  296  show  time  histories  of  the  HLH 
for  longitudinal  pull  and  return  inputs.  The  normal  ac¬ 
celeration  without  AFCS  is  again  satisfactory  at  60  knots 
but  is  marginal  at  110  knots;  with  AFCS,  the  time  histories 
are  satisfactory. 

3. 2. 12  As  seen  in  Figures  292  through  297,  the  response  of  the 

helicopter's  normal  acceleration  to  the  specified  input  will 
increase  with  time  until  the  maximum  acceleration  is 
approached.  Note  that  for  a  step  input  the  first  peak  occurs 
at  t  =  0. 

3. 2. 13,  3. 2. 14  TABLE  LXIII  demonstrates  the  ability  of  the  HLH  to 
meet  the  angular  displacement  requirements.  Comparison  of 
control  power  and  damping  of  the  HLH  and  the  CH-54A  with 
the  required  values  is  also  shown. 

3.3  Directional  and  Lateral  Characteristics 

3. 3. 1  The  scope  of  this  study  is  such  that  detailed  aerodynamic 
design  of  a  tail  rotor  was  not  undertaken.  However,  a  repre¬ 
sentative  tail  rotor  was  chosen  based  on  CH-54A  experience. 
The  blade  size  and  the  pitch  range  available  are  such  that  the 
HLH  can  taxi  straight  with  a  35 -knot  wind  from  any  direction. 
One -wheel  pivot  turns  can  also  be  accomplished. 

3. 3. 2  The  CH-54A  meets  this  requirement;  so,  by  the  argument  of 
3. 3. 1  above,  the  HLH  is  also  able  to  attain  right-  and  left  - 
side  flight  of  35  knots. 
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3. 3. 3  Comparison  of  the  HLH  lateral-directional  stability  in  hover. 
Figure  288,  with  that  of  the  CH-54A,  Figure  291,  shows 
dynamic  similarity.  These  results,  coupled  with  similar 
control  sensitivities,  indicate  that  the  HLH,  as  well  as  the 
CH-54A,  can  be  hovered  with  less  than  ±  1  inch  of  control 
deflection. 

3. 3.4  Figures  276  through  278  show  lateral  trim  solutions  for  the 
HLH.  Sufficient  lateral  trim  range  has  been  provided  to  allow 
wide  variation  of  lateral  CO  within  the  10-percent  limitations 
of  this  requirement.  In  particular.  Figure  268  shows  lateral 
cyclic  versus  CG  offset  for  the  hover  case  at  three  gross 
weights.  With  10*percent  authority  remaining,  the  CG  can  be 
35  inches  left  or  32  inches  right. 

3. 3. 5  Table  LXIU  demonstrates  the  ability  of  the  HLH  to  meet  the 
yaw  displacement  requirements. 

3. 3. 6  The  requirements  of  this  paragraph  are  met  if  .  224  inch 
of  HLH  pedal  remains  while  in  the  critical  trim  condition 
with  the  AFCS  off  or  if  .407  inch  remains  with  the  AFCS  on. 
This  condition  is  easily  met  by  the  CH-54A  and  by  the  applied 
design  growth  factors  is  also  met  by  the  HLH. 

3. 3. 7  As  indicated  by  the  information  of  Table  LX11I,  yaw  dis¬ 
placement  in  the  first  second,  following  a  1-inch  pedal  input, 
will  not  exceed  50  degrees. 

3. 3. 8  Figures  276  through  278  show  that  sufficient  tail  rotor  pitch 
and  lateral  cyclic  are  available  to  make  coordinated  turns  in 
each  direction  while  in  autorotation. 

3.3.9  Figure  310  shows  that  the  lateral -directional  trim  charac¬ 
teristics  of  the  HLH  meet  these  requirements.  Figure  311  is 
a  similar  plot  for  the  CH-54A. 

3. 3. 9. 1  It  is  possible  to  make  complete  turns  in  each  direction  with 
pedals  fixed  using  only  the  cyclic  control  stick  at  all  speeds 
above  50  knots.  Figure  299  shows  a  typical  lateral  cyclic 
input,  and  the  resulting  roll  rates  are  in  compliance  with 
this  requirement. 

3. 3. 9. 2  During  pedal  fixed  rolling  maneuvers,  the  CH-54A  presents 
no  objectionable  adverse  yaw.  Since  the  lateral  wind  tunnel 
data  estimated  for  the  HLH  are  linear,  no  adverse  effects 
are  predicted  for  this  aircraft. 
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3. 3. 10  The  lateral  control  forces  are  generated  in  the  same  manner 
as  the  longitudinal  control  forces  (see  paragraph  3.  2. 3).  The 
hydraulically  powered  control  system  reacts  the  flight  loads, 
and  the  beeper  trim  system  provides  force  centering  with 
breakout  and  gradient  forces. 

3. 3. 11  The  lateral  cyclic  stick  trim  is  designed  to  meet  the  force 
gradient  requirement  and  to  be  always  positive  and  approxi¬ 
mately  linear.  The  directional  system  uses  a  spring  and  dam¬ 
per  in  series.  This  provides  a  pseudo  gradient  with  auto  - 
matic  retrimming,  a  desirable  feature  for  cross  wind  hovering. 

3. 3. 12  Tt :  maximum  force  in  the  lateral  system  is  within  the  require¬ 
ments  (see  parts  1  and  3  of  Table  LXII),  such  that  the  specified 
maneuvers  cannot  require  forces  in  excess  of  these  require¬ 
ments. 

3. 3. 13  As  shown  in  Part  2  of  Table  LXII,  the  breakout  forces  in  the 
directional  and  lateral  systems  meet  this  requirement. 

3. 3. 14  The  controls  of  the  HLH  are  free  from  objectionable  transient 
forces  in  any  direction  following  rapid  lateral  stick  or  pedal 
deflections.  Since  power  operated  controls  are  used  through¬ 
out,  no  cross  coupling  of  forces  is  present. 

3. 3. 15  The  response  of  the  helicopter  to  a  lateral  control  input  will 
not  cause  the  pilot  to  overcontrol  unintentionally.  The 
greatest  rate  of  roll  for  this  helicopter  is  below  the  limit  of 
20  degrees  per  second  per  inch  of  stick  input.  Figure  299 
shows  the  result  of  a  1-inch  step  at  110  knots. 

3. 3. 16  The  lateral  and  directional  responses  following  control  dis¬ 
placement  are  in  the  proper  direction  within  0. 2  second,  and 
the  comments  of  paragraph  3.  2. 9  apply. 

3. 3. 17  The  lateral  trim  curves,  Figures  276  to  278,  indicate 
that  no  excessive  latex  al  a  im  changes  accompany  collective 
and/or  power  changes  throughout  the  flight  envelope.  Figure 
281  gives  comparable  and  acceptable  curves  for  the  CH-54A. 

3. 3. 18  Table  LXIII  indicates  that  the  lateral  control  power  of  the  HLH 
is  sufficient  to  meet  these  requirements. 

3.3. 19  Table  LXIII  indicates  that  the  roll  damping  of  the  HLH  meets 
this  requirement  with  AFCS  on  and  off.  This  table  also 
indicates  that  the  yaw  damping  meets  the  requirement  with 
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AFCS  on  but  not  with  it  off. 


3. 4  Vertical  Characteristics 


3.4.1  The  so-called  "zeros"  of  the  vertical  transfer  functions  for 
both  the  CH-54A  and  HLH  are  shown  on  the  root  locus  plots, 
Figures  285  and  289.  The  predicted  characteristics  are 
similar,  and  the  altitude  hold  requirements  should  be  ac¬ 
ceptable. 

3. 4.  2  The  collective  stick  of -the  HLH  has  a  pilot  operated  friction 

lock  which  prevents  "creeping"at  any  time.  Since  all  controls 
are  irreversibly  power  operated,  no  cross  coupling  of  cyclic 
or  pedals  to  collective  stick  occurs  even  with  the  lock  dis¬ 
engaged.  The  control  and  breakout  forces  are  presented 
in  parts  1  and  2  of  Table  LXII  and,  as  can  be  seen,  comply 
with  those  required. 

3.4. 3  The  power  operated  controls  are  irreversible  and,  hence, 
have  no  control  force  coupling. 

3. 5  Autorotation,  Rotor  Characteristics,  Miscellaneous  Requirements 


3. 5. 1  While  direct  analytical  substantiation  of  this  requirement 
was  not  performed  during  this  study,  past  experience  indi¬ 
cates  that  while  on  the  ground,  the  HLH  can  start  and  stop 

the  rotor  blades  in  winds  up  to  45  knots  or  moie.  The  CH-54A 
and  other  models  have  repeatedly  demonstrated  this  ability. 

3.5.2  Cyclic  pitch  control  allows  the  HLH,  without  the  use  of  wheel 
chocks,  to  maintain  a  fixed  position  on  a  level  paved  surface 
with  takeoff  rotor  speed  while  power  is  being  increased  to 
takeoff  power  in  wind,  as  specified  in  paragraph  3. 5.4.1. 

The  HLH  can  perform  all  required  maneuvers,  including 
taxiing  and  pivoting,  without  damage  to  the  rotor  head  and 
without  contact  between  the  blades  and  any  part  of  the  aircraft’s 
structure. 

3. 5. 4. 1  Based  on  the  experience  gained  with  the  CH-54A  and 
other  single,  low  offset,  cyclically  controlled  rotor  con¬ 
figurations,  the  HLH  is  capable  of  making  safe  vertical  take¬ 
offs  and  landings  in  steady  winds  up  to  45  knots  and  winds 
with  45-knot  gusts. 

3.5.4. 2,  3.5.  4.3  Structural  design  of  the  landing  gear  for  the  HLH 


3.5.3 

s 

1 

3.5.4, 
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was  outside  the  scope  of  this  study.  However,  assuming 
standard  design  practices,  the  HLH  is  capable  of  safe  running 
takeoff  at  ground  speeds  from  zero  to  over  35  knots.  Safe 
landings  with  power  on  or  power  off  at  ground  speeds  to  35 
knots  is  also  possible. 

3. 5. 4.4  Through  the  application  of  rearward  cyclic  pitch  and  brakes, 
the  requirement  to  reduce  speeds  from  35  knots  to  zero  within 
MO  feet  on  a  level  paved  surface  is  complied  with. 

3. 5.4.5  Emergency  Flotation  -  Not  applicable. 

3. 5.5  Sikorsky  helicopters  have  repeatedly  demonstrated  adequate 
controllability  following  complete  multi-engine  power  loss  or 
power  application  at  any  speed.  Time  delays  of  up  to  2 
seconds  for  manual  collective  control  motion  have  been 
demonstrated  on  H-3  type  aircraft.  At  the  request  of  the 
Bureau  of  Naval  Weapons,  Sikorsky  Aircraft  conducted  un- 
alerted  system  failure  studies  to  determine  the  general 
alertress  of  pilots  and  specific  delay  time  involved.  It  was 
found  that,  depending  on  the  type  of  input  and  associated  cues, 
the  pilot  reaction  times  ranged  from  0.  25  to  0. 85  second 
(Reference  39).  Based  on  these  findings,  Sikorsky  can 
demonstrate  safe  transition  from  full  power  loss  using 
standard  pilot  reaction  times  for  cyclic  control  inputs  and  the 
required  2-second  delay  in  collective  inputs. 

3. 5. 6  The  control  forces  during  the  transition  to  autorotative 
flight  under  the  conditions  of  paragraph  3.5.5  will  never  ex¬ 
ceed  the  values  specified.  The  hydraulic  pumps  for  the 
control  system  are  geared  to  the  rotor,  not  the  engines,  so 
control  forces  remain  within  the  maximum  values  cited  in 
Table  LXII. 

3. 5.7  Minimum  autorotational  touchdown  speed  is  a  function  of  pilot 
technique;  the  "Relative  Autorotative  Index"  (Reference  29) 
gives  a  qualitative  criterion  for  autorotation  ability. 

The  formula  RAI  =  (l22) 

GW /DA 

was  evaluated  for  both  the  HLH  and  the  CH-54A,  and  a  marked 
improvement  in  the  HLH  rotor  is  apparent.  For  the  CH-54A, 
RAI  x  1()3  =  4. 6;  while  for  the  HLH,  RAI  x  10^  =  6.  8.  Based 
on  these  results,  the  HLH  should  demonstrate  excellent  auto¬ 
rotative  characteristics,  and  touchdown  speeds  less  than  15 
knots  will  easily  be  achieved. 
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3. 5. 8  This  paragraph  of  Reference  4  specifies  the  requirements  to 
be  met  by  the  control  system  in  the  event  of  primary  control 
system  failure.  Since  cyclic  and  collective  controls  are 
arranged  with  independent  auxiliary  and  primary  servos,  each 
section  of  this  paragraph  can  be  met  with  ease.  Both  the 
primary  and  the  auxiliary  servo  are  capable  of  reacting  the 
control  forces  independently.  Hydraulic  pumps  are  geared 

to  the  main  rotor  at  the  main  gearbox,  and  thus  will  not  be 
affected  by  engine  or  electrical  failure.  On  the  ground,  an 
auxiliary  power  unit  supplies  hydraulic  pressure  for  the  servo 
system. 

3.5.9  A  comprehensive  study  of  automatic  flight  control  systems 
(ArCS)  was  beyond  the  scope  of  this  report.  However,  to 
show  the  expected  trends,  the  AFCS  of  the  CH-54A  was  applied 
to  the  HLH  with  gains  modified  by  multiples  of  0. 5,  1.0,  and 
2.0.  Root  locus  plots  for  these  cases  are  presented  as 
Figures  285  through  288.  In  addition,  Figure  290  is  a  com¬ 
parable  plot  for  the  CH-54A.  It  can  be  noted  that  similar 
results  are  possible;  and  with  similar  equipment,  the  re¬ 
quirements  of  this  section  can  be  met.  The  projected  AFCS 
for  the  HLH  is  discussed  further  under  a  separate  heading  in 
this  section. 

3. 5. 10  For  all  operating  conditions,  the  dead  spots  in  any  of  the 
control  systems  will  not  exceed  ±  0. 2  inch  of  motion  of 
cockpit  control  without  corresponding  motion  of  the  rotor 
blades,  since  this  criterion  is  used  in  the  mechanical  design 
of  the  control  linkage. 

3. 5. 11  For  all  operating  conditions,  mechanical  coupling  between 
controls  does  not  introduce  adverse  response  of  the  heli¬ 
copter.  These  couplings  would  be  very  similar  in  direction 
and  magnitude  to  those  of  the  CH-54A,  an  acceptable  solution. 

3.5. 11. 1  Inclusion  of  sufficient  overtravel  on  control  position  allows 
mechanical  coupling  without  adverse  limitations  in  control 
power  and  range. 

3. 6  Instrument  Flight  -  Not  Applicable 

3.7  Vibration  Characteristics 

3.7.1  Vibration  characteristics  are  an  inherent  part  of  detailed 
airframe  design,  and  as  such,  are  beyond  the  scope  of  this 
study.  However,  assuming  standard  design  practices,  the 


5  6  5 


HLH  is  free  of  objectionable  shake,  vibration,  and  roughness, 
and  the  intent  of  this  paragraph  is  satisfied. 

3.7.  2  Since  the  control  system  is  fully  powered,  the  magnitude  of 
the  vibratory  force  at  the  controls  in  any  direction  during 
rapid  longitudinal  or  lateral  stick  deflections  is  practically 
zero. 

3.7. 3  The  comments  of  paragraph  3. 7. 1  apply  here  also.  However, 
assuming  standard  design  practices,  the  HLH  is  free  of 
mechanical  instability  including  ground  resonance.  It  is  also 
free  from  rotor  weaving  and  flutter  that  influence  helicopter 
handling  qualities  during  all  operating  conditions,  such  as 
landing,  takeoff,  and  forward  flight. 

3.8  Multi-Engine  Characteristics 

The  hydraulic  system  of  the  HLH  is  driven  from  the  main 
gearbox.  Therefore,  with  one  engine  inoperative,  the  control 
force  gradients  are  not  affected  by  the  number  of  engines 
operating. 
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TABLE  LXII 

CONTROL  FORCES  AND  GRADIENTS 


Control  System 

MIL-H 

Min 

-8501- 

Max 

A 

Sikorsky  HLH 

CH-54A 

1.  Limit  Control  Forces  (lb) 

Longitudinal  Cyclic 

- 

8.0 

6.5 

4.58 

Lateral  Cyclic 

- 

7.0 

6.5 

4.45 

Collective 

- 

7.0 

- 

- 

Directional 

- 

15.0 

- 

- 

2.  Breakout  Forces  (lb) 

Longitudinal  Cyclic 

0.5 

1.5 

1.5 

1.5 

Lateral  Cyclic 

0.5 

1.5 

1.5 

1.5 

Collective 

1.0 

3.0 

1.0 

1.0 

Directional 

3.0 

7.0 

5.0 

5.0 

3.  Force  Gradients  (lb/in) 

Longitudinal  Cyclic 

0.5 

2.0 

0.5 

0. 363* 

Lateral  Cyclic 

0.5 

2.0 

0.5 

0.342* 

Collective 

- 

- 

- 

- 

Directional 

- 

- 

- 

- 

*  These  gradients  were  the  result  of  collected  pilot  opinion  during  early 
flight  tests  of  the  CH-54A  and  are  considered  optimum  for  this  aircraft. 
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TABLE  LX1II 

COMPARISON  OF  HLH  AND  CH-54A  HOVER  CHARACTERISTICS 
HLH  -  80,000  POUNDS  -  GROSS  WEIGHT 
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APPENDIX 

MAIN  ROTOR  BLADE  DESIGN  STUDY  RESULTS 


The  design  study  which  was  conducted  as  a  part  of  the  establishment  of 
criteria  for  parametric  analysis  produced  data  of  value  in  establishing 
weight  trends  (Figure  4  in  Reference  40  shows  the  correlation  achieved) 
but  which  did  not  fall  into  any  of  the  categories  discussed  in  the  report* 
For  this  reason,  the  results  of  the  design  study  are  presented  here  for 
information  and  background. 

The  blade  designed  was  for  a  ~.ix-bladed  rotor  of  95-foot  diameter.  Blade 
aspect  ratio  was  16. 1;  chord  was  2.95  feet.  A  typical  outboard  section 
is  shown  in  Figure  312.  It  will  be  noted  that  the  spar  is  a  D-shaped 
machined  extrusion  with  a  nonstructural  trailing  edge  attached  by  adhesive 
bonding  and  a  nonstructural  leading  edge  counterweight  supported  in  an 
elastomer  within  the  nose  of  the  spar.  The  inner  spar  cavity  is  of  con¬ 
stant  contour  over  the  entire  length  of  the  blade,  while  the  outer  top  and 
bottom  surfaces  are  tapered,  and  the  backwall  has  three  steps  . 

Various  spar  section  contours  showing  the  variation  of  wall  thickness 
are  shown  in  Figures  313  and  314.  Actual  thickness  variation  selected 
for  680 -  foot  -  pe  r  -  s  econd  tip  speed  resulted  in  the  spar  section  property 
distributions  shown  in  Figures  315  through  317,  the  trend  being  similar 
for  all  of  the  spar  designs  studied.  The  weight  distribution  for  the  680- 
foot-per- second  blade  is  shown  in  Figure  318,  representing  the  weight 
of  the  spar,  and  estimated  contributions  of  nonstructural  components,  tip 
balance  weight  installation,  BIM(g) seals,  and  various  items  of  hardware. 
The  blade  cuff  and  its  associateaattaching  hardware  are  not  included  in 
this  plot.  Figure  319  summarizes  the  weights  of  several  blades  designed 
for  various  tip  speeds  and  shows  the  700-foot-per-second  point  finally 
selected,  with  a  blade  weight  of  840  pounds. 

The  resonant  frequencies  determined  for  this  blade  are  shown  in  Refer¬ 
ence  40,  Figures  42*  and  43*;  the  frequency  plot  was  found  to  be  nearly 
identical  to  those  for  several  main  rotor  blades  of  present  production 
models.  An  indication  of  blade  stress  distribution  can  be  obtained  from 
the  bending  moment  envelope  plot  of  Figure  320  for  one  of  the  flight 
conditions  checked  during  the  design  study. 


*These  curves  are  repeated  as  Figures  50  and  51  of  this  report. 
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Airfoil  =  MAC A  0012 
Chord  -  2.95  feet 

Spar  Width  (h)  -  hC#  Chord  at  Tip  Ehd 


Figure  314  HLH  Spar  Half-Sections 
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Figure  315  Main  Rotor  Blade  Spar  Area 


Figure  316  Main  Rotor  Blade  Flapwise  Moment  of  Inertia 


Weight  Distribution 


Blade  Weight  with  Cuff  x  1(j  (lb  ) 


Figure  319  Blade  Weight  Versus  Design  Tip  Speed 
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Bending  Moment  x  10" J  (ft 
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ROTOR  LOADS  FOR  DYNAMIC  ANALYSIS 

Presented  are  the  estimated  rotor  loads  used  for  the  dynamic  analysis. 
The  loads  are  considered  adequate  for  a  comparative  evaluation  of  the 
single  and  tandem  rotor  configuration. 

One-Cvcle-Per-Revolution  Rotor  Load 

Blade  out-oi-track  conditions  are  the  primary  causes  erf  one -cycle -per  - 
revolution  excitation.  The  out-of-track  condition  results  in  one-cycle - 
per-revolution  hub  moments  and  shear.  The  shear  component  was 
neglected,  resulting  in  a  conservative  estimate  of  one-cycle-per-revolu- 
tion  loads.  The  estimated  one-cycle-per- revolution  loads  are  as  follows: 

Tandem  83,000  in-lb/in,  blade  out-of-track 

Single  54, 000  in-lb/in,  blade  out-of-track 

The  tandem  load  is  higher  because  of  greater  blade  mass  (771  lb/blade 
versus  658  lb/blade)  and  because  of  the  higher  tandem  rotor  rpm  (189 
revolutions  per  minute  versus  146  revolutions  per  minute).  Two  tandem 
one-per-revolution  load  phasings  were  considered,  representing  both  in 
phase  and  out  of  phase  between  the  two  rotors. 

N-Cycles-Per-Revolution  Rotor  Loads 

Forces  transmitted  to  the  fuselage  from  blade  root  shear  have  been 
measured  for  the  H-21  and  SH-3A  helicopters.  These  forces  were 
scaled  to  the  HLH  configuration  by  using  a  C\/a-  scaling  factor  and  are 
tabulated  below  for  100  knots  indicated  airspeed. 

Single  Rotor 

Force  -  vertical,  6  per  revolution  -  1925  lb 

Force  -  longitudinal,  6  per  revolution 
(fixed  system)  -  1290  lb 

Tandem  Rotor 


Fwd  Rotor 

Force  -  vertical,  3  per  revolution  -  1500  lb 

Force  -  longitudinal,  3  per  revolution 
(fixed  system)  -  3000  lb 


i 

! 
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Aft  Rotor 


Force  -  vertical,  3  per  revolution  -  3600  lb 

Force  -  longitudinal,  3  per  revolution 
(fixed  system)  -  2100  lb 

For  the  HLH,  the  phasing  of  the  forces  is  unknown.  Hence,  all  possible 
(real)  phase  additions  were  analyzed.  Results  presented  in  the  dynamic 
analysis  section  considered  both  the  poorest  and  best  vector  additions  of 
loads. 
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Spar  Fatigue  Analysis 

A  complete  fatigue  analysis  of  the  spar  was  performed  for  each  of  the 
conditions  in  the  flight  spectrum.  Spanwise  station  r  =  22. 9  feet  was  the 
most  highly  stressed  station  of  the  spar  for  all  conditions  analyzed  for 
fatigue.  A  sample  calculation  is  shown  in  detail.and  the  complete  results 
are  summarized  in  Table  Lll. 

Evaluation  of  the  spar  shows  a  service  life  of  almost  9000  hours,  greatly 
exceeding  the  design  requirements  of  the  work  statement.  However,  its 
replacement  is  on  an  "on-concition"  basis.  The  blade  B1M  system  pro¬ 
vides  a  fail-safe  spar  design,  by  visually  indicating  the  structural  integ¬ 
rity  of  the  spar.  The  service  time  combined  with  the  BIM® system 
eliminates  the  need  for  any  arbitrary  replacement  time.  (Replacement 
is  "on  condition"  as  determined  by  BlMgj  indications.) 

The  method  used  to  predict  the  effect  of  repeated  loads  on  the  blade  spar 
“ros  the  hypothesis  by  M.  A.  Miner  (Reference  36)  on  the  concept  of 
cumulative  damage.  If  N  is  the  number  of  applied  stress  cycles  at  a 
specified  stress  level  and  M  is  the  number  of  cycles  required  to  initiate 
a  fatigue  crack  at  that  stress  level,  Miner's  hypothesis  states  that  a 
fatigue  crack  will  be  initiated  when  the  summation  of  the  increments  of 
fatigue  damage  equals  unity,  or 


The  reliability  of  the  damage  calculation  >s  the  same  as  the  reliability 
associated  with  the  S-N  curve  used  to  determine  the  various  values  of  M. 

An  S-N  curve  is  shown  in  Figure  189.  It  is  based  on  full-sized  test  speci¬ 
mens  of  similar  geometry  tested  in  the  Sikorsky  Fatigue  Testing  Labora¬ 
tory.  The  specimens  were  tested  with  steady  loads  and  combined  flapwise 
and  edgewise  bending  moments  applied  in  proportion  to  actual  flight  values. 
The  mean  curve  is  then  reduced  to  obtain  a  working  curve. 
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TABLE  LII 

FATIGUE  ANALYSIS  OF  SPAR 


RECr  '"0 

OCT  1*3  1967- 


CFSTJ 


Condition 

Mission 

Time 

% 

Vibratory  Allowable 
Stress  at  Cycles 

8000  lb/in^  Figure  189 
Steady 

Allowable  Damage 
Time 
hr 

Warm-up  and 

12  Ton 

1.350 

00 

00 

0 

Takeoff 

20  Ton 

1.225 

- 

00 

00 

0 

Hover 

12  Ton 

14.100 

- 

00 

00 

0 

(Steady  State) 

20  Ton 

7.325 

- 

00 

GO 

0 

Hover 

12  Ton 

1.425 

- 

00 

GO 

0 

(Turns  and 

20  Ton 

3. 175 

- 

00 

GO 

0 

Reversals) 

Cruise 

12  Ton 

53.125 

- 

00 

JO 

0 

(Steady  State) 

20  Ton 

11.275 

- 

00 

GO 

0 

Maneuvers 

12  Ton 

and  Gusts 

L.  F.  =1. 13 

12  Ton 

3.504 

5,  750 

OD 

GO 

0 

L.  F.  =1.  38 

12  Ton 

.  950 

8, 000 

1.0  X108 

11,410 

.00008 

L.  F.  =1.  63 

12  Ton 

.300 

10,000 

2.5  X106 

285 

.00105 

L.  F.  =1. 88 

12  Ton 

.  100 

12,  250 

7.0  X105 

80 

.00125 

L.  F.  =2. 13 

12  Ton 

.079 

14,  250 

3.4  X105 

3° 

.00202 

L.  F.  =2.  50* 

12  Ton 

.007 

12,  250 

7.0  X105 

69 

.00010 

L.  F.  =2.  50 

12  Ton 

.060 

17,662 

1.4  X105 

16 

.00375 

5.000 

Maneuvers 

20  Ton 

and  Gusts 

L.  F.  =1.  13 

20  Ton 

1.500 

5,  500 

00 

00 

0 

L.  F.  =1.  38 

20  Ton 

.270 

7,000 

00 

00 

0 

L.  F.  =1.  63 

20  Ton 

.  124 

9,500 

4.5  X106 

514 

.00024 

L.  F.  =1. 88 

20  Ton 

.062 

11,800 

8.0  X105 

91 

.00068 

L.  F.  =2.  50* 

20  Ton 

.007 

11, 226 

1.1  X106 

i09 

.00006 

L.  F.  =2.  50 

20  Ton 

.037 

16,978 

1.65X  105 

19 

.00197 

TWO 


2=100.000  Total  Damage  =  .01120 

Replacement  Life  =  100  _  100  =  g928  hr 

Damage  .01120 _ ' _ _ 

Note:  All  conditions  are  at  8,  760  cycles/hour  except  as  noted  by  asterisk. 
*  Power  Off  at  10,080  cycles/hr.  _ _ 
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